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Abstract

Interplanetary CubeSats enable universities and small-spacecraft consortia to pursue low-cost,
high-risk and high-gain Solar System exploration missions, especially Mars missions. Cost-
e [edtive, reliable, and flexible space systems need to be developed for CubeSats to embark
on interplanetary missions. Primary propulsion systems become an integral part of inter-
planetary CubeSats since orbital manoeuvring and control become indispensable. CubeSat
missions can be accomplished by a) in-situ deployment by a mother ship, and b) highly flex-
ible stand-alone Cubesats on deep-space cruise. Stand-alone CubeSats have a high degree of
flexibility and autonomy which widen the launch windows and introduce new paradigms in
autonomous guidance, navigation and control.

The current work focuses on design and performance characterisation of combined chemical-
electric propulsion systems that shall enable a stand-alone 16U CubeSat mission on hybrid
high-thrust—low-thrust trajectories from Earth to Mars. The emphasis is on combined propul-
sion since they are two separate systems in the same spacecraft that are used in di[erknt
mission phases. Hybrid transfer solutions that utilise chemical—electric propulsion achieve
a balance between system mass and transfer time. The application case is the Mars At-
mospheric Radiation Imaging Orbiter (MARIO), a 32 kg 16U CubeSat mission that shall
demonstrate the capabilities to escape Earth, perform autonomous deep-space cruise, achieve
ballistic capture, and be emplaced on an operational orbit about Mars.

Chemical propulsion design is based on the AV requirement of 445 m/s for Earth escape
and Mars capture orbit stabilisation, thrust constraint of 3 N, and combined propulsion
system mass constraint of 50% of the initial wet mass. The system utilises non-toxic green
monopropellant, an Ammonium Dinitramide (ADN)-blend called FLP-106, to improve safety
and performance over conventional propellants such as Hydrazine. The thruster operates at 2
MPa combustion pressure. The nozzle throat diameter is 0.75 mm, the expansion area ratio
is 200 and an expansion half angle of 15°. Two thrusters are used and the total thrust yield
is 3.072 N and the Igp yield is 241.2 seconds. High-thrust trajectory analysis is performed to
calculate the propellant consumption for the shortest time for Earth escape. The high-thrust
trajectory is executed in multiple burns to raise the orbit and each thruster burn is split
equally before and after the perigee. The overall flight time, including powered and ballistic
flight, until reaching eccentricity e = 1 is [33103 days. The total propellant mass is 5.725
kg for the required AV. Four elliptical dome ended cylindrical tanks, with a total volume
of 4640.4 cm?, are used to accommodate the propellant. The tanks are designed for a burst
pressure of 3.9 MPa and a nominal feed pressure of 2.2 MPa. A pressuriser tank with a volume
of 492 cm® containing gaseous nitrogen at 28 MPa is designed to maintain the propellant tank
pressure. The total feed system volume is 8U. The overall mass of the chemical propulsion
system is 6.91 kg, which is 21.59% of the wet mass (32 kg).
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Electric propulsion is utilised in executing low-thrust autonomous heliocentric transfer, achiev-
ing ballistic capture, and circularising the spacecraft trajectory to an operational orbit about
Mars. The design is based on the requirements placed on maximum transfer time and max-
imum power consumption as well as the constraint on the combined propulsion system mass.
A performance model of an iodine-propelled inductively coupled miniature radiofrequency ion
thruster is implemented to calculate the variation of thrust, specific impulse and e Lciehcy
with input power. The thruster size is 2.5 cm. The initial mass flow rate is maintained at
48 pg/s and the grids are maintained at 2000 V potential di Lerence for ion acceleration. The
maximum thrust yield is 1.492 mN and the maximum lg, is 3168 seconds, considering the
maximum input power of 67 W. The thrust and lsp increase/decrease with increasing/de-
creasing input power, which in turn depends upon the Sun-spacecraft distance. A power
constrained low-thrust trajectory optimisation utilising the thruster performance model is
pursued to calculate the transfer time, AV and the required propellant mass for fuel-optimal
and time-optimal transfers. Low-thrust circularization is then performed to complete the
mission design and to size the system. For the time-optimal transfer, the total time of flight
is 1250 days with a continuous thrusting period of 1186.83 days. The cumulative AV is 5.837
km/s. The total propellant mass amounts to 5.87 kg for a time-optimal heliocentric transfer
and low-thrust circularization. A thermoplastic propellant tank with dimensions of 20 cm x
10 cm x 6.5 cm is used to store the propellant. Including the PPCU and the feed system,
the overall volume amounts to 3U. The overall system mass is 6.57 kg, which is 20.53% of the
launch mass.

Preliminary systems design of MARIO is presented to provide an overview of the mission and
the context for the research. The system architecture and flight systems design that includes
information on subsystems such as power, communications etc. are presented. The config-
uration of the MARIO spacecraft and the system budgets are also presented. Reflectarrays
along with high-gain antennas are utilised to establish long-distance low-bandwidth X-band
communication link with the Earth. Two deployable solar arrays with a drive mechanism
are utilised for continuous power generation. The spacecraft uses a modified 16U structure
with aluminium shielding. A customised VIS and IR range camera is used along with a
high-capacity processor for observation and on-board processing.

Concurrent optimisation of low-thrust trajectory and electric thruster operations is performed
to achieve comprehensive optimal solutions for heliocentric transfers. Thruster control para-
meters such as input grid voltage, mass flow rate, and RF coil power along with trajectory
control parameters such as azimuth and elevation thrusting angles in spacecraft body centred
frame are concurrently optimised to achieve transfers with minimum flight time. The defin-
ition of this framework paves the way for autonomous and responsive thruster operations
along the trajectory for achieving e Lcieht transfers without human intervention. This shall
enable a comprehensive design of autonomous interplanetary CubeSats.

Combined chemical-electric propulsion could lead to a major paradigm shift in solar system
exploration e [orts using CubeSats at high science-to-investment ratio.
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Sommario

| CubeSat interplanetari consentono alle universita e ai consorzi di piccoli satelliti di compiere missioni
di esplorazione del sistema solare a basso costo, ad alto rischio e ad alto impatto, in particolare verso
Marte. Sistemi spaziali economici, a [dabili e flessibili devono essere sviluppati a [nché i CubeSat
possano intraprendere missioni interplanetarie. | sistemi di propulsione primaria diventano parte
integrante dei CubeSat interplanetari poiché sono indispensabili per le manovre e il controllo orbitale.
Le missioni CubeSat possono essere caratterizzate (a) da un posizionamento in-situ e [efituato da un
satellite madre o (b) da CubeSat autonomi e altamente flessibili, in grado di compiere una crociera
nello spazio profondo. Un alto grado di flessibilita e indipendenza permette ai CubeSat autonomi
di allargare le finestre di lancio e introdurre nuovi paradigmi nella guida, navigazione e controllo
autonomi.

Il presente lavoro si concentra sulla progettazione e la caratterizzazione delle prestazioni di sistemi di
propulsione combinati chimico—elettrici per consentire missioni di CubeSat 16U autonomi su traiettorie
ibride ad alta/bassa spinta, dalla Terra a Marte. L’enfasi € sulla propulsione combinata, che consiste
in due sistemi separati nello stesso satellite, i quali vengono utilizzati in diverse fasi della missione.
Le soluzioni di trasferimento ibrido che utilizzano la propulsione chimico—elettrica permettono un
compromesso tra la massa del sistema e il tempo di trasferimento. Il caso di studio é la missione Mars
Atmospheric Radiation Imaging Orbiter (MARIO), una missione che prevede I'impiego di un CubeSat
di 16U da 32 kg, il quale deve essere in grado di sfuggire dalla Terra, eseguire una crociera autonoma
nello spazio profondo, realizzare la cattura balistica ed essere collocato in un’orbita operativa attorno
a Marte.

Il design della propulsione chimica si basa su un requisito di AV, corrispondente a 445 m/s, per sfuggire
dalla Terra e stabilizzare I'orbita di cattura attorno a Marte, su un vincolo di spinta di 3 N e su un
vincolo di massa del sistema di propulsione combinata del 50% della massa iniziale al lancio. Il sistema
utilizza un monopropellente green non tossico, nello specifico, una miscela di ammonio dinitramide
(ADN) denominata FLP-106, il quale & piu sicura e performante rispetto ad altri propellenti (e.g.
idrazina). La pressione in camera di combustione del propulsore é di 2 MPa. Il diametro di gola
dell’'ugello & pari a 0.75 mm, il rapporto delle aree E pari a 200 ed il semi-angolo di espansione & pari a
15°. Vengono impiegati due propulsori in grado di fornire una spinta totale di 3.072 N ed un impulso
specifico di 241.2 s. E stato eseguita un’analisi di traiettoria ad alta spinta per calcolare la quantita
di propellente necessaria da garantire un fuga dalla Terra nel minor tempo possibile. La traiettoria
ad alta spinta viene eseguita tramite manovre multiple per allargare I'orbita ed ogni manovra viene
suddivisa in parti uguali prima e dopo il perigeo. Il tempo di volo totale, alimentato e balistico, fino
al raggiungimento di un eccentricita e = 1 ¢ pari a [33103 giorni. Per il AV richiesto, la massa di
propellente necessaria € di 5.725 kg. Quattro serbatoi di forma cilindrica con estremita ellissoidali,
per un volume totale di 4640.4 cm?, sono utilizzati per lo stoccaggio del propellente. | serbatoi sono
progettati per resistere ad una pressione di scoppio di 3.9 MPa e ad una pressione di alimentazione
nominale pari a 2.2 MPa. Per mantenere i serbatoi del propellente in pressione, & stato progettato un
serbatoio pressurizzato, di volume pari a 492 cm3, contenente azoto gassoso inizialmente alla pressione
di 28 MPa. La massa totale del sistema di propulsione chimica & 6.91 kg, corrispondente al 21.59%
della massa iniziale al lancio (32 kg).
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La propulsione elettrica viene utilizzata per eseguire il trasferimento eliocentrico autonomo a bassa
spinta, per realizzare la cattura balistica e per la circolarizzazione della traiettoria del satellite in
un’orbita operativa attorno a Marte. Il design si basa sui requisiti posti sul tempo di trasferimento
massimo, sul massimo consumo di potenza e sul vincolo della massa del sistema di propulsione com-
binata. Inoltre, & stato implementato un modello di prestazioni di un propulsore ionico in mini-
atura, basato sullo iodio, attivato tramite radiofrequenza e accoppiato induttivamente. Tale modello
e utilizzato per calcolare la variazione di spinta, I'impulso specifico e I’e [Ciehza in funzione della po-
tenza in ingresso. La dimensione caratteristica di tale propulsore € 2.5 cm. La portata massica €
mantenuta a 48 pg/s, mentre, per garantire I'accelerazione degli ioni la dilerknza di potenziale delle
griglie &€ mantenuta a 2000 V. Considerando il caso in cui viene fornita la potenza massima, pari a 67
W, la spinta massima & di 1.492 mN e il massimo ls, € di 3168 s. La spinta e I'lsp crescono/diminuis-
cono con la crescita/diminuzione della potenza fornita, la quale a sua volta dipende dalla distanza dal
Sole. Un’ottimizzazione di traiettoria a bassa spinta, basata sul modello di prestazioni del propulsore
e vincolata dalla potenza, é e [eftuata per calcolare il tempo di trasferimento, il AV e la massa di
propellente richiesta per trasferimenti a tempo minimo e trasferimenti ottimi in termini di propellente.
Viene quindi eseguita una circolarizzazione a bassa spinta della traiettoria per completare il design
della missione e dimensionare il sistema. Considerando il caso di trasferimento a tempo minimo, il
tempo totale di volo ¢ 1250 giorni, incluso un periodo di spinta continua pari a 1186.83 giorni. Il AV
cumulativo é pari a 5.837 km/s. Nel caso di trasferimento eliocentrico a tempo minimo e circolarizza-
zione a bassa spinta, la massa totale di propellente ammonta a 5.87 kg. Un serbatoio termoplastico
di dimensione 20 cm x 10 cm % 6.5 cm viene utilizzato per lo stoccaggio del propellente. Includendo
il PPCU e il sistema di alimentazione, il volume totale ammonta a 3U. La massa totale del sistema
propulsivo elettrico & pari a 6.57 kg, corrispondente al 20.53% della massa iniziale al lancio.

Viene presentata la progettazione preliminare dei sistemi di MARIO per fornire una panoramica della
missione e dello scopo della ricerca. Vengono presentate I’architettura del sistema e la progettazione
dei sistemi di volo che includono informazioni sui sottosistemi quali quello elettrico, delle telecomu-
nicazioni, ecc. Vengono inoltre presentati la configurazione di MARIO e i budget del sistema. Reflec-
tarrays ed antenne ad alto guadagno sono utilizzate per stabilire una connessione con la Terra a lunga
distanza e bassa banda nell’intervallo di frequenze X-band. Per la generazione continua della potenza
vengono utilizzati due pannelli solari dispiegabili, equipaggiati con un meccanismo di rotazione. |l
CubeSat utilizza una struttura 16U ad hoc e schermata in alluminio. E inoltre previsto 'utilizzo di
una camera VIS & IR e di un processore ad alte prestazioni per I’osservazione e I’elaborazione di bordo.

L’ottimizzazione simultanea della traiettoria a bassa spinta con le operazioni del propulsore elettrico
viene sfruttata per ottenere soluzioni ottimali dei trasferimenti eliocentrici. | parametri di controllo
del propulsore, come il voltaggio della griglia, la portata massica e la potenza della bobina RF, insieme
ai parametri di controllo della traiettoria, ovvero gli angoli di azimut e di altezza della spinta, sono
contemporaneamente ottimizzati per ottenere trasferimenti con tempo di volo minimo. La definizione
di questa metodologia apre la strada a operazioni autonome del sistema propulsivo lungo la traiettoria
in modo da e [efituare trasferimenti e [ciehti senza intervento umano. Cio consentira una progettazione
completa di CubeSat interplanetari autonomi.

La propulsione chimico—elettrica combinata potrebbe portare ad un grande cambiamento di paradigma
negli sforzi di esplorazione del sistema solare usando CubeSat ad alto rapporto fra ritorno scientifico
e investimento.
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Chapter 1

Introduction

1-1 Interplanetary CubeSat Missions

Imagine... Imagine sending an object the size of a shoebox from Earth all the
way to Mars, cruising through 100 million kilometres all by itself.

That is the context of this work. The object the size of a shoebox is a CubeSat and the title of
this work re ects this quote : Combined chemical electric propulsion and hybrid trajectories
for stand-alone deep-space CubeSats

A CubeSat is a small spacecraft consisting of single or multiple cubic units, each with dimen-
sions10 10 10 cn?. According to the standard developed at California Polytechnic State
University and Stanford University [1, 2], along with the said dimensions, each unit should
weigh 1.33 kg. However, further research, development and building of new CubeSats has
contributed to the relaxation of mass requirements per unit. CubeSats utilise Commercial
o -the-shelf (COTS) products related to electronics, materials, small propulsion units, satel-
lite bus etc. Most of these equipment are not space tested and have a medium/medium-high
Technology Readiness Level (TRL).

CubeSats have been in usage for Earth-based missions since the turn of the century. These
CubeSats, pioneered by CalPoly and Stanford University, have been under development in
universities and other private satellite companies. They carry usually one or two scienti c
or communications payload. Apart from that, the existing standard satellite technologies are
miniaturised and manufactured to satisfy CubeSat dimensional and functional constraints.
Such CubeSats have sizes nominally ranging from 1U to 6U. While lacking a propulsion sys-
tem and some other critical systems, these CubeSats are designed to maximise the payload
capacity and operate for a shorter duration. They have multifarious mission capabilities,
including Earth observation and remote sensing [3, 4], climate assessment [4 6], lower ther-
mosphere characterisation [7], biological research [8] etc.

To expand the horizons, interplanetary CubeSats development will be a necessary step for
increasing the solar system exploration e orts at high science-to-investment ratio. Interplan-
etary CubeSats design and development shall push the frontiers of engineering and technology
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2 Introduction

by the means of miniaturising and simultaneously increasing the functionality of critical space
systems.

Interplanetary CubeSats require several improvements over the existing Low-Earth Orbit
(LEO) CubesSat design. They have much research potential, especially in the elds of long-
distance communications, deep-space autonomous navigation, propulsion, power generation
and management, optimised trajectory guidance, thermal control, robust light-weight struc-
tures, accurate attitude determination and control, high-speed low-power computing and
processing, on-board data processing, radiation shielding etc. CubeSat missions drigh-risk
high-gain missions which shall transform the future of robotic exploration paradigm.

1. Long-distance communication: required to establish critical payload data downlink and
TC/TM uplink from distances upto 1.5 AU [9, 10].

2. Autonomous navigation: critical capability that allows determining the spacecraft state
in autonomy during deep-space cruise. The regular radiometric tracking technique could
be resource consuming [11, 12].

3. On-board propulsion: critical capability that demonstrates orbital manoeuvring and
trajectory control, in addition to Earth-escape capabilities in case a launch opportunity
into the interplanetary space in unavailable [13, 14].

4. Power management:low solar irradiance means low power generation capabilities. Ac-
quisition, storage, and distribution of power is critical for the operational capability of
the CubeSats [15].

5. Durable electronics and subsystems: they have to endure the harsh environment in the
interplanetary space, especially radiation endurance [16, 17].

6. Trajectory optimisation: mission analysis and trajectory optimisation is critical for min-
imising the energy requirements and ensuring spacecraft survivability. Additionally, this
serves as the guidance for the navigation system [18].

7. Thermal control: spacecraft operation in the near Martian thermal environment requires
active / semi-active thermal control system. Capabilities to maintain subsystems in
operation and survival temperatures in the Martian environment need to be improved
upon.

8. Attitude determination and control: owing to the signi cantly varying pointing require-
ments during the multiple mission phases for navigation and payload operation, as well
as the absence of magnetic elds, highly accurate attitude determination and control
are required [19].

9. High-speed low-power computing and on-board data processingo maximise the com-
munication uplink/downlink utility, improve autonomy and to save valuable power,
on-board data processing is required to sort out useful science and navigation data for
transmission. High processing speeds are required while consuming low power [20].

The increased systems capability and improvement in design would lead to an increased size,
between 12U to 16U, depending upon the mission requirements and launch scenarios. Also,
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1-1 Interplanetary CubeSat Missions 3

there needs to be a useful payload contained within this size. A 1 1.5U size payload would
satisfy limited but signi cant science requirements.

NASA Jet Propulsion Laboratory (JPL)'s Mars Cube One (MarCO) mission consists of two
6U CubeSats launched as secondary payloads alongside the InSight lander mission to Mars
is the only interplanetary CubeSat in existence [21]. The two 6U CubeSats successfully
performed a Mars yby and provided communications relay between the Deep Space Network
and the InSight lander during its Mars atmospheric entry, descent, and landing phases. The
mission launched in May 2018 using the Atlas V launcher and ejected on a yby trajectory
near Mars [22]. Figure 1-1a depicts the MarCO mission.

Stand-alone CubeSats to near-Earth objects are shown to be feasible, such as the Miniaturised
- Asteroid Remote Geophysical Observer (M-ARGO) mission study by the European Space
Agency (ESA) depicted in Figure 1-1b [23]. The M-ARGO study has revealed that the limit
region reachable by a CubeSat can be xed at 1.2 1.3 AU. Improvements to communication,
power, and propulsion systems could push the envelope to 1.5 AU, thereby making a stand-
alone Mars CubeSat feasible.

(@) MarCO (NASA-JPL) (b) M-ARGO (ESA)

Figure 1-1: CubeSats Mission beyond Low-Earth Orbit: Mars Cube One (MarCO) by NASA JPL
and Miniaturised Asteroid Remote Geophysical Observer (M-ARGO) by ESA

A mission to Mars, in the current epoch, is the holy grail for CubeSat exploration. Owing
to the relative simplicity and low-costs of CubeSat development, they can be pursued by
universities and small spacecraft consortia.

The National Aeronautics and Space Administration (NASA) has funded! studies to assess
the science mission capabilities achievable by small satellites. These include AEOLUS - study
of thermal and wind environments of Mars [24]; Mars Aerosol Tracker (MAT); Mars lon and
Sputtering Escape Network (MISEN); and other missions to Moons of Mars. The European
Space Agency has also expressed its interest in pursuing further Mars missions in the following
decade.

Possible mission scenarios at Mars include [21, 25]:

I Solar Wind interaction with lonosphere of Mars.

Lhttp:/iww.Ipi.usra.edu/shbag/meetings/jun2017/presentations/Mercer.pdf . Last accessed: 20-
Sep-2019
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I Thermal characterisation of upper atmosphere and analysis of its dynamics by measur-
ing neutral gas velocities.

| Detection of mini-magnetospheres and their reconnection at Mars.

| Mars communication relay network setup

These missions could be achieved, albeit with subtle variations, using CubeSats. Typical costs
of such a Mission could range frone 20 30 million. This represents a signi cant reduction in
cost compared to the existing large spacecraft missions without such a signi cant reduction in
science capabilities. For example, ESA's ExoMars mission cost is approximatelg 1.3 billion

2 while NASA's MAVEN mission cost $670 million.

1-2 Need for Primary Propulsion

Interplanetary missions are usually carried out by large spacecrafts that utilise propulsion
system for orbital manoeuvring. In such missions, the large spacecraft is the primary pay-
load. The insertion occurs at deep space directly or at an Earth orbit and the spacecraft
executes orbit raising and trans-martian injection manoeuvres using large and reliable chem-
ical propulsion systems.

CubeSats are ill-equipped to house a large propulsion system due to their structural and
functional constraints. Large thrusters exerting high thrusts could destabilise and damage the
structure due to strong vibrations. Moreover, the dimensions of CubeSats impose volume and
mass constraints on the propulsion system, which in turn will drastically reduce its capability.
Additionally, CubeSats are severely power limited and therefore they cannot accommodate
high-power electric propulsion systems.

Until now, Earth-based CubeSat missions have lacked primary propulsion units for orbital
change manoeuvres. The propulsion units designed and tested for CubeSats carry out func-
tions such as attitude control, station keeping, formation control/maintenance etc., thus re-
quiring low V and therefore low mass [14]. Additionally, CubeSats are secondary payloads
and their release orbits are often restricted by the launch provider and the primary launch
payload's nal trajectory. Since the CubeSat design philosophy has revolved around increas-
ing the payload capacity, improving orbital manoeuvrability has been deemed excessive.

Interplanetary CubeSat missions shall eventually have to carry on-board propulsion systems
for trajectory and orbit control. The number of large payload missions to Mars are low and
occur mostly in a two month launch window every two years. Also, the nal destinations of
the Mars missions place a constraint on the operational orbits of the secondary payloads, i.e.,
CubeSats, which may not be fully desirable.

There are two possible ways to accomplish a CubeSat mission at Mars. The rst involves an
in-situ deployment of the CubeSat by a mother ship and the second foresees instead a highly
exible stand-alone CubeSat on deep-space cruise. The stand-alone CubeSat is an appealing
option because,

Zhttp://www.esa.int/Science_Exploration/Human_and_Robotic_Exploration/Exploration/ExoMars/
ExoMars_frequently_asked_questions . Last accessed: 20-Sep-2019
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| It does not require a primary Mars mission (mother ship), which is rare.

I The launch could be shared with any primary payload that is bound for a high-energy
Earth orbit, drastically increasing the launch options.

I It has much more exibility and autonomy, the space segment being stand alone.

| It would pave the way for novel paradigms in autonomous guidance-navigation-control
and operations, so allowing asigni cant downscaling of the mission costs.

In this approach, the on-board propulsion system becomes inevitable since the CubeSat has
to be manoeuvred through the interplanetary space to reach Mars from Earth.

1-3 Motivation and objectives

The primary motivation for the research is to provide design solutions of primary propulsion
systems on CubeSats that enable them to explore the interplanetary space while being stand-
alone. As mentioned in section 1-2, the primary propulsion systems are indispensable for
interplanetary CubeSats.

A successful design, implementation, and proof of concept of an on-board propulsion system
shall revolutionise the future of interplanetary small spacecraft travel. The capabilities of
CubeSats to perform critical missions beyond LEO will drastically increase. The presence of
on-board propulsion systems also broadens the launch windows for interplanetary CubeSat
missions since orbital manoeuvrability is enabled. Thus, a launch could be shared with any
primary payload that is bound towards a high-energy Earth orbit.

A key concept here is thecombined chemical electric propulsion system. For stand-alone
CubeSat missions that voyage from Earth orbit to Mars, the spacecraft has to escape Earth
and pursue a heliocentric transfer to reach Mars. In the combined chemical electric propul-
sion, the CubeSat shall escape Earth within a short timeframe using high-thrust chemical
propulsion and perform a deep-space cruise using low-thrust electric propulsion. Fully-
chemical transfers are fast but lead to an excessive system mass. Fully-electric transfers
save mass but have untenable escape times. Hybrid transfer solutions that utilise chemical
electric propulsion achieve a balance between system mass and transfer time. The emphasis
is on the word combined, since chemical and electric propulsion areeparate systems present
in the same spacecraftand are operated alternatively. A qualitative illustration is shown in
Figure. 1-2.

The objectives of this research are:

1. Provide design solutions for combined chemical electric propulsion systems
that enable stand-alone CubeSat missions on a deep-space cruise.

2. Develop a methodology for concurrent systems trajectory design and estab-
lish an overall design framework for an interplanetary CubeSat mission.

3. To transpose the knowledge of combined propulsion design, concomitant
with optimal trajectories for future interplanetary CubeSat designers and
propulsion system developers to enhance solar system exploration e orts at
high science-to-investment ratio.
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Figure 1-2: Qualitative comparison of fully chemical, fully electric and combined propulsion
systems for missions to Mars

1-4 MARIO application case de nition

As an application case, a stand-alone CubeSat mission to Mars, called the Mars Atmospheric
Radiation Imaging Orbiter (MARIO) is envisaged. The mission statement reads,

The Mars Atmospheric Radiation Imaging Orbiter (MARIO) is a stand-alone CubeSat ex-
ploration mission to Mars that shall demonstrate the capabilities of CubeSats to escape
Earth, perform autonomous deep-space cruise, achieve ballistic capture, and enter an op-
erational orbit at Mars. It shall utilise combined chemical electric propulsion, concomit-
ant with hybrid high-thrust low-thrust trajectories and autonomous guidance-navigation-
control. The MARIO mission shall conduct thermal imaging to characterise the temperat-
ure in the Mars upper atmosphere. The mission shall serve as a pioneer for interplanetary
CubeSat missions with high launch exibility and cost e ciency.

MARIO is a 32 kg 16U stand-alone CubeSat exploration mission to Mars that shall demon-
strate the capabilities of CubeSats to perform a) orbit raising & Earth escape, b) low-thrust
deep-space cruise c) ballistic capture at Mars and d) acquisition of the nal operating orbit.
These are the 4 key phases of this mission.

The injection orbit is a highly-eccentric SSGTO with a perigee of 295 km and an apogee of
90,000 km. Such injection orbits are commonplace for contemporary geostationary satellite
missions that utilize electric propulsion for apogee reduction and circularization to GEO; e.g.
Falcon 9 v1.1 rocket launched Thaicom 6 in January 2014 into this orbit and Thaicom 8 in
May 2017 into a 350 km 90226 km orbit®. Owing to the higher number of communication
satellite launches & 5 per year) compared to deep-space launches ( per year), this orbit is

3Space Launch Report - Falcon 9
http://www.spacelaunchreport.com/falcon9ft.html and https://www.spacex.com/missions . Last visited: 10-Mar-
2019
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1-4 MARIO application case de nition 7

selected to (a) improve the launch opportunities and widen the launch window, (b) reduce the
V required for Earth escape, and (c) provide more exibility and autonomy to the CubeSat
mission by diminishing its dependence on larger interplanetary spacecraft.

Swift escape is required to avoid excessive radiation damage since the spacecraft crosses the
Van Allen radiation belts. A high-thrust chemical propulsion system is required to provide
high V within a short duration. A low-thrust electric propulsion system instead will drastic-

ally increase the residence time of the spacecraft in the radiation belts. The maneuvers are
split and multiple orbit raisings are pursued to e ectively distribute the V and achieve
Earth escape within a short timeframe while controlling gravity losses. Figure 1-3a illustrates
the orbit raising and escape using chemical propulsion.

Once Earth escape is achieved, the deep-space cruise or heliocentric transfer to Mars is ex-
ecuted using low-thrust high-speci ¢ impulse electric propulsion (Figure 1-3b). Two strategies
are investigated: a) time-optimal continuous thrusting and b) fuel-optimal bang-bang thrust-

ing control. The critical resource for the electric propulsion system is the available power,
and the speci ¢ impulse and thrust depend on it.

At the end of the cruise, the spacecraft experiences &allistic capture (Figure 1-3c). This is

a phenomenon through which the spacecraft icaptured into a temporary stable orbit about

Mars, only by virtue of the natural attractions of Mars and the Sun [18]. The orbit acquired

by the spacecraft after ballistic capture is highly irregular, and thus unusable for continuous
observation missions. A high-thrust maneuver is performed to reduce the initial eccentricity
and stabilise the orbit. The circularization to 60,000 km orbit is completed through low-thrust

propulsion (Figure 1-3d). At this orbit, the planned thermal camera payload will characterise
the temperature in the Mars upper atmosphere.

(a) Orhbit raising and Earth escape. (b) Deep-space cruise and
ballistic capture

(c) Ballistic capture mechanism [18] (d) Mars circular orbit

Figure 1-3: MARIO Mission Phases
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The overall requirements of the MARIO spacecraft are de ned in Table 1-1. Currently, the
largest CubeSat structure available in the market has a 12U form factor. The Lunar Meteoroid
Impact Observer (LUMIO) mission [26] and the Miniaturised-Asteroid Remote Geophysical
Observer (M-ARGO) [23] have this structure and a total maximum mass of 24 kg. Considering
the stand-alone nature of MARIO and its voyage from an Earth orbit to Mars orbit, a direct
scaling was done and the maximum size requirements, OVRSYS-01 and OVERSYS-02, were
set as 32 kg with a 16U form factor. OVRSYS-04 sets the minimum operation time as 6 years
considering the long duration low-thrust cruise to Mars, acquisition of the operational orbit,
and then 6-8 months of scienti ¢ observation.

Table 1-1: MARIO Overall System Requirements

ID Requirement
OVRSYS-01 The mass of the spacecraft shall be no greater than 32 kg
OVRSYS-02 The spacecraft volume shall not exceed the con guration of a 16U
CubeSat
OVRSYS-03 The system shall establish long-distance communication with Earth
up to a range of 1.5 AU
OVRSYS-04 The system shall be operational for a minimum of 6 years

1-5 Research questions and hypotheses

This section highlights the primary research questions and corresponding hypothesis that are
instrumental in achieving the objectives.

1-5-1 Main research questions

1. What is the design strategy for combined chemical electric propulsion for a stand-alone
CubeSat to Mars?

I Hypothesis: The design strategy shall be to de ne the mission characteristics rst
and the general system. The state-of-the-art propulsion system concepts must
be explored and design requirements must be set based on the mission context.
A trade-o analysis must be performed to select the suitable system for further
design. Propellant analysis and selection should then be done. Initial design
characteristics must be predicted and the thruster performance must be modelled.
The design must be iterated until the required performance is achieved. Trajectory
simulation must be done by incorporating the thruster performance and the sizing
parameters must be obtained. Key parameters which interface the chemical and
electric propulsion system design must be identi ed and incorporated to nd an
overall design solution.

2. What are the design and performance characteristics for combined chemical electric
propulsion that enable stand-alone deep-space CubeSats to Mars?

I Hypothesis: The design characteristics of the propulsion systems are heavily mis-
sion dependent. Apriori assessment is that the chemical propulsion system utilised
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for Earth escape from a high energy orbit will have an overall mass of 20-25% of the
initial system mass and a volume of 50 52% of the initial spacecraft volume. This
is due to many factors including speci ¢ impulse, propellant density, combustion
characteristics etc. The maximum thrust is limited to a certain value, 2 3N, in
order to avoid structural damage and irrecoverable destabilisation of the CubeSat.
The speci ¢ impulse shall be between 220 260 seconds. The electric propulsion
system shall have a high lifetime and a high speci c impulse. Owing to the long
duration of the ight to Mars after Earth escape, the system will accrue a large

V, which in-turn a ects the propellant mass. The overall system mass would be
20-25% of the initial mass. The electric propulsion system volume depends upon
the propellant density and speci c impulse. The performance characteristics would
be 1-1.8 mN thrust and 3000 seconds speci ¢ impulse.

3. What are the trajectory characteristics of a stand-alone CubeSat mission to Mars?

Hypothesis: The trajectory of a stand-alone CubeSat mission to Mars depends
upon the injection orbit. If we are to assume that the mission is injected into a
high-energy Earth orbit, the spacecraft orbit needs to be raised and a nal escape
manoeuvre executed using high-thrust propulsion. The primary reason for this
is to achieve a escape within a short duration to minimize damage due to the
radiation accumulated through multiple Van Allen belt crossings. Additionally,
there needs to be an e ective distribution of the V required for escape over
multiple manoeuvres to avoid gravity losses. Once the Earth escape is achieved,
a low-thrust deep-space cruise should be executed to reach Mars. Utilising high-
speci ¢ impulse low-thrust propulsion ensures higher control authority and greater
mass savings. The natural phenomenon calleBallistic capture needs to exploited
for zero V capture and insertion into a Mars orbit. Additional circularization is
required to acquire an operational orbit.

4. How can the low-thrust propulsion system and trajectory be concurrently optimised?

Hypothesis: by creating a framework in which the thruster and trajectory control
parameters are concurrently optimised to achieve the designated target point from
a given initial point within the shortest timeframe. The thruster performance
envelope needs to be de ned and it must be incorporated in the orbit propagation
equations. Throughout the optimisation scheme, the critical system and trajectory
constraints need to be satis ed.

1-5-2 Sub-questions based on chemical propulsion

1. What are the state-of-the-art CubeSat chemical propulsion systems and what is the
best choice for the current application?

2. What are the limiting factors and constraints in interplanetary CubeSat chemical propul-
sion systems design?

3. What are the desired performance and design metrics for a chemical thruster on-board
a stand-alone CubeSat mission to Mars?
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1-5-3 Sub-questions based on electric propulsion

1. What are the state-of-the-art CubeSat electric propulsion systems and what is the best
choice for the current application?

2. What are the limiting factors and constraints in interplanetary CubeSat electric propul-
sion systems design?

3. What are the desired performance and design metrics for the electric propulsion system?

1-6 Structure of the document

Until now, we have established the need, motivation, objectives, application case and the
important research questions. The document is primarily divided into ve chapters.

Chapter 2 deals with the chemical propulsion system and the high-thrust trajectory. The
state-of-the-art chemical propulsion systems applicable for CubeSats is explored. A system
design strategy is de ned and a trade-o analysis is performed to select the suitable system.
The propellants are analysed and a performance analysis is performed. Thruster design and
performance are characterised and high-thrust trajectory analysis is done. Overall system
design and sizing are then presented.

Chapter 3 deals with the electric propulsion system and the low-thrust trajectory. The state-
of-the-art of electric propulsion technology applicable for CubeSats is explored. Propellant
analysis and comparison is presented. A thruster performance model is de ned and the low-
thrust trajectory optimisation is pursued.

Chapter 4 presents the overall system design of MARIO. A preliminary design that provides
an overview of the mission and the context for the research is presented.

Chapter 5 deals with the concurrent propulsion trajectory optimisation. Thruster perform-
ance envelope is de ned and a novel framework is established to incorporate thruster control
parameters into trajectory optimisation.

The research work is summarised in chapter 6 and conclusions are drawn. The answers to
the research guestions are presented along with some recommendations for future work.
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Chapter 2

Chemical propulsion

2-1 Chemical propulsion principles

Chemical Propulsion (CP) systems enable high-thrust manoeuvres which are critical in quick
and e ective orbital changes. The thrust-to-power ratio of chemical propulsion systems is
much higher compared to other types of rocket propulsion systems. They are the basic type
of thermal rocket propulsion systems and they do not require any external medium or oxidant
for the burning fuel. They are heat engines that convert the heat energy produced by the
combustion of the propellants, fuel and oxidiser, in the combustion chamber into kinetic
energy of the exhaust gas by accelerating it through a convergent-divergent nozzle. The
reaction force of this action onto the nozzle structure is the thrust force, which when applied
over a time period results in a change in momentum of the rocket or the spacecraft.

The main performance parameters for the chemical propulsion system are thrustT(), speci ¢
impulse (I sp), exhaust velocity (ve), and Delta V (V). Thrust is obtained using the mass ow
rate m of the propellant, exhaust velocity ve, pressure at the nozzle exitPe and the ambient
pressureP,, and the exit area of the nozzleAe, as shown in equation (2-1). The specic
impulse | sp is the thrust produced per unit weight of propellant consumed (equation (2-2)).

T=mve+(Pe Pa) Ae (2-1)
T

lsp = moo (2-2)

(2-3)

In equation (2-1), the rst term is the linear momentum thrust represented by the product
of m and ve. The second term is the pressure thrust which is the product of the nozzle exit
area A and the di erence between the nozzle exit pressurd. and the ambient pressureP,.
Rocket nozzle is designed to have thé, equal to or greater than P, to have a net positive
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12 Chemical propulsion

pressure thrust contribution. When Pe = P, the nozzle has optimum expansion ratio [27]. For
propulsion in space, the ambient pressurd®; = 0 due to the vacuum conditions. The e ective
exhaust velocity ve.etf applies to all rocket systems that use thermodynamic expansion of hot
gasses in the nozzle.

Veeff = Vet (Pemﬁ (2-4)

Under optimum expansion, wherePe = P, the e ective exhaust velocity is equal to the actual
nozzle exhaust velocity, i.e.Ve.eff = Ve. However, whenPe 6 Py, then veerr 6 Ve. Dierent
chemical propulsion systems can be compared using the parameter characteristic velocity.
It is de ned in equation (2-5).
Pc At
c =
m

(2-5)

Here, P; is the combustion chamber pressure andA; is the nozzle throat area. Another
critical parameter that in uences the performance of a chemical propulsion system is the
nozzle expansion area ratio" which is Ae=A;. The specic impulse Isp and the e ective

exhaust velocity ve.eff are functions of nozzle geometry, particularly Ag=Ay.

Finally, the change in velocity, i.e., V imparted to the spacecraft is expressed using the
famous Tsiolkovsky Rocket Equation, shown in equation (2-6). It depends uporwe, initial
mass mp and nal mass m; of the spacecraft. The consumed propellant massn, is the
product of m and the burntime ty,.

! !
Mo Mo
V = In — = | In —— 2-
Ve IN m ) spdo In mo  mp (2-6)

Chemical propulsion systems can be classi ed by the type of propellant they use and working
mechanism by which they produce the thrust: Solid Rocket Motor (SRM), Liquid Rocket
Engine (LRE), Hybrid Rocket Engine (HRE), and Cold Gas (CG) systems [27]. They can be
further classi ed by complexity which greatly varies among di erent systems depending upon
the application and size. In the current context, only the chemical propulsion systems applic-
able to CubeSats and small spacecraft are analysed. The content presented in this chapter is
partially based on the published work of the author: Mani et al Combined Chemical Electric
Propulsion for a Stand-Alone Mars CubeSat28], Mani et al Dual chemical-electric propulsion
systems design for interplanetary cubesatf29], and Mani et al Chemical Propulsion System
Design for a 16U Interplanetary CubeSat[30].

2-2 CubeSat chemical propulsion system state-of-the-art

For the sake of brevity, the chemical propulsion systems will be analysed based on the major
stand-alone Mars CubeSat mission requirements. This contextual approach will narrow down
the search and paint a clear picture regarding the design ow. The analysis is not limited
to commercial o -the-shelf (COTS) equipment that satisfy the requirements and includes
also the thruster technologies that can be adapted to deliver the desired performance for a
successful execution of the mission. Emphasis is placed on the capability of the propulsion
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system to deliver su cient thrust and speci ¢ impulse for major orbital manoeuvres, thereby
acting as a primary propulsion system rather than the capabilities regarding attitude control,
station keeping and formation control.

This section is further organised as follows: the state-of-the-art of the chemical propulsion
system types such as CG, SRMs, and LREs are delineated. The basic working principles,
advantages and disadvantages, design considerations, and performance ranges of these propul-
sion systems are expounded. Some important review works on the state-of-the-art of small
satellite propulsion systems can be found in Mueller et al [13], Lemmer [14], Tummala and
Dutta [31], and the NASA technical report - Small Satellite Technology State of the Art 2018
[32]. Other innovative concepts include dual mode thrusters that have a high-thrust chemical
mode and a hightsp electric mode [33]. However, this has not been assessed in this work as
part of the state-of-the-art.

2-2-1 Cold gas

Gaseous rocket propellant engines use a high-pressure gas such as nitrogen, helium or air that
is stored in a tank and then discharged through a supersonic nozzle to produce the thrust.
The gas is either cold or warm and they contain lower energy compared to the hot gases
produced by liquid rocket engine combustion.

In the case of Cold Gas (CG) systems, the source of energy is the stored enthalpy of the
gas and there is no combustion or heat addition [14]. A CG system consists of a pressurised
propellant tank, valves, feed pipes, and the nozzle. Power is required to control the valves and
keep the propellant temperature at the required level. Additionally, the gaseous propellant
should be rid of any moisture before being accelerated through the nozzle.

GG systems are the simplest of all propulsion systems. They have an excellent ight heritage
and have a high degree of reliability. Spacecraft contamination is negligible or non-existent
if CG systems are used. They can be operated over thousands thrust cycles without loss of
thruster performance. Traditionally, CG thrusters are used in large spacecraft for attitude
control since they have low impulse-bit.

Performance wise, CG systems have a much lowelrsp and deliver less V for the same
spacecraft mass since the gas enthalpy alone is insu cient to provide equivalent performance
to that of other systems since the energy of the chemical bonds is not used [14]. The thrusting
capacity of CG systems applicable for small satellites and CubeSat ranges from a few mN to
2.36 N. Typical Isp values range from 40 75 seconds [13, 14].

One major advantage of the CG system is that it is compatible with a very wide range of
propellants. Common propellants used are nitrogen, xenon, argon, R134a etc. Given the low
I'sp and since the gases have to be stored at high pressure, the mass fraction of the system
is very large. The propellant mass is large and the tanks required to store the propellants
need to have thick walls made of heavy materials. The high storage pressure also increases
the risk of leak in the feed system. The CG systems usually operate in blow-down mode and
the thrust decreases with the decrease in storage pressure.

Several CG thrusters for small satellite applications have been developed. Cold Gas Micro-
Thruster developed by Marotta provides a maximum thrust of 2.36 N while having anlsp 65
s. Moog Inc has developed two CG thrusters, models 058-118 and 58E163A. The former
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provides a thrust of 3.6 N @15.7 bar of gaseous nitrogerG(N,). The latter is con gurable

to use xenon,GN,, and gaseous Argon. 58E163A provides 1.3 N @ 90 bar xenon inlet and
0.9 N @ 90 barGN, and GAr inlet. Surrey Space Technology Ltd (SSTL) has developed a
butane based system in which they include a resistojet thruster that utilises electrical power
to heat the gas such that thels, is improved [34]. Several MEMS cold gas thrusters have
been developed for precision manoeuvres that require very low-impulse bit and thrusts. CG
thrusters providing thrusts in the millinewton range are manufactured by companies like
VACCO and Aerospace Corporation [14, 32, 35, 36]. The state-of-the-art of CG systems are
listed in Table 2-1.

Table 2-1: Summary of cold gas propulsion state-of-the-art

System Manufacturer Propellant Avg. Thrust [N] Isp [S] TRL

Cold Gas Micro-thruster Marotta Controls Inc. GN» 0.05 2.36 65 9
Cold Gas 58E163A Moog Inc. xenon 1.3 21 6
GN; 0.9 70 6

GAr 0.9 54 6

Cold Gas 058-118 Moog Inc. GN> 3.6 57 9
Butane Propulsion Sys. SSTL butane 0.5 80 9
MEMS thruster Aerospace Corp. xenon 0.1 30 9
MEPSI MiPS VACCO isobutane 0.053 65 7
MarCO MiPS VACCO R236fa 0.025 40 9

(a) Marotta Cold Gas (b) VACCO MarCO (c) Moog 58E163A
MiPS

Figure 2-1: Cold gas systems state-of-the-art. Cold gas micro-thruster by Marotta Controls Inc.
(image retrieved from brochure [37]), MarCO MiPS by VACCO (image retrieved from datasheet
[35]), and Moog Inc 58163A (image retrieved from datasheet [38])

2-2-2 Solid rocket motors

Solid rocket motors in CubeSats can be used for orbit raising, trajectory insertions and rapid
de-orbiting [13]. An SRM consists of a combustion chamber in which the fuel and the oxidiser
are premixed in a solid form. The solid mix, which includes a binder resin to keep it intact
as well as other chemical components, is called thgrain. The most common propellant mix
used in SRMs consist of Hydroxyl-terminated polybutadiene (HTPB), aluminium powder as
fuel additive and ammonium perchlorate (NH4CIO,4). The grain consists of approximately
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82 94% of the total motor mass [27]. The grain can be cast in di erent shapes and it is ignited
to burn along a particular exposed inner surface to produce hot combustion gases, which in
turn are accelerated through the nozzle. The rate of burn is predetermined since the grain
also contains a speci ¢ amount of inhibitors or accelerators that control it.

Since all the propellants are stored in the motor case, no dedicated feed and storage system
is required. Additionally, they do not have any moving parts except, in special cases, where
there are movable nozzles for thrust vectoring. Given that even small SRMs have a specic
impulse in the range of 180 260 seconds, this allows for very tight packaging and an easy
integration into the CubeSat structure. Solid propellants can be stored for very long periods
in vacuum conditions without signi cant degradation in performance if the propellant casting
process is good enough to ensure the avoidance of bubbles, cavities and gaps.

SRMs burn continuously and once started, they cannot be stopped. They do not have restart
capabilities. The thrust variation is predetermined based on the grain composition and it
cannot be adjusted during ight, thus yielding no real-time control capability. The thrust
magnitudes are high, and this results in large vehicle accelerations which may destabilise
the spacecraft [32]. Additionally, even high performance SRMs have a thrust misalignment
between0:15° 0:25° and smaller SRMs would have double this value [39, 40]. This necessit-
ates the inclusion of a robust attitude control system or a thrust vector control for proper
steering during acceleration, which increases the system cost. Owing to their "one-time- re"
nature and their vulnerability towards mis res arising from ignition issues, the reliability of
SRM performance is lower than that of other system types. Although the mechanical and
thermal properties are not a ected by vacuum conditions, the gamma ray irradiation (es-
pecially during solar ares) severely deteriorates the mechanical properties and exacerbates
thermal decomposition [41].

One way to overcome the issue of single-shot burn is to design SRMs with multiple solid
propellant micro-thrusters to form a pack. Each of these unit shall be equipped with a micro-
nozzle through which the combusted propellant is accelerated. Additionally, thrust can be
varied by ring a combination of these micro-thrusters, either simultaneously or sequentially
[42 44]. Another alternative technology is the digital solid state propulsion in which the solid
propellant is ignited when electric current is passed through it. This allows for better thrust
control since the combustion is sustained only through continuous supply of electricity.

The current state-of-the-art SRMs applicable for CubeSats and small spacecraft include ISP
30 sec motor by Industrial Solid Propulsion, Northrop Grumman Innovation Systems (NGIS

- previously Orbital ATK) STAR 4G and STAR 5A, and Digital Solid State Propulsion
(DSSP)'s CubeSat Agile Propulsion System (CAPS) and CubeSat Delta-v Motor (CDM).
They are summarised in Table 2-2 [13, 31, 32, 40]. It has to be noted that most of the SRMs
developed for CubeSat applications were done for fast de-orbiting operations to avoid the
accumulation of uncooperative objects in LEO.

2-2-3 Liquid monopropellant engines

The liquid chemical propulsion system consists of a combustion chamber, a convergent-
divergent nozzle, an injector head, propellant storage tanks, and feed lines and pipes that
deliver the propellant from tanks to the chamber. The propellants are fed under pressure
and they can be further classi ed as pressure-fed or pump-fed systems. Pressure-fed systems
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Table 2-2: Summary of solid propulsion state-of-the-art

Motor Manufacturer Avg. Thrust [N] Isp [S] TRL
ISP 30 sec Industrial Solid Propulsion 37 187 6
STAR 4G  Northrop Grumman Innovation Systems 258 269.4 6
STAR 5A  Northrop Grumman Innovation Systems 170 251 6

CAPS-3 Digital Solid State Propulsion 0.3 250 8

CDM-1 Digital Solid State Propulsion 76 226 6

(a) STAR 4G (b) STAR 5A (c) CAPS-3

Figure 2-2: Solid rocket motors state-of-the-art. STAR 4G and STAR 5A by Northrop Grumman
Innovation Systems (images retrieved from catalog [45]) and CAPS-3 by Digital Solid State
Propulsion (image retrieved from brochure [46])

are typically used in satellite applications where the thrust and total energy requirements are
low. Pump-fed engines are used where larger thrusts are required and amount of propellants
are very high. Pump-fed systems are inherently more complicated than pressure-fed systems
due to the presence of multiple moving parts.

LREs have restart capability and can be operated through many cycles. The thrust can be
controlled with precision using ow control valves and can be varied along the performance
envelope to suit mission needs. LREs on average have a highkg, than SRMs and a sig-

ni cantly higher |sp than CG systems. Thrusting capability is exible and the systems can

deliver a wide range of impulse bits.

Monopropellant propulsion systems are liquid rocket engines that use a single propellant
which is either exothermically decomposed using a catalyst bed or thermally ignited to form
hot high-pressure gases and reaction products that are accelerated through the nozzle. The
decomposition of the propellant results in the break of chemical bonds and a subsequent
release of energy. Owing to energy conservation, the exhaust gas temperature increases and
subsequently the gas velocity also increases.

In a pressure-fed system, the propellant stored in a pressurised tank is delivered to the thrust
chamber comprising either a catalyst bed or an ignition system. Valves are used to actuate the
ow between the storage tanks and the thruster. The two types of pressure-fed system include
a blow-down system and a regulated system. The pressure in the propellant tank operated in
blow-down mode keeps reducing as the thruster is operated. The pressure regulated system
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uses a separate pressurant gas that is used to keep the propellant tank pressure at the desired
level. Valves are utilised to regulate and control the ow from the tanks to the thrust chamber.

Common propellants used in monopropellant systems include hydrazineN2H4), hydrogen
peroxide (H,0-) as well as green propellants such as blends of Ammonium dinitramide (ADN)
and Hydroxylammonium nitrate (HAN). Hydrazine based monopropellant systems have a rich
ight heritage and have been used in attitude control systems for large satellites. Hydrazine
o ers a moderately high Isp, 200 230 s, and has a high liquid phase density of 1004kg=m?3
[47]. However, hydrazine is toxic and carcinogenic, and alternative propellants that are less
harmful are required [48, 49]. The toxicity of hydrazine makes it prohibitively expensive to
deal with since extraordinary precautions need to be taken in the case of CubeSat applications
to satisfy the stringent safety requirements [50].

Concentrated hydrogen peroxide, known as "high-test peroxide"”, is also used in monopropel-
lant systems. Typical concentrations range from 80% 95%. It decomposes slowly over time
and the rate of decomposition depends upon the ambient conditions, concentration, and the
purity of H,O [51]. The density of 87.5%H,0, solution is 1380 kg=m?® at 20°C. The I¢p
yield of H,O5 is 140 180 seconds [52].

Green monopropellants are non-toxic alternative to hydrazine and comparatively have very
low volatility and vapour pressures at atmospheric conditions [14, 47]. Green refers to the
property of the propellants being less ammable, therefore requiring fewer safety requirements
in terms of handling, storage, and operation [32]. Accidental combustion of hydrazine is a
serious risk and green propellants do not combust easily. Additionally, leakage of hydrazine
is considered a catastrophic risk while green propellants do not contaminate or corrode other
components when leaked. Propellants such as blends of ADN and HAN are utilised in green
monopropellant systems. ADN blends used are propellants LMP-103S [53] and FLP-106
[54] both developed by Swedish Space Corporation. HAN blend widely in use is AF-315ME
developed by the United States Air Force Research Laboratory [55]. ADN and HAN based
green propellants have higher densities, 1238 1470 kg=m3, and higher lsp, 230260 s,
compared to hydrazine [56].

Monopropellant thrusters available on the market have a thrust range of 0.5 1.5 N. MPS-120
developed by Aerojet Rocketdyne that uses hydrazine has a thrust of 1 N and ahsp of 225

s [14, 50]. MONARC-1 thruster developed by Moog Inc has a steady state thrust of 1 N
and an |sp of 230 s [38]. Hydrogen peroxide based thrusters are under development at the
Austrian Institute of Technology (previously Austrian Research Centers GmbH) and at the
Forschungs-und Technologietransfer GmbH (FOTEC) [52].

High performance green propulsion (HPGP) thrusters developed by Bradford ECAPS using
LMP-103S propellant, a blend of ADN, has successfully own aboard the PRISMA satellites
[53]. Thrusters using FLP-106 are currently under development [49, 54]. VACCO partnered
with ECAPS to design an ADN based thruster for Lunar Flashlight misison [32]. NASA's
Green Propulsion Infusion Mission (GPIM) is a technology demonstration project that used
AF-M315E propellant, a blend of HAN, to test the applicability of green chemical propellant
to CubeSats. The mission used GR-1 and GR-22 thrusters developed by Aerojet Rocketdyne
[55, 57, 58]. Aerojet Rocketdyne adapted its MPS-120 thruster for HAN-based propellant
[59]. Busek Company Inc developed the HAN based BGT-X5 and BGT-1X thrusters that
provide thrusts of 0.5 N and 0.1 N, respectively. Some of the state-of-the-art monopropellant
systems are summarised in Table 2-3.

Doctor of Philosphy Thesis Karthik Venkatesh Mani



18 Chemical propulsion

Table 2-3: Summary of liquid monopropellant state-of-the-art

System Manufacturer Propellant Avg. Thrust Isp [S] TRL

MPS-120 Aerojet Rocketdyne Hydrazine 1N 225 s 6
MPS-130 Aerojet Rocketdyne HAN 1N 244 s 6
1IN HPGP Bradford ECAPS LMP-103S (ADN) 0251 N 204-235 s 9
GR-1 Aerojet Rocketdyne HAN 0.261.42 N 231s 9
BGT-X5 Busek Company Inc. HAN 0.5 220 s 5
MONARC-1 Moog Company Inc. Hydrazine 1 2275 s 9

(@) 1IN HPGP (b) GR-1 (c) BGTX5

Figure 2-3: Liquid monopropellant engines state-of-the-art. 1N HPGP thruster by Bradford
ECAPS (image retrieved from brochure [60]), GR-1 thruster by Aerojet Rocketdyne (image re-
trieved from Mclean et al [55]), and BGT-X5 by Busek Company Inc. (image retrieved from
brochure [61]

2-2-4 Liquid bipropellant engines

Liquid bipropellant engines use a fuel and an oxidiser stored in separate tanks. The propel-
lants are delivered at the required pressure and mixture ratio into the combustion chamber
using a complex feed system. The bipropellant system nominally requires two separate feed
systems for the fuel and the oxidiser since the mass ow rate and pressure of each must be in-
dependently controlled. The system can be either pressure-fed or can use micro-turbopumps
[52]. However, turbopumps are not generally used in spacecraft applications due to low-thrust
requirements, high-speed rotating parts causing instabilities, and increased risk of malfunc-
tion. The propellants can be injected as liquids, gases or even super critical uids [62]. A
lot depends upon the type and design of the injectors as that has a direct implication on the
mixing process. Propellants in liquid states are atomised, vaporised, mixed and then com-
busted. Ignition of the propellants is achieved using an active ignition system or by allowing
the propellants to auto-ignite upon contact (hypergolic).

The traditional bipropellant system can be operated in di erent cycles: expander cycle, gas
generator cycle, and the staged combustion cycle. Cryogenic engines utilise the expander
cycle, in which a cryogenic propellant is fed through the cooling jackets around the combustion
chamber exchanging heat, then the heated propellant gas is passed through the turbine and
nally fed into the combustion chamber. The gas generator cycle uses a separate chamber in
which a smaller amount of the propellants are combusted to generate hot gases which then
run the turbine. This gas is then dumped overboard. In the staged combustion cycle, the hot
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gases from the gas generation chamber are directly fed into the main combustion chamber.
This cycle yields the highestl gp.

Common propellant combinations for bipropellant thrusters applicable for small spacecraft
include ethanol & kerosene, gaseous hydrogen & oxygen, and ethanol & hydrogen peroxide
[14, 52]. Hypergolic propellants such as unsymmetrical dimethylhydrazine (UDMH), dinitro-
gen tetraoxide (N2O4), monomethyl hydrazine (MMH) etc. are not used for small satellite
applications since the risks relating to accidental ignition, explosion, leakage and contamina-
tion are immense. Hydrogen peroxide used in bipropellant systems needs to be fed through
a catalyst bed such that it decomposes into water and oxygen [52].

Bipropellant engines do not have a lot of maturity in terms of CubeSat applications. They
are inherently much more complex than liquid monopropellant systems. The main advantage
of bipropellant systems is that they o er much higher Isp and thrusting capability than any
other chemical propulsion system. They are utilised for high- V missions. The traditional
operation cycles that use turbopumps are not applicable to CubeSats since the primary prin-
ciples of design are simplicity and lower costs. Therefore, the system must utilise propellants
with similar uid properties thereby avoiding complex feed system. Designs involving non-
toxic propellants such as nitrous oxide (N,O) and dimethyl ether (DME), yielding a thrust
of 0.4 N and anlsp of 290 s are proposed [63]. Another design is the HYDROS thruster
proposed by Tethers Unlimited Inc., in which water is converted into hydrogen and oxygen
through electrolysis and the two gases are combusted in the thrust chamber [14]. Some bi-
propellant MEMS devices have been developed which could be applicable to small satellites.
They integrate the valves, pumps, thrust chamber and nozzle into a single microfabricated
chip. Marcu et al [64] proposed a design that could deliver 13 45 N thrust with anlgp of
300 s (shown in Figure 2-4). FOTEC developed a bipropellant thruster that utilises ethanol
and H>0O; yielding a performance of 1 N thrust and 300 315 slgp [52, 65]. The thrusting
performance could be extended upto 1.5 N by adjusting the thruster geometry.

(&) MEMS bipropellant (b) HYDROS-C

Figure 2-4: Bipropellant system state-of-the-art. MEMS bipropellant thruster design (image
retrieved from Marcu et al [64]) and HYDROS-C by Tethers Unlimited (image retrieved from
datasheet [66])
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2-3 System design strategy and trade-o

The design strategy is illustrated in Figure 2-5. The top-level mission characteristics are
de ned in section 1-4.

Figure 2-5: Chemical propulsion system design strategy

The MARIO mission pursues a hybrid high-thrust low-thrust trajectory to perform escape
Earth, low-thrust deep-space cruise, ballistic capture at Mars, and acquisition of an oper-
ational orbit. The chemical propulsion system is used in the high-thrust trajectory phase
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where orbit raising and Earth escape is pursued. It is also used for orbit stabilisation at Mars
immediately after ballistic capture.

The state-of-the-art of the chemical propulsion systems applicable to CubeSats and small
satellites was explored in section 2-2. Additionally, some of the most crucial design concepts
were realized. One of the objectives of this work is to provide a design solution for the chemical
propulsion system that shall enable the MARIO mission. The exploration of the state-of-the-
art and the corresponding concepts guides the design approach such that a pertinent solution
for the particular mission application can be achieved. It has to be noted that the design
of the chemical propulsion system strongly depends upon the requirements and constraints
pertaining to the design and performance.

The chemical propulsion system requirements are established in this section. They are es-
tablished based on the V needed for the orbital manoeuvres performed using the chemical
propulsion system, the maximum thrust that shall be imparted to the spacecraft, the max-
imum duration of burn, the maximum mass of the system as a design constraint, and the
safety measures for the system. The propulsion system concepts are traded o based on
the system performance and design requirements, and a suitable propulsion system type is
selected for further design.

The applicable propellants are analysed, the thruster design is pursued, and the corresponding
thruster performance analysis is done until the performance requirements are delivered. A
high-thrust trajectory analysis is carried out using the calculated thruster performance. The
goal of the high-thrust trajectory analysis is to calculate the trajectory parameters and the
required propellant mass that corresponds to the shortest ight time to escape Earth. Once
the propellant mass is calculated, the feed system design is pursued and the overall system
sizes are established. Iteration of the thruster design and the propulsion system design is
done until the overall MARIO system design constraints and requirements are met. The nal
design is then established.

The chemical propulsion system requirements are listed in Table 2-4.

Table 2-4: Chemical Propulsion System Requirements

ID Requirement

CP-01 The system shall provide a minimum V = 445 m/s for orbital transfer and
Mars orbit stabilization maneuvers.

CP-02 The system shall have a maximum thrust of 3 N

CP-03 The maximum thrusting time shall be 600 seconds per orbital manoeuvre

CP-04 The total mass of the chemical-electric propulsion systems shall be no more
than 16 kg

CP-05 The system shall utilize non-toxic propellants

The rationale for CP-01 comes from the V required for Earth escape and initial stabiliz-
ation at Mars. The initial insertion orbit parameters are { a, e, i, ,!, } = {51526 km,
0.8705,0:01°, 0°, 0°, 0°}. The velocity at perigee is 10.57 km/s and the corresponding escape
velocity is 10.93 km/s. Thus, the V for escape is is 360 m/s, considering a theoretical
impulsive maneuver. A 10% margin on V is considered to include for gravity losses and
other miscellaneous operational errors, thereby yielding a margined Vesc;mg 0f 396 m/s. The
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deceleration maneuver for initial stabilization after ballistic capture requires a Vgiap Of 45
m/s. An additional  10% margin is placed and the Vsiapmg is 49 m/s.

Performance requirement CP-02 establishes a limitation on thrust and CP-03 establishes the
maximum burn time. For a 32 kg spacecraft, this combination e ectively distributes the V
required to escape Earth into multiple maneuvers for transfer time reduction and gravity
loss control. A single burn maneuver to escape leads to a gravity loss of 23%, which is
unacceptable in terms of operations and systems design (leads to a drastic increase of mass).
A 1 mm thrust misalignment is considered, which is similar to LUMIO - a 12U lunar CubeSat
mission [67]. The disturbance torque is 3 mNm with the maximum thrust. Reaction wheels
sets with high maximum torque and momentum storage are utilised to compensate for the
disturbance [68]. Thrust vectoring is also essential for controlling the momentum build-up.
Additionally, maximum burntime limit is xed to avoid excessive heat build-up in the thruster.

The maximum mass requirement, CP-04, is constrained at 50% of the overall spacecraft mass
for the combined chemical electric propulsion system. Usage of green non-toxic propellants is
required (CP-05) because the CubeSat is assumed to be a secondary payload and any damage
to the primary spacecraft as well as any self-damage must be avoided. In addition to these,
waivers on some of the traditional CubeSat requirements, like maximum pressure of 7 bar
[14], are needed for executing the mission.

Chemical propulsion system selection is crucial since it has to be compatible with the MARIO
mission. The design options explored are cold gas systems, solid rocket motors, liquid mono-
propellant and bipropellant engines (section 2-2). A trade-o analysis is carried out to select
the most pertinent system for MARIO application. The main criteria for trade-o are: thrust
level, speci c impulse, system mass, system complexity, control capabilities, reliability, and
technology readiness level.

The thrust level provided by the propulsion system must meet CP-02 and the minimum value
must be high enough to expedite Earth escape. Individual systems providing lower thrusts
than 3 N can also be aggregated to provide a cumulative thrust that satis es CP-02. Another
option is to explore the possibility of controlling or limiting the thrust provided by some
systems that have larger thrust capabilities. The speci ¢ impulselsp is another key trade-o
criterion, since higherlsp directly contributes to mass savings. Thel s, depends upon multiple
factors such as propellant enthalpy, combustion characteristics, and thruster geometry. The
system mass is in uenced by the thrust, Isp, and the materials in constructing the system.
The complexity of the systems needs to be analysed since the CubeSat design philosophy has
always focused on simplifying the system to reduce cost. The system must be easy to design,
assemble, integrate and operate. The system must also have less modes of failure and must
have a high degree of operational reliability. Multiple factors in uence reliability and usually

the more the components, the more is the risk of failure. Owing to mass savings, the MARIO
mission follows a zero-redundancy policy and thus the propulsion system must operate with
precision and without failure. Finally, since CubeSat design has traditionally involved the
use of commercial o -the-shelf equipment, the technology readiness level (TRL) of the system
type is also important. the TRL of the system plays an important role in highlighting the
reliability by throwing light on the quali cation status for space operations.

Table 2-5 illustrates the propulsion trade-o . Considering the systems discussed in section 2-
2, the cold gas system is capable of producing the required thrust when aggregated. The,
is very low (<80 s), which will lead to a very high system mass. Taking into account the
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required V amd the Isp, the system mass will be excessive for cold gas systems. They are
however simple in architecture and have a very high degree of reliability. Additionally, they
have a very rich ight heritage.

Solid rocket motors have very high thrust capabilities that result in large vehicle accelerations
that may damage the structure. Apart from some digital solid microthruster arrays, there are
no solid rocket motors that provide thrusts that are compatible with CP-02. The I yield of
solid rocket motors are moderately high (180 270 s). The higher end of thd s yield (270 s)
corresponds to thrusters having 250 N thrust. These systems can be packed compactly and
the system mass is only partially compatible considering the V requirements and thelgp
yield of systems with lower thrusting capability. The system architecture is fairly simple and
does not involve any complex moving parts. Solid rocket motors do not have any start-stop
capability and they burn continuously. Thus, for the MARIO application, multiple small
scale systems should have to be installed and this increases the system mass and introduces
operational complexities. All solid motors have unspeci ed inherent thrust misalignment due
to the uncertainty in burn characteristics. Thus, the controllability and throttlability of solid
motors are extremely complicated.

Liquid monopropellant systems are capable of providing thrusts in the range of 0.3 1.5 N.
This is highly suitable for MARIO applications since two thrusters could be aggregated to
provide the required thrust. The Igp yield of monopropellant thrusters that use non-toxic
green propellants is high enough such that the propellant consumption for the required V is
compatible with the system mass requirements. Since the monopropellant systems are oper-
ated in either blow-down or pressure-regulated mode, there are check valves and ow control
valves present in the feed system. Thus, they are relatively complicated in comparison with
cold gas and solid motors. Owing to this complexity, the controllability of monopropellant
systems has some uncertainties and requires some improvement for precise operations. Liquid
monopropellant systems based on hydrazine and green propellants have ight heritage and
have a high degree of reliability [53].

Liquid bipropellant systems also provide thrusts that are suitable for MARIO applications.
Bipropellant systems that use highly concentratedH,O, with ethanol/kerosene are capable of
providing 1 1.5 N thrust [52, 65]. Other thrusters like HYDROS-C are capable of providing
0.4 N thrust [66]. Depending upon the individual thrust capabilities, a number of thrusters
could be aggregated to provide the required overall thrust. Bipropellant systems have a very
high 1sp yield, 290 315 s, and have excellent performance that leads to high mass savings.
These performances make them compatible in terms of system mass for the requiredV.
However, bipropellant systems are incredibly complex to operate. In the case of pressure-fed
bipropellant system, the pressures of oxidiser and the fuel need to be precisely controlled and
maintained in order to achieve the optimal mixture ratios for e cient combustion and con-
sequently for optimal performance. In cases where microturbopumps are used, the presence
of the moving parts induces a high degree of uncertainty and increases the risk of failure mul-
tifold. Bipropellant feed system design and integration is extremely complicated for CubeSat
applications and requires years of further development. The maturation of bipropellant sys-
tems for small satellite missions is very low and they are prone to valve failures and improper
propellant mixing, thus posing an unacceptable risk to the mission.

Thus, the choice of the propulsion system is clear. The liquid monopropellant systems that
utilise non-toxic green propellants have several advantages over the rest of the systems in terms
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of thrust, Isp, system mass, complexity, controllability, reliability, and technology readiness
level. Additionally, the use of green propellants satis es the non-toxicity requirement CP-05.

Table 2-5: Comparison of chemical propulsion systems

Criteria Thrust Complex- Reliabil-
. I'sp Mass P Control . TRL
Options level ity ity
red orange
IE0 I Long blue gre<n
Cold gas giecn Very low <80 | compatible JIECh S gb e 9
OK 0.92.36 N g with required | Simple system | duration burn ig
di cult.
\%
orange Led
red orange Partially green Ngast:tr)ti]?top red orange
Solid Very high Moderate compatible Simple Ung ecitz'd Prone to 6
>35N 180270 s with required system th':ust mis res
\% .
misalignment
green orange orange green green
M onopropellant green green (_ZtrJ]mpatl_bled Relalt_lvelyd PresstlJre-feded Good 9
OK0.315N High 220 250 s with require complicate .COntro needas
Y system improvement.
reen red e red
reen Lol Con% atible Extremel REEE SR Prone to orenge
Bipropropellant green Very high -ompat mey development : ) 45
OK0415N with required complicated : failures in
290315 s requires huge
Vv system aar feed system

blue Exceeds requirements green Meets requirements [orangel Correctable de ciencies [red Unacceptable

2-4  Propellant properties and analysis

2-4-1 ADN-blends vs HAN-blends

The choice of propellant is extremely crucial to ensure high performance of the propulsion

system. The most common propellant used in liquid monopropellant engine is hydrazine.

Flight heritage of such systems is good and they have a high degree of reliability. However,
most of the hydrazine propelled monopropellant systems have been used for attitude control
applications in large satellites. These large satellite systems have high budgets and are rig-
orously designed with several safety checks. The handling of hydrazine propellant is done by
several experts using advanced equipment. Hydrazine is highly toxic, corrosive, and probably
carcinogenic [69]. Hydrazine is classi ed within hazard 1 class explosive materials and has
restrictions on transportation.

CubeSat applications require non-toxic propellants due to several reasons. Firstly, Cube-
Sats are secondary payloads and have di erent, often lenient, safety and design requirements
compared to traditional large spacecraft. Such spacecraft shall be the primary payload and
no primary contractor would want to give a ride to a secondary payload carrying corrosive
propellant such as hydrazine, especially provided that there is a higher risk of leak. Secondly,
the handling of non-toxic and low-volatile chemicals is easier, safer, and cheaper. Since Cube-
Sats are developed by universities and small spacecraft consortia, the handling will be done
by personnel with lesser experience. Thus, it is paramount to reduce health risks to those
personnel. Finally, the recent developments in green propellants has shown that they have
higher densities and lower environmental sensitivities compared to hydrazine. Hydrazine has
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a density of 1.004kg=m? at room temperature while the green propellants have densities in
the range of 1238 to 147&g=m3. Since CubeSats are severely size constrained, higher density
propellants are better suited to enhance storage capabilities [49].

To this extent, the propellants under consideration are blends of ADN - Ammonium dini-
tramide (NH4[N(NO>),]) and HAN - Hydroxylammonium nitrate ( NH3OHNO3). Another

possible consideration is the HTP - high test peroxide which is 87.5%1,0, in water. How-
ever, in comparison with the ADN and HAN based propellants, the HTP is more volatile
and less stable. ADN is a solid white salt with ammonia cation (NH4+) and dinitramide

anion (N(NO2), ) which is readily soluble in water and other polar solvents [47]. HAN is an
inorganic compound derived from hydroxylamine and nitric acid.

The blends of ADN considered are FLP-106 and LMP-103S while the blend of HAN con-
sidered is the AF-M315E. FLP-106 consists of 64.6% ADN, 23.9 % water and 11.5% Mono-
methylformamide - MMF ( Co,HsNO) [70]. LMP-103S consists of 63% ADN, 13.95% water,

18.4% Methanol, and 4.65% Aqueous Ammonia (25%), which is similar to FLP-106 [70].
The composition of AF-M315E remains classi ed as it was developed by the Air Force Re-

search Laboratory (AFRL) of the United States Air Force. Some of the properties of these

propellants are summarised in Table 2-6.

Table 2-6: Green propellant comparison

Property LMP-103S FLP-106 AF-M315E
Liquid phase density, [kg=m?] 1238 1357 1470
Speci ¢ impulse, | sp [S] 251.% 258.2 257
Combustion temperature, T¢ [K] 1864.57 2133.4 2173
Saturation temperature, Ts [K] 266.15 273.15 193.15
Acute Toxicity LDsg [mg/kg] 750 1270 550
Skin irritation None None Slight
Corrosivity None None Medium
pH Level 7 7 3.74
TRL 9 7 9
Export control None None ITAR

2 Speci c impulse and combustion temperature of LMP-103S and FLP-106 are calculated using
NASA CEA with P¢ =20MPa and " =50 (frozen).

b AF-M315E properties are obtained from Werling et al [56] and Spores et al [57]. lsp and Tc
could depend strongly upon the simulated conditions.

AF-M315E has the highest density (1470kg=m3) among the considered propellants, followed
by FLP-106 (1357 kg=m?)) and LMP-103S (1238kg=m?) [49, 56]. In terms of | ¢p, FLP-106
has the highest yield [56]. The calculations are performed for LMP-103S and FLP-106 using
the NASA Chemical Equilibrium Analysis (CEA) code [71]. Chamber pressureP. was set
at 2 MPa and the nozzle expansion area ratio' was set at 50 with frozen ow conditions
at the nozzle exit. AF-M315E also has a signicant I sp yield while LMP-103S yields the
lowest of the three. The compositions of LMP-103S and FLP-106 play a signi cant role in
the determination of T, and Isp. The values for AF-M315E are obtained from Werling et al
[56] and Spores et al [57].

The saturation temperature of LMP-103S and FLP-106 are 7°C and 0°C, respectively. This
is due to the water content in these blends. AF-M315E does not freeze but crystals are formed
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at 80°C. The acute toxicity by the measure of LDsg (oral) - the mean lethal dose to kill half
the members of a tested population - of LMP-103S, FLP-106 and AF-M315E are 750 mg/kg,
1270 mg/kg and 550 mg/kg, respectively; which signi es that AF-M315E has the highest
toxicity among the considered green propellants [49, 72]. However, AF-M315E causes slight
skin irritation upon contact and is acidic with a pH level of 3.7 4 [72]. AF-M315E is also
corrosive and the main component HAN is unstable to acids, isocyanates, ketones etc. Also,
HAN decomposition will be triggered if a prolonged contact is maintained with metals such
as copper, iron, nickel and some other transition metals [72]. Thus, long term storage of AF-
M315E is complicated and only a select set of materials can be used. Regarding the technology
readiness level, LMP-103S already has ight heritage [53]. FLP-106 is yet to be own but
due to the similarity with LMP-103S, the TRL level is su ciently high. Extensive testing

of FLP-106 propellant has been pursued at the Deutsches Zentrum fir Luft-und Raumfahrt,
Lampoldshausen [54, 70, 73]. AF-M315E was used in the GR-1 and GR-22 propulsion systems
own on-board the Green Propulsion Infusion Mission (GPIM) 1.

Considering the di erent properties, FLP-106 is chosen as the propellant for the chemical
propulsion system for MARIO mission application. LMP-103S, although having ight herit-
age, has a lower density than FLP-106. Thus, FLP-106 can be stored in smaller propellant
tanks, which is advantageous due to CubeSat size constraints. Additionally, FLP-106 is pre-
sumed to reach a high degree of maturation by 2024 [54, 74]. Thks, yield of FLP-106 is
higher than that of LMP-103S and AF-M315E, which leads to lower propellant mass for the
required V. The combustion temperature T, of AF-M315E is higher than that of FLP-106,
which makes the design of the thrust chamber very expensive or even impossible since very
few materials can withstand such heat. FLP-106 is much safer to handle due to its very
low sensitivity, volatility, and neutral nature [47]. AF-M315E, due to its corrosive and acidic
nature, will possibly decompose on prolonged contact with the feed pipes and valves which
are usually made of steel, copper or nickel. FLP-106 is non-reactive to these metals. Fi-
nally, FLP-106 is not export controlled substance and is accessible unlike AF-M315E which
is ITAR-restricted.

Thermochemical analysis of FLP-106 using the NASA Chemical Equilibrium Analysis (CEA)
code is pursued to obtain the propellant performance [71]. As mentioned, FLP-106 consists of
64.6% ADN, 23.9 % water and 11.5% Monomethylformamide - MMF C>HsNO) [70]. In the
condensed phase, the heats of formation are: MMF HP = -247.4 kJ/mol [75], ADN  HP =
-134.6 kJ/mol [76], and Water Hf0 =-285.8 [77]. At P = 2 MPa and area ratio " = 50 with
frozen ow conditions at the exit, the analysis yields an ideal vacuum speci ¢ impulsel sp.yac

= 258.2 s. Some key properties of FLP-106 and its performance are listed in Table 2-7.

2-5 Thruster performance and design

The thruster design is pursued with a target thrust of 3 N (CP-01). ADN-based thrusters
providing 1 to 1.5 N thrust are currently under development [49, 53]. To provide the necessary
thrust, two 1.5 N thrusters can be utilised.

1Green Propellant Infusion Mission Fires Thrusters for the First Time https://www.nasa.gov/
directorates/spacetech/home/tdm/gpim_fires_thrusters_for_first_time . Last accessed: 10-Oct-2019
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Table 2-7: Properties of FLP-106 and ideal performance prediction using NASA CER.at 2
MPa and" =50 (frozen)

Property Value Property Value
Molecular mass,M 22.8kg=kmol Characteristic velocity, c 1361.7 m/s
Liquid phase Density, 1357kg=m3  Thrust coe cient, Cg 1.7985
Saturation temperature, Ts 273.15K Ideal speci ¢ impulse, | sp 258.2 s
Vapour pressure,Pyap <21 mPa Combustion temperature, T 2133.4 K

The method of ignition and the ignition characteristics of the propellant play an important role

in propulsion system design. Some studies utilize a hot catalytic bed for the decomposition of
ADN [54]. The catalyst bed design is a complicated process and its analysis is out of the scope
of this work. Wilhelm et al [73] have found that thermal ignition using a glowplug yields a
stable ame and an acceptable ignition time for FLP-106 propellant. An exothermic reaction
that corresponds to ADN decomposition starts at 150C [78]. The ignition temperature of
FLP-106 is between 150C to 200°C.

The real performance of the thruster is calculated by rst performing a thermochemical ana-
lysis using NASA CEA and then by including the necessary nozzle and combustion e ciencies.
Thruster design is iterated until the required performance values are achieved. The chamber
pressure,P¢, is maintained at 2 MPa, which yields a similar thrust performance to the HPGP
thruster on-board PRISMA satellite [53].

In the set-up of the analysis in NASA CEA, rstthe P is set followed by the nozzle contrac-
tion area ratio ("¢ = 50) for a nite combustion chamber area and di erent nozzle expansion
area ratios (" = 50, 100, 150, 200, 250, 300) for a parametric analysis. The reactants and are
de ned and their corresponding amounts and formation enthalpies are specied. FLP-106
monopropellant is de ned with the reactants ADN - 64.6%, Water - 23.9% and Monomethyl-
formamide - 11.5%.

The important performance parameters calculated by CEA are combustion temperatureT,
molecular mass of the combustion ga$/, the speci ¢ heat ratio k, density of the combustion
gas ¢, gas velocity vg, ideal characteristic velocity ¢, ideal thrust coe cient Cr;geal ,
and vacuum speci ¢ impulselsp [71]. The specic gas constantRyss is calculated using the

molecular massM and the universal gas constantR.

A conical nozzle with a throat diameter, D¢, of 0.75 mm is utilised. From CEA calculations,
the Reynolds number (Re) at the throat is 15000 For such Re values, the average nozzle
eciency , is 0.92 [27]. The combustion e ciency . is 0.950.99 for a well designed com-
bustion chamber [27]. An average value of . = 0.98 is used. For" = 50, application of
these quality factors yields anlsp of 232.8 s, which is considered low since it leads to a large
propellant mass for the required V. Thus, it is necessary to increase thée' to improve the
performance.

The variations of I sp and T with respect to the area ratio " are studied to obtain the required
performance and design parameters for the monopropellant thruster. The mass ow raten
and subsequently the thrust are calculated using Egs.(2-7) (2-10) [27].
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m= g w S 2 (DD (2-7)
" (k Rgas T)  K*1

T=mc Ck (2-8)

Cr = n Crideal (2-9)

C = cCieal (2-10)

The thrust and the speci c impulse increase with the increase in area ratio, as illustrated
in Figure 2-6. The value of " = 200 is chosen for the design. The rationale being that
the corresponding performance values satisfy thruster requirements and highér values yield
only a small increase in performance while leading to higher material usage and thruster mass.
Additionally, very high " values could lead to higher divergence losses, thereby reducing nozzle
e ciency [27]. Thruster performance parameters for " = 200 are listed in Table 2-8.

Figure 2-6: Ideal and estimated thrusT and speci ¢ impulsd s, variation with area ratio ().
Total e ciency o = 0.9016

Table 2-8: Estimated thruster performance fdr = 200 using NASA CEA

Property Value Property Value
Combustion e ciency, . 0.98 Characteristic velocity, ¢ 1334.47 m/s
Nozzle e ciency, 0.92 Thrust coe cient, Cg 1.7383

Max Thrust (per thruster) 1.536 N  Mass ow rate (per thruster), m 0.673 g/s
Speci ¢ Impulse, |5 241.2 s Exhaust velocity,ve 2366.17 m/s

Chamber temperature, T.  2133.4 K

A nite area combustion chamber with a nozzle contraction ratio " of 50 is used. It is the
ratio between the combustion chamber cross sectional ared.; and the nozzle throat areaA;.
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and the constriction length L¢on = 1.5 mm is chosen as a preliminary design value to achieve a
45° constriction angle. SinceA; = D t2:4, and D is already known, the combustion chamber
diameter D¢ is directly calculated using "¢.

Combustion chamber volumeV; is calculated in several steps. First, the specic volume at
the throat Vs is calculated using equation (2-11).

P
A[ kRgasTc
m

Vs;t = (2-11)

Here, P kRgas Tc corresponds to the sonic velocity at the throat, vi. The mass ow rate
m is obtained from equation (2-7) and the combustion temperatureT. is obtained from the
thermochemical analysis. Then, with Vs, the speci c volume at the combustion chamber is
calculated using equation (2-12)

Vsit _ Atp KRgasTe 2 (1)
k+1 (&9) m K+1
2

Vs;c = (2'12)

Now, the characteristic length L and the chamber residence times are de ned using equa-
tions (2-13) and (2-14)

Ve

L = 2-1
x (2-13)
Ve

ts = 2-14

= MVes (2-14)

Now, combining equations (2-12), (2-13) and (2-14), we get an expression for the total
combustion chamber volume that is expressed using equation (2-15) [27].

o 1=k 1)

q___
Ve=tsmMVsc=ts At KRgas Tc ——
Cc s .1 Vsic S t gas 'c k+1

(2-15)
(2-16)

The total combustion chamber volume is the sum of the volumes of the cylindrical part and
the contraction frustum (equation (2-17)).
S !
A A
Ve=AcLc+ Acleon 1+ g X

— 2-17
A A (2-17)

Here, A. is the combustion chamber cross sectional area. The second term on the right is the
volume of the frustum. SinceV, is calculated using equation (2-15), the combustion chamber
length is calculated by rearranging equation (2-17) into equation (2-18).
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S !
Ve At At
Lce=— L 1+ —+ — 2-18
c Ac con Ac Ac ( )
Characteristic length L = 1.5 m is used which in turn yields the maximum combustion
performance [54, 73]. The corresponding residence tintg = 0.0026 s. The nozzle is designed
by assuming a 4 = 15° half expansion angle. The length of the divergent part of the nozzle
L is calculated using equation (2-19).

P
T 2-19
N = fan g (2-19)

Here, Ry is the throat longitudinal radius which is 1.5 R [79]. The chamber and nozzle
design parameters are listed in Table 2-9. The thrusters are placed outside the 16U spacecraft
structure.

Table 2-9: Monopropellant thruster design parameters

Parameter Value Parameter Value
Thrusters 2 Throat diameter, D¢ 0.75 mm
Chamber pressure P 2 MPa Contraction ratio, Ac=A; 50
Chamber volume, V; 662.7mm?3 Expansion area ratio, " 200
Chamber diameter, D 5.3 mm Expansion half angle, 15°
Chamber residence timets 0.0026 s Nozzle length (divergent)L n 18.47 mm
Chamber length, L 28.26 mm  Thruster mass (total), Mgyruster 0.4 kg 2
2 Value assumed based on state-of-the-art 1N monopropellant thrusters without valves Ariane Group - http:
Ilwww.space-propulsion.com/brochures/hydrazine-thrusters/hydrazine-thrusters.pdf Last accessed:
04-April-2019

2-6 High-thrust trajectory analysis

Spacecraft trajectory is calculated by assuming a 2-body problem, discarding perturbations,
and integrating the equations of motion with the calculated thruster performance and the
injection orbit as input. The goal of the trajectory analysis is to nd a) required burntime
(tp) for each maneuver, b) total number of maneuvers required to achieve Earth escape with
the lowest ight time, c) the overall V imparted to the spacecraft, and d) the overall
propellant mass consumed.

The injection orbit has a perigee altitude of 295 km and an apogee altitude of 90000 km.
Thus, the eccentricity of the orbit is 0.87. The assumed initial orbital parameters are f, €, i,
.1, }={51526 km, 0.8705, 0:01°, 0°, 0°, 0°}. The orbit raising and Earth escape trajectory
is split into two parts, the powered ight and the ballistic ight. The powered ight is when
the thrust is applied over a speci ¢ value of the burntime t, and the ballistic ight is when
no thrust is applied. The burn manoeuvres are performed near perigee for e cient and swift
orbit raising. The t, remains constant for all manoeuvres and the thrust is initiated at t,=2
before perigee and ends at,=2 after perigee. This is done so because it is prudent to perform
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the burn manoeuvres closest to the perigee point. Since the manoeuvres are real rather than
impulsive, the burn should begin just before perigee and end just after perigee. This also
reduces the gravity losses.

The thruster performance values ofT =3 N (CP-01) and |sp = 241.2 s are utilised. The total
time until escape depends upon the thrust and burntime. A grid search is done to calculate the
ty, for each maneuver based on the lowest overall ight time (powered and ballistic) until Earth
escape. The sampled values df, for each maneuver range from 400 to 600 seconds. Each
successive burn increases the apogee and the integration of equations of motion is performed
until Earth escape (e = 1) is achieved. They are expressed in equations (2-20) (2-22).

dr T
dm iT]
- = 2-21
4V
T = U Trmax i (2-22)

Here, r is the radius vector, is the gravitational parameter of Earth, and m is the spacecraft
mass. In equation (2-22), the quantity u denotes the throttle control, which is either 1 or O
depending whether the thrust is applied or not. The quantity v=jjvjj indicates the direction
of thrust along the velocity vector. The maximum thrust Tmax = 3 N.

The calculated t, for each maneuver is 598.6 s such that overall ight time is kept to the
minimum. The minimum total ighttime P =792:73 hours ( 33.03 days) . This ight time

is counted as the Earth orbiting time until eccentricity e =1, and not the time to reach the
Earth sphere of in uence. The total number of maneuvers is 6 and the escape is achieved
at the 7th orbit. The number of Van Allen belt crossings amount to 13. The orbital raising

is illustrated in Figure 2-7. An additional 30 days coasting period could be considered for
reaching the Earth sphere of in uence.

The calculated cumulative Vegc Of the orbit raising and escape maneuvers is 363.14 m/s,
which is 3 m/s higher than the ideal V for escape. This dierence corresponds to the
accumulated gravity losses ( Vg 1%). A 10% margin is placed on the ideal V for contin-
gency and Vese;mg iS 396 m/s. Using equation (2-6), the propellant mass is calculated. The
propellant mass (Mp:mg) pertaining to Vesc:mg is 4.993 kg while themy for  Vesc is 4.553

kg.

The stabilization manoeuvre is executed after low-thrust heliocentric transfer and ballistic
capture. The Vg = 45 m/s and a 10% margin is again placed for contingency, thus
making  Vstah:mg = 49 m/s. The propellant mass my.stan = 0.418 kg and the margined value
Mp:stabmg = 0.459 kg. A 5% margin is placed on the cumulative margined propellant masses
for Earth escape and Mars stabilization to account for the RCS thruster operations, i.e.,
Mp:res =0:05  (Mp:mg + Mp:stabmg)- Thus, the overall chemical propellant mass is 5.725 kg.
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(a) Orbit raising (b) Burn
trajectory

Figure 2-7: MARIO orbit raising and escape - ballistic and burn trajectories

Table 2-10: Mission parameters for orbit raising and escape

Parameter Value Parameter Value

Initial Mass, m; 32 kg Propellant mass (real),mp 4.553 kg
Thrust, T 3N Propellant mass (margined), Mpmg  4.993 kg
Speci ¢ Impulse, | 5p 241.2 s Final mass at Earth escapemy.esc  27.447 kg?
Burn Time per maneuver, ty 598.6 s Mars stabilization Vstap 45 m/s
Orbit raising maneuvers 6 Margined Vstabmg ( 10%) 49 m/s
Ideal Vesc 359.66 m/s Propellant mass for Vstap 0.418 kg
Real Vesc 363.14 m/s  Propellant mass for Vstan;mg 0.459 kg

Margined Vese;mg (10% margin) 396 m/s Propellant mass for RCS,mp;cs 0.273 kg
Overall propellant mass, Mp:mg:ovr 5.725 kg

@ Calculated based on the real mp and not the margined.

2-7 Feed system design and system sizing

The feed system consists of the storage tanks, valves, ow lines, and the tank pressurization
system. The overall margined propellant massny:mg.ovr = 5:725kg for the monopropellant
system with an Is, = 241:2s Considering the liquid phase density of FLP-106 at room
temperature (see Table 2-7), the total propellant volume is 4218.6cm?, which in terms of
CubeSat units is  4.2U.

A regulated pressure-fed system is utilised as the thrust must be precise and constant [80].
Gaseous nitrogenGN3 is used as the pressurant. A pressurized propellant tank requires a
spherical shape or a cylindrical shape with spherical or ellipsoid dome ends to be safe as
the pressure is e ectively distributed without causing severe stress points along the structure.
However, for a42186 cmd tank, the radius of the spherical tank will be  9.62 cm, which leads
to spatial accommodation issues in a 16U CubeSat. Thus, cylindrical tanks with spherical or
ellipsoid dome ends are considered.

Most common type of ellipsoid is theoblate ellipsoid It looks like a standard spherical dome
with a circular base but it looks like it is 'squashed' a little from the top, i.e., the sides are
more vertical and the top is atter compared to a spherical dome. Eventhough there is a
minor increase in stress along the walls, the main advantage of ellipsoid dome over a spherical
dome is that for the same volume, there is more headroom along the vertical axis. This
directly contributes to space saving and allows for easier accommodation within the CubeSat
structure.
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The propellant tank consists of the cylindrical part and the ellipsoid dome. The volume of
the oblate ellipsoid dome is calculated using equation (2-23) and the volume of the cylindrical
part is given by equation (2-24)

4
Vdome = 3 ba? (2-23)
Vey = 1 2h (2-24)
Viank = Veyl + Vdome (2-25)

Here, the quantities a and b are semi-major and semi-minor axes, respectively. The semi-
major axis a corresponds directly to the radius of the cylindrical part r and the semi-minor
axis is adjustable. The quantity h represents the height of the cylindrical part. The total
tank volume Vian must accommodate the total propellant volume Vprop and also include an
ullage volume for gas pressurisation. The tank diameter and height are iterated until the
required Vignk is achieved.

Assuming a 10% ullage volume, one large tank with 17 cm diameter would have a height
of 22.8 cm. To save space and to accommodate rest of the feed system components, four
tanks each with a diameter of 9.4 cm are be used. This also helps in reducing the propellant
sloshing that occurs with larger tanks. Each tank has a capacity of 1160.Tm? a height of
18.05 cm, occupying 1.8U space. These tanks are similar to the storage cell designs by Eagle
Picher Technologies [81]. The tanks shape and their assembly in the spacecraft structure are
illustrated in Figure 2-8.

(a) Tank shape (b) Tank assembly

Figure 2-8: Propellant tank shape and assembly. The dark blue tanks hold the propellant and
the light blue tank holds the pressurizer gas. The thrusters are placed outside the spacecraft
structure.

The nominal feed pressurePseeq is set at 2.2 MPa and the Maximum Expected Operational
Pressure (MEOP) is 2.6 MPa. The feed pressure value is similar to the one for a high-
performance ADN-based monopropulsion system on-board PRISMA satellite [53]. A burst
factor of 1.5 is applied on the MEOP to obtain the burst pressure, which is 3.9 MPa. The
pressurant gas GN») pressure Pyss is considered to be 28 MPa at 323 K, at which the
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