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Abstract
Interplanetary CubeSats enable universities and small-spacecraft consortia to pursue low-cost,
high-risk and high-gain Solar System exploration missions, especially Mars missions. Cost-
effective, reliable, and flexible space systems need to be developed for CubeSats to embark
on interplanetary missions. Primary propulsion systems become an integral part of inter-
planetary CubeSats since orbital manoeuvring and control become indispensable. CubeSat
missions can be accomplished by a) in-situ deployment by a mother ship, and b) highly flex-
ible stand-alone Cubesats on deep-space cruise. Stand-alone CubeSats have a high degree of
flexibility and autonomy which widen the launch windows and introduce new paradigms in
autonomous guidance, navigation and control.

The current work focuses on design and performance characterisation of combined chemical–
electric propulsion systems that shall enable a stand-alone 16U CubeSat mission on hybrid
high-thrust–low-thrust trajectories from Earth to Mars. The emphasis is on combined propul-
sion since they are two separate systems in the same spacecraft that are used in different
mission phases. Hybrid transfer solutions that utilise chemical–electric propulsion achieve
a balance between system mass and transfer time. The application case is the Mars At-
mospheric Radiation Imaging Orbiter (MARIO), a 32 kg 16U CubeSat mission that shall
demonstrate the capabilities to escape Earth, perform autonomous deep-space cruise, achieve
ballistic capture, and be emplaced on an operational orbit about Mars.

Chemical propulsion design is based on the ∆V requirement of 445 m/s for Earth escape
and Mars capture orbit stabilisation, thrust constraint of 3 N, and combined propulsion
system mass constraint of 50% of the initial wet mass. The system utilises non-toxic green
monopropellant, an Ammonium Dinitramide (ADN)-blend called FLP-106, to improve safety
and performance over conventional propellants such as Hydrazine. The thruster operates at 2
MPa combustion pressure. The nozzle throat diameter is 0.75 mm, the expansion area ratio
is 200 and an expansion half angle of 15°. Two thrusters are used and the total thrust yield
is 3.072 N and the Isp yield is 241.2 seconds. High-thrust trajectory analysis is performed to
calculate the propellant consumption for the shortest time for Earth escape. The high-thrust
trajectory is executed in multiple burns to raise the orbit and each thruster burn is split
equally before and after the perigee. The overall flight time, including powered and ballistic
flight, until reaching eccentricity e = 1 is ∼33.03 days. The total propellant mass is 5.725
kg for the required ∆V . Four elliptical dome ended cylindrical tanks, with a total volume
of 4640.4 cm3, are used to accommodate the propellant. The tanks are designed for a burst
pressure of 3.9 MPa and a nominal feed pressure of 2.2 MPa. A pressuriser tank with a volume
of 492 cm3 containing gaseous nitrogen at 28 MPa is designed to maintain the propellant tank
pressure. The total feed system volume is 8U. The overall mass of the chemical propulsion
system is 6.91 kg, which is 21.59% of the wet mass (32 kg).
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Electric propulsion is utilised in executing low-thrust autonomous heliocentric transfer, achiev-
ing ballistic capture, and circularising the spacecraft trajectory to an operational orbit about
Mars. The design is based on the requirements placed on maximum transfer time and max-
imum power consumption as well as the constraint on the combined propulsion system mass.
A performance model of an iodine-propelled inductively coupled miniature radiofrequency ion
thruster is implemented to calculate the variation of thrust, specific impulse and efficiency
with input power. The thruster size is 2.5 cm. The initial mass flow rate is maintained at
48 µg/s and the grids are maintained at 2000 V potential difference for ion acceleration. The
maximum thrust yield is 1.492 mN and the maximum Isp is 3168 seconds, considering the
maximum input power of 67 W. The thrust and Isp increase/decrease with increasing/de-
creasing input power, which in turn depends upon the Sun–spacecraft distance. A power
constrained low-thrust trajectory optimisation utilising the thruster performance model is
pursued to calculate the transfer time, ∆V and the required propellant mass for fuel-optimal
and time-optimal transfers. Low-thrust circularization is then performed to complete the
mission design and to size the system. For the time-optimal transfer, the total time of flight
is 1250 days with a continuous thrusting period of 1186.83 days. The cumulative ∆V is 5.837
km/s. The total propellant mass amounts to 5.87 kg for a time-optimal heliocentric transfer
and low-thrust circularization. A thermoplastic propellant tank with dimensions of 20 cm ×
10 cm × 6.5 cm is used to store the propellant. Including the PPCU and the feed system,
the overall volume amounts to 3U. The overall system mass is 6.57 kg, which is 20.53% of the
launch mass.

Preliminary systems design of MARIO is presented to provide an overview of the mission and
the context for the research. The system architecture and flight systems design that includes
information on subsystems such as power, communications etc. are presented. The config-
uration of the MARIO spacecraft and the system budgets are also presented. Reflectarrays
along with high-gain antennas are utilised to establish long-distance low-bandwidth X-band
communication link with the Earth. Two deployable solar arrays with a drive mechanism
are utilised for continuous power generation. The spacecraft uses a modified 16U structure
with aluminium shielding. A customised VIS and IR range camera is used along with a
high-capacity processor for observation and on-board processing.

Concurrent optimisation of low-thrust trajectory and electric thruster operations is performed
to achieve comprehensive optimal solutions for heliocentric transfers. Thruster control para-
meters such as input grid voltage, mass flow rate, and RF coil power along with trajectory
control parameters such as azimuth and elevation thrusting angles in spacecraft body centred
frame are concurrently optimised to achieve transfers with minimum flight time. The defin-
ition of this framework paves the way for autonomous and responsive thruster operations
along the trajectory for achieving efficient transfers without human intervention. This shall
enable a comprehensive design of autonomous interplanetary CubeSats.

Combined chemical–electric propulsion could lead to a major paradigm shift in solar system
exploration efforts using CubeSats at high science-to-investment ratio.
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Sommario
I CubeSat interplanetari consentono alle università e ai consorzi di piccoli satelliti di compiere missioni
di esplorazione del sistema solare a basso costo, ad alto rischio e ad alto impatto, in particolare verso
Marte. Sistemi spaziali economici, affidabili e flessibili devono essere sviluppati affinché i CubeSat
possano intraprendere missioni interplanetarie. I sistemi di propulsione primaria diventano parte
integrante dei CubeSat interplanetari poiché sono indispensabili per le manovre e il controllo orbitale.
Le missioni CubeSat possono essere caratterizzate (a) da un posizionamento in-situ effettuato da un
satellite madre o (b) da CubeSat autonomi e altamente flessibili, in grado di compiere una crociera
nello spazio profondo. Un alto grado di flessibilità e indipendenza permette ai CubeSat autonomi
di allargare le finestre di lancio e introdurre nuovi paradigmi nella guida, navigazione e controllo
autonomi.

Il presente lavoro si concentra sulla progettazione e la caratterizzazione delle prestazioni di sistemi di
propulsione combinati chimico–elettrici per consentire missioni di CubeSat 16U autonomi su traiettorie
ibride ad alta/bassa spinta, dalla Terra a Marte. L’enfasi è sulla propulsione combinata, che consiste
in due sistemi separati nello stesso satellite, i quali vengono utilizzati in diverse fasi della missione.
Le soluzioni di trasferimento ibrido che utilizzano la propulsione chimico–elettrica permettono un
compromesso tra la massa del sistema e il tempo di trasferimento. Il caso di studio è la missione Mars
Atmospheric Radiation Imaging Orbiter (MARIO), una missione che prevede l’impiego di un CubeSat
di 16U da 32 kg, il quale deve essere in grado di sfuggire dalla Terra, eseguire una crociera autonoma
nello spazio profondo, realizzare la cattura balistica ed essere collocato in un’orbita operativa attorno
a Marte.

Il design della propulsione chimica si basa su un requisito di ∆V , corrispondente a 445 m/s, per sfuggire
dalla Terra e stabilizzare l’orbita di cattura attorno a Marte, su un vincolo di spinta di 3 N e su un
vincolo di massa del sistema di propulsione combinata del 50% della massa iniziale al lancio. Il sistema
utilizza un monopropellente green non tossico, nello specifico, una miscela di ammonio dinitramide
(ADN) denominata FLP-106, il quale è più sicura e performante rispetto ad altri propellenti (e.g.
idrazina). La pressione in camera di combustione del propulsore è di 2 MPa. Il diametro di gola
dell’ugello è pari a 0.75 mm, il rapporto delle aree È pari a 200 ed il semi-angolo di espansione è pari a
15°. Vengono impiegati due propulsori in grado di fornire una spinta totale di 3.072 N ed un impulso
specifico di 241.2 s. È stato eseguita un’analisi di traiettoria ad alta spinta per calcolare la quantità
di propellente necessaria da garantire un fuga dalla Terra nel minor tempo possibile. La traiettoria
ad alta spinta viene eseguita tramite manovre multiple per allargare l’orbita ed ogni manovra viene
suddivisa in parti uguali prima e dopo il perigeo. Il tempo di volo totale, alimentato e balistico, fino
al raggiungimento di un eccentricità e = 1 è pari a ∼33.03 giorni. Per il ∆V richiesto, la massa di
propellente necessaria è di 5.725 kg. Quattro serbatoi di forma cilindrica con estremità ellissoidali,
per un volume totale di 4640.4 cm3, sono utilizzati per lo stoccaggio del propellente. I serbatoi sono
progettati per resistere ad una pressione di scoppio di 3.9 MPa e ad una pressione di alimentazione
nominale pari a 2.2 MPa. Per mantenere i serbatoi del propellente in pressione, è stato progettato un
serbatoio pressurizzato, di volume pari a 492 cm3, contenente azoto gassoso inizialmente alla pressione
di 28 MPa. La massa totale del sistema di propulsione chimica è 6.91 kg, corrispondente al 21.59%
della massa iniziale al lancio (32 kg).
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La propulsione elettrica viene utilizzata per eseguire il trasferimento eliocentrico autonomo a bassa
spinta, per realizzare la cattura balistica e per la circolarizzazione della traiettoria del satellite in
un’orbita operativa attorno a Marte. Il design si basa sui requisiti posti sul tempo di trasferimento
massimo, sul massimo consumo di potenza e sul vincolo della massa del sistema di propulsione com-
binata. Inoltre, è stato implementato un modello di prestazioni di un propulsore ionico in mini-
atura, basato sullo iodio, attivato tramite radiofrequenza e accoppiato induttivamente. Tale modello
è utilizzato per calcolare la variazione di spinta, l’impulso specifico e l’efficienza in funzione della po-
tenza in ingresso. La dimensione caratteristica di tale propulsore è 2.5 cm. La portata massica è
mantenuta a 48 µg/s, mentre, per garantire l’accelerazione degli ioni la differenza di potenziale delle
griglie è mantenuta a 2000 V. Considerando il caso in cui viene fornita la potenza massima, pari a 67
W, la spinta massima è di 1.492 mN e il massimo Isp è di 3168 s. La spinta e l’Isp crescono/diminuis-
cono con la crescita/diminuzione della potenza fornita, la quale a sua volta dipende dalla distanza dal
Sole. Un’ottimizzazione di traiettoria a bassa spinta, basata sul modello di prestazioni del propulsore
e vincolata dalla potenza, è effettuata per calcolare il tempo di trasferimento, il ∆V e la massa di
propellente richiesta per trasferimenti a tempo minimo e trasferimenti ottimi in termini di propellente.
Viene quindi eseguita una circolarizzazione a bassa spinta della traiettoria per completare il design
della missione e dimensionare il sistema. Considerando il caso di trasferimento a tempo minimo, il
tempo totale di volo è 1250 giorni, incluso un periodo di spinta continua pari a 1186.83 giorni. Il ∆V
cumulativo è pari a 5.837 km/s. Nel caso di trasferimento eliocentrico a tempo minimo e circolarizza-
zione a bassa spinta, la massa totale di propellente ammonta a 5.87 kg. Un serbatoio termoplastico
di dimensione 20 cm × 10 cm × 6.5 cm viene utilizzato per lo stoccaggio del propellente. Includendo
il PPCU e il sistema di alimentazione, il volume totale ammonta a 3U. La massa totale del sistema
propulsivo elettrico è pari a 6.57 kg, corrispondente al 20.53% della massa iniziale al lancio.

Viene presentata la progettazione preliminare dei sistemi di MARIO per fornire una panoramica della
missione e dello scopo della ricerca. Vengono presentate l’architettura del sistema e la progettazione
dei sistemi di volo che includono informazioni sui sottosistemi quali quello elettrico, delle telecomu-
nicazioni, ecc. Vengono inoltre presentati la configurazione di MARIO e i budget del sistema. Reflec-
tarrays ed antenne ad alto guadagno sono utilizzate per stabilire una connessione con la Terra a lunga
distanza e bassa banda nell’intervallo di frequenze X-band. Per la generazione continua della potenza
vengono utilizzati due pannelli solari dispiegabili, equipaggiati con un meccanismo di rotazione. Il
CubeSat utilizza una struttura 16U ad hoc e schermata in alluminio. È inoltre previsto l’utilizzo di
una camera VIS & IR e di un processore ad alte prestazioni per l’osservazione e l’elaborazione di bordo.

L’ottimizzazione simultanea della traiettoria a bassa spinta con le operazioni del propulsore elettrico
viene sfruttata per ottenere soluzioni ottimali dei trasferimenti eliocentrici. I parametri di controllo
del propulsore, come il voltaggio della griglia, la portata massica e la potenza della bobina RF, insieme
ai parametri di controllo della traiettoria, ovvero gli angoli di azimut e di altezza della spinta, sono
contemporaneamente ottimizzati per ottenere trasferimenti con tempo di volo minimo. La definizione
di questa metodologia apre la strada a operazioni autonome del sistema propulsivo lungo la traiettoria
in modo da effettuare trasferimenti efficienti senza intervento umano. Ciò consentirà una progettazione
completa di CubeSat interplanetari autonomi.

La propulsione chimico–elettrica combinata potrebbe portare ad un grande cambiamento di paradigma
negli sforzi di esplorazione del sistema solare usando CubeSat ad alto rapporto fra ritorno scientifico
e investimento.
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Chapter 1

Introduction

1-1 Interplanetary CubeSat Missions

“Imagine... Imagine sending an object the size of a shoebox from Earth all the
way to Mars, cruising through 100 million kilometres all by itself.”

That is the context of this work. The object the size of a shoebox is a CubeSat and the title of
this work reflects this quote : Combined chemical–electric propulsion and hybrid trajectories
for stand-alone deep-space CubeSats.
A CubeSat is a small spacecraft consisting of single or multiple cubic units, each with dimen-
sions 10× 10× 10 cm3. According to the standard developed at California Polytechnic State
University and Stanford University [1, 2], along with the said dimensions, each unit should
weigh 1.33 kg. However, further research, development and building of new CubeSats has
contributed to the relaxation of mass requirements per unit. CubeSats utilise Commercial
off-the-shelf (COTS) products related to electronics, materials, small propulsion units, satel-
lite bus etc. Most of these equipment are not space tested and have a medium/medium-high
Technology Readiness Level (TRL).
CubeSats have been in usage for Earth-based missions since the turn of the century. These
CubeSats, pioneered by CalPoly and Stanford University, have been under development in
universities and other private satellite companies. They carry usually one or two scientific
or communications payload. Apart from that, the existing standard satellite technologies are
miniaturised and manufactured to satisfy CubeSat dimensional and functional constraints.
Such CubeSats have sizes nominally ranging from 1U to 6U. While lacking a propulsion sys-
tem and some other critical systems, these CubeSats are designed to maximise the payload
capacity and operate for a shorter duration. They have multifarious mission capabilities,
including Earth observation and remote sensing [3, 4], climate assessment [4–6], lower ther-
mosphere characterisation [7], biological research [8] etc.
To expand the horizons, interplanetary CubeSats development will be a necessary step for
increasing the solar system exploration efforts at high science-to-investment ratio. Interplan-
etary CubeSats design and development shall push the frontiers of engineering and technology
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by the means of miniaturising and simultaneously increasing the functionality of critical space
systems.
Interplanetary CubeSats require several improvements over the existing Low-Earth Orbit
(LEO) CubeSat design. They have much research potential, especially in the fields of long-
distance communications, deep-space autonomous navigation, propulsion, power generation
and management, optimised trajectory guidance, thermal control, robust light-weight struc-
tures, accurate attitude determination and control, high-speed low-power computing and
processing, on-board data processing, radiation shielding etc. CubeSat missions are high-risk
high-gain missions, which shall transform the future of robotic exploration paradigm.

1. Long-distance communication: required to establish critical payload data downlink and
TC/TM uplink from distances upto 1.5 AU [9, 10].

2. Autonomous navigation: critical capability that allows determining the spacecraft state
in autonomy during deep-space cruise. The regular radiometric tracking technique could
be resource consuming [11, 12].

3. On-board propulsion: critical capability that demonstrates orbital manoeuvring and
trajectory control, in addition to Earth-escape capabilities in case a launch opportunity
into the interplanetary space in unavailable [13, 14].

4. Power management: low solar irradiance means low power generation capabilities. Ac-
quisition, storage, and distribution of power is critical for the operational capability of
the CubeSats [15].

5. Durable electronics and subsystems: they have to endure the harsh environment in the
interplanetary space, especially radiation endurance [16, 17].

6. Trajectory optimisation: mission analysis and trajectory optimisation is critical for min-
imising the energy requirements and ensuring spacecraft survivability. Additionally, this
serves as the guidance for the navigation system [18].

7. Thermal control: spacecraft operation in the near Martian thermal environment requires
active / semi-active thermal control system. Capabilities to maintain subsystems in
operation and survival temperatures in the Martian environment need to be improved
upon.

8. Attitude determination and control: owing to the significantly varying pointing require-
ments during the multiple mission phases for navigation and payload operation, as well
as the absence of magnetic fields, highly accurate attitude determination and control
are required [19].

9. High-speed low-power computing and on-board data processing: to maximise the com-
munication uplink/downlink utility, improve autonomy and to save valuable power,
on-board data processing is required to sort out useful science and navigation data for
transmission. High processing speeds are required while consuming low power [20].

The increased systems capability and improvement in design would lead to an increased size,
between 12U to 16U, depending upon the mission requirements and launch scenarios. Also,
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1-1 Interplanetary CubeSat Missions 3

there needs to be a useful payload contained within this size. A 1–1.5U size payload would
satisfy limited but significant science requirements.
NASA Jet Propulsion Laboratory (JPL)’s Mars Cube One (MarCO) mission consists of two
6U CubeSats launched as secondary payloads alongside the InSight lander mission to Mars
is the only interplanetary CubeSat in existence [21]. The two 6U CubeSats successfully
performed a Mars flyby and provided communications relay between the Deep Space Network
and the InSight lander during its Mars atmospheric entry, descent, and landing phases. The
mission launched in May 2018 using the Atlas V launcher and ejected on a flyby trajectory
near Mars [22]. Figure 1-1a depicts the MarCO mission.
Stand-alone CubeSats to near-Earth objects are shown to be feasible, such as the Miniaturised
- Asteroid Remote Geophysical Observer (M-ARGO) mission study by the European Space
Agency (ESA) depicted in Figure 1-1b [23]. The M-ARGO study has revealed that the limit
region reachable by a CubeSat can be fixed at 1.2–1.3 AU. Improvements to communication,
power, and propulsion systems could push the envelope to 1.5 AU, thereby making a stand-
alone Mars CubeSat feasible.

(a) MarCO (NASA-JPL) (b) M-ARGO (ESA)

Figure 1-1: CubeSats Mission beyond Low-Earth Orbit: Mars Cube One (MarCO) by NASA JPL
and Miniaturised Asteroid Remote Geophysical Observer (M-ARGO) by ESA

A mission to Mars, in the current epoch, is the holy grail for CubeSat exploration. Owing
to the relative simplicity and low-costs of CubeSat development, they can be pursued by
universities and small spacecraft consortia.
The National Aeronautics and Space Administration (NASA) has funded1 studies to assess
the science mission capabilities achievable by small satellites. These include AEOLUS - study
of thermal and wind environments of Mars [24]; Mars Aerosol Tracker (MAT); Mars Ion and
Sputtering Escape Network (MISEN); and other missions to Moons of Mars. The European
Space Agency has also expressed its interest in pursuing further Mars missions in the following
decade.
Possible mission scenarios at Mars include [21, 25]:

I Solar Wind interaction with Ionosphere of Mars.
1http://www.lpi.usra.edu/sbag/meetings/jun2017/presentations/Mercer.pdf. Last accessed: 20-

Sep-2019
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4 Introduction

I Thermal characterisation of upper atmosphere and analysis of its dynamics by measur-
ing neutral gas velocities.

I Detection of mini-magnetospheres and their reconnection at Mars.

I Mars communication relay network setup

These missions could be achieved, albeit with subtle variations, using CubeSats. Typical costs
of such a Mission could range from e20–30 million. This represents a significant reduction in
cost compared to the existing large spacecraft missions without such a significant reduction in
science capabilities. For example, ESA’s ExoMars mission cost is approximately e1.3 billion
2 while NASA’s MAVEN mission cost $670 million.

1-2 Need for Primary Propulsion

Interplanetary missions are usually carried out by large spacecrafts that utilise propulsion
system for orbital manoeuvring. In such missions, the large spacecraft is the primary pay-
load. The insertion occurs at deep space directly or at an Earth orbit and the spacecraft
executes orbit raising and trans-martian injection manoeuvres using large and reliable chem-
ical propulsion systems.

CubeSats are ill-equipped to house a large propulsion system due to their structural and
functional constraints. Large thrusters exerting high thrusts could destabilise and damage the
structure due to strong vibrations. Moreover, the dimensions of CubeSats impose volume and
mass constraints on the propulsion system, which in turn will drastically reduce its capability.
Additionally, CubeSats are severely power limited and therefore they cannot accommodate
high-power electric propulsion systems.

Until now, Earth-based CubeSat missions have lacked primary propulsion units for orbital
change manoeuvres. The propulsion units designed and tested for CubeSats carry out func-
tions such as attitude control, station keeping, formation control/maintenance etc., thus re-
quiring low ∆V and therefore low mass [14]. Additionally, CubeSats are secondary payloads
and their release orbits are often restricted by the launch provider and the primary launch
payload’s final trajectory. Since the CubeSat design philosophy has revolved around increas-
ing the payload capacity, improving orbital manoeuvrability has been deemed excessive.

Interplanetary CubeSat missions shall eventually have to carry on-board propulsion systems
for trajectory and orbit control. The number of large payload missions to Mars are low and
occur mostly in a two month launch window every two years. Also, the final destinations of
the Mars missions place a constraint on the operational orbits of the secondary payloads, i.e.,
CubeSats, which may not be fully desirable.

There are two possible ways to accomplish a CubeSat mission at Mars. The first involves an
in-situ deployment of the CubeSat by a mother ship and the second foresees instead a highly
flexible stand-alone CubeSat on deep-space cruise. The stand-alone CubeSat is an appealing
option because,

2http://www.esa.int/Science_Exploration/Human_and_Robotic_Exploration/Exploration/ExoMars/
ExoMars_frequently_asked_questions. Last accessed: 20-Sep-2019
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1-3 Motivation and objectives 5

I It does not require a primary Mars mission (mother ship), which is rare.

I The launch could be shared with any primary payload that is bound for a high-energy
Earth orbit, drastically increasing the launch options.

I It has much more flexibility and autonomy, the space segment being stand alone.

I It would pave the way for novel paradigms in autonomous guidance-navigation-control
and operations, so allowing asignificant downscaling of the mission costs.

In this approach, the on-board propulsion system becomes inevitable since the CubeSat has
to be manoeuvred through the interplanetary space to reach Mars from Earth.

1-3 Motivation and objectives

The primary motivation for the research is to provide design solutions of primary propulsion
systems on CubeSats that enable them to explore the interplanetary space while being stand-
alone. As mentioned in section 1-2, the primary propulsion systems are indispensable for
interplanetary CubeSats.
A successful design, implementation, and proof of concept of an on-board propulsion system
shall revolutionise the future of interplanetary small spacecraft travel. The capabilities of
CubeSats to perform critical missions beyond LEO will drastically increase. The presence of
on-board propulsion systems also broadens the launch windows for interplanetary CubeSat
missions since orbital manoeuvrability is enabled. Thus, a launch could be shared with any
primary payload that is bound towards a high-energy Earth orbit.
A key concept here is the combined chemical–electric propulsion system. For stand-alone
CubeSat missions that voyage from Earth orbit to Mars, the spacecraft has to escape Earth
and pursue a heliocentric transfer to reach Mars. In the combined chemical–electric propul-
sion, the CubeSat shall escape Earth within a short timeframe using high-thrust chemical
propulsion and perform a deep-space cruise using low-thrust electric propulsion. Fully-
chemical transfers are fast but lead to an excessive system mass. Fully-electric transfers
save mass but have untenable escape times. Hybrid transfer solutions that utilise chemical–
electric propulsion achieve a balance between system mass and transfer time. The emphasis
is on the word combined, since chemical and electric propulsion are separate systems present
in the same spacecraft, and are operated alternatively. A qualitative illustration is shown in
Figure. 1-2.
The objectives of this research are:

1. Provide design solutions for combined chemical–electric propulsion systems
that enable stand-alone CubeSat missions on a deep-space cruise.

2. Develop a methodology for concurrent systems–trajectory design and estab-
lish an overall design framework for an interplanetary CubeSat mission.

3. To transpose the knowledge of combined propulsion design, concomitant
with optimal trajectories for future interplanetary CubeSat designers and
propulsion system developers to enhance solar system exploration efforts at
high science-to-investment ratio.
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Figure 1-2: Qualitative comparison of fully chemical, fully electric and combined propulsion
systems for missions to Mars

1-4 MARIO application case definition

As an application case, a stand-alone CubeSat mission to Mars, called the Mars Atmospheric
Radiation Imaging Orbiter (MARIO) is envisaged. The mission statement reads,

The Mars Atmospheric Radiation Imaging Orbiter (MARIO) is a stand-alone CubeSat ex-
ploration mission to Mars that shall demonstrate the capabilities of CubeSats to escape
Earth, perform autonomous deep-space cruise, achieve ballistic capture, and enter an op-
erational orbit at Mars. It shall utilise combined chemical–electric propulsion, concomit-
ant with hybrid high-thrust–low-thrust trajectories and autonomous guidance-navigation-
control. The MARIO mission shall conduct thermal imaging to characterise the temperat-
ure in the Mars upper atmosphere. The mission shall serve as a pioneer for interplanetary
CubeSat missions with high launch flexibility and cost efficiency.

MARIO is a 32 kg 16U stand-alone CubeSat exploration mission to Mars that shall demon-
strate the capabilities of CubeSats to perform a) orbit raising & Earth escape, b) low-thrust
deep-space cruise c) ballistic capture at Mars and d) acquisition of the final operating orbit.
These are the 4 key phases of this mission.

The injection orbit is a highly-eccentric SSGTO with a perigee of 295 km and an apogee of
90,000 km. Such injection orbits are commonplace for contemporary geostationary satellite
missions that utilize electric propulsion for apogee reduction and circularization to GEO; e.g.
Falcon 9 v1.1 rocket launched Thaicom 6 in January 2014 into this orbit and Thaicom 8 in
May 2017 into a 350 km × 90226 km orbit3. Owing to the higher number of communication
satellite launches (> 5 per year) compared to deep-space launches (∼1 per year), this orbit is

3Space Launch Report - Falcon 9
http://www.spacelaunchreport.com/falcon9ft.html and https://www.spacex.com/missions. Last visited: 10-Mar-
2019
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1-4 MARIO application case definition 7

selected to (a) improve the launch opportunities and widen the launch window, (b) reduce the
∆V required for Earth escape, and (c) provide more flexibility and autonomy to the CubeSat
mission by diminishing its dependence on larger interplanetary spacecraft.

Swift escape is required to avoid excessive radiation damage since the spacecraft crosses the
Van Allen radiation belts. A high-thrust chemical propulsion system is required to provide
high ∆V within a short duration. A low-thrust electric propulsion system instead will drastic-
ally increase the residence time of the spacecraft in the radiation belts. The maneuvers are
split and multiple orbit raisings are pursued to effectively distribute the ∆V and achieve
Earth escape within a short timeframe while controlling gravity losses. Figure 1-3a illustrates
the orbit raising and escape using chemical propulsion.

Once Earth escape is achieved, the deep-space cruise or heliocentric transfer to Mars is ex-
ecuted using low-thrust high-specific impulse electric propulsion (Figure 1-3b). Two strategies
are investigated: a) time-optimal continuous thrusting and b) fuel-optimal bang-bang thrust-
ing control. The critical resource for the electric propulsion system is the available power,
and the specific impulse and thrust depend on it.

At the end of the cruise, the spacecraft experiences a ballistic capture (Figure 1-3c). This is
a phenomenon through which the spacecraft is captured into a temporary stable orbit about
Mars, only by virtue of the natural attractions of Mars and the Sun [18]. The orbit acquired
by the spacecraft after ballistic capture is highly irregular, and thus unusable for continuous
observation missions. A high-thrust maneuver is performed to reduce the initial eccentricity
and stabilise the orbit. The circularization to 60,000 km orbit is completed through low-thrust
propulsion (Figure 1-3d). At this orbit, the planned thermal camera payload will characterise
the temperature in the Mars upper atmosphere.

(a) Orbit raising and Earth escape.

td

tf

t0

(b) Deep-space cruise and
ballistic capture

(c) Ballistic capture mechanism [18]

h = 60000 km

(d) Mars circular orbit

Figure 1-3: MARIO Mission Phases
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The overall requirements of the MARIO spacecraft are defined in Table 1-1. Currently, the
largest CubeSat structure available in the market has a 12U form factor. The Lunar Meteoroid
Impact Observer (LUMIO) mission [26] and the Miniaturised-Asteroid Remote Geophysical
Observer (M-ARGO) [23] have this structure and a total maximum mass of 24 kg. Considering
the stand-alone nature of MARIO and its voyage from an Earth orbit to Mars orbit, a direct
scaling was done and the maximum size requirements, OVRSYS-01 and OVERSYS-02, were
set as 32 kg with a 16U form factor. OVRSYS-04 sets the minimum operation time as 6 years
considering the long duration low-thrust cruise to Mars, acquisition of the operational orbit,
and then 6-8 months of scientific observation.

Table 1-1: MARIO Overall System Requirements

ID Requirement
OVRSYS-01 The mass of the spacecraft shall be no greater than 32 kg
OVRSYS-02 The spacecraft volume shall not exceed the configuration of a 16U

CubeSat
OVRSYS-03 The system shall establish long-distance communication with Earth

up to a range of 1.5 AU
OVRSYS-04 The system shall be operational for a minimum of 6 years

1-5 Research questions and hypotheses

This section highlights the primary research questions and corresponding hypothesis that are
instrumental in achieving the objectives.

1-5-1 Main research questions

1. What is the design strategy for combined chemical–electric propulsion for a stand-alone
CubeSat to Mars?

I Hypothesis: The design strategy shall be to define the mission characteristics first
and the general system. The state-of-the-art propulsion system concepts must
be explored and design requirements must be set based on the mission context.
A trade-off analysis must be performed to select the suitable system for further
design. Propellant analysis and selection should then be done. Initial design
characteristics must be predicted and the thruster performance must be modelled.
The design must be iterated until the required performance is achieved. Trajectory
simulation must be done by incorporating the thruster performance and the sizing
parameters must be obtained. Key parameters which interface the chemical and
electric propulsion system design must be identified and incorporated to find an
overall design solution.

2. What are the design and performance characteristics for combined chemical–electric
propulsion that enable stand-alone deep-space CubeSats to Mars?

I Hypothesis: The design characteristics of the propulsion systems are heavily mis-
sion dependent. Apriori assessment is that the chemical propulsion system utilised
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for Earth escape from a high energy orbit will have an overall mass of 20-25% of the
initial system mass and a volume of 50–52% of the initial spacecraft volume. This
is due to many factors including specific impulse, propellant density, combustion
characteristics etc. The maximum thrust is limited to a certain value, ∼ 2−3 N, in
order to avoid structural damage and irrecoverable destabilisation of the CubeSat.
The specific impulse shall be between 220–260 seconds. The electric propulsion
system shall have a high lifetime and a high specific impulse. Owing to the long
duration of the flight to Mars after Earth escape, the system will accrue a large
∆V , which in-turn affects the propellant mass. The overall system mass would be
20-25% of the initial mass. The electric propulsion system volume depends upon
the propellant density and specific impulse. The performance characteristics would
be 1-1.8 mN thrust and ∼3000 seconds specific impulse.

3. What are the trajectory characteristics of a stand-alone CubeSat mission to Mars?

I Hypothesis: The trajectory of a stand-alone CubeSat mission to Mars depends
upon the injection orbit. If we are to assume that the mission is injected into a
high-energy Earth orbit, the spacecraft orbit needs to be raised and a final escape
manoeuvre executed using high-thrust propulsion. The primary reason for this
is to achieve a escape within a short duration to minimize damage due to the
radiation accumulated through multiple Van Allen belt crossings. Additionally,
there needs to be an effective distribution of the ∆V required for escape over
multiple manoeuvres to avoid gravity losses. Once the Earth escape is achieved,
a low-thrust deep-space cruise should be executed to reach Mars. Utilising high-
specific impulse low-thrust propulsion ensures higher control authority and greater
mass savings. The natural phenomenon called Ballistic capture needs to exploited
for zero ∆V capture and insertion into a Mars orbit. Additional circularization is
required to acquire an operational orbit.

4. How can the low-thrust propulsion system and trajectory be concurrently optimised?

I Hypothesis: by creating a framework in which the thruster and trajectory control
parameters are concurrently optimised to achieve the designated target point from
a given initial point within the shortest timeframe. The thruster performance
envelope needs to be defined and it must be incorporated in the orbit propagation
equations. Throughout the optimisation scheme, the critical system and trajectory
constraints need to be satisfied.

1-5-2 Sub-questions based on chemical propulsion

1. What are the state-of-the-art CubeSat chemical propulsion systems and what is the
best choice for the current application?

2. What are the limiting factors and constraints in interplanetary CubeSat chemical propul-
sion systems design?

3. What are the desired performance and design metrics for a chemical thruster on-board
a stand-alone CubeSat mission to Mars?
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1-5-3 Sub-questions based on electric propulsion

1. What are the state-of-the-art CubeSat electric propulsion systems and what is the best
choice for the current application?

2. What are the limiting factors and constraints in interplanetary CubeSat electric propul-
sion systems design?

3. What are the desired performance and design metrics for the electric propulsion system?

1-6 Structure of the document

Until now, we have established the need, motivation, objectives, application case and the
important research questions. The document is primarily divided into five chapters.

Chapter 2 deals with the chemical propulsion system and the high-thrust trajectory. The
state-of-the-art chemical propulsion systems applicable for CubeSats is explored. A system
design strategy is defined and a trade-off analysis is performed to select the suitable system.
The propellants are analysed and a performance analysis is performed. Thruster design and
performance are characterised and high-thrust trajectory analysis is done. Overall system
design and sizing are then presented.

Chapter 3 deals with the electric propulsion system and the low-thrust trajectory. The state-
of-the-art of electric propulsion technology applicable for CubeSats is explored. Propellant
analysis and comparison is presented. A thruster performance model is defined and the low-
thrust trajectory optimisation is pursued.

Chapter 4 presents the overall system design of MARIO. A preliminary design that provides
an overview of the mission and the context for the research is presented.

Chapter 5 deals with the concurrent propulsion–trajectory optimisation. Thruster perform-
ance envelope is defined and a novel framework is established to incorporate thruster control
parameters into trajectory optimisation.

The research work is summarised in chapter 6 and conclusions are drawn. The answers to
the research questions are presented along with some recommendations for future work.
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Chapter 2

Chemical propulsion

2-1 Chemical propulsion principles

Chemical Propulsion (CP) systems enable high-thrust manoeuvres which are critical in quick
and effective orbital changes. The thrust-to-power ratio of chemical propulsion systems is
much higher compared to other types of rocket propulsion systems. They are the basic type
of thermal rocket propulsion systems and they do not require any external medium or oxidant
for the burning fuel. They are heat engines that convert the heat energy produced by the
combustion of the propellants, fuel and oxidiser, in the combustion chamber into kinetic
energy of the exhaust gas by accelerating it through a convergent-divergent nozzle. The
reaction force of this action onto the nozzle structure is the thrust force, which when applied
over a time period results in a change in momentum of the rocket or the spacecraft.
The main performance parameters for the chemical propulsion system are thrust (T ), specific
impulse (Isp), exhaust velocity (ve), and Delta V (∆V ). Thrust is obtained using the mass flow
rate ṁ of the propellant, exhaust velocity ve, pressure at the nozzle exit Pe and the ambient
pressure Pa, and the exit area of the nozzle Ae, as shown in equation (2-1). The specific
impulse Isp is the thrust produced per unit weight of propellant consumed (equation (2-2)).

T = ṁ ve + (Pe − Pa) Ae (2-1)

Isp = T

ṁ g0
(2-2)

(2-3)

In equation (2-1), the first term is the linear momentum thrust represented by the product
of ṁ and ve. The second term is the pressure thrust which is the product of the nozzle exit
area Ae and the difference between the nozzle exit pressure Pe and the ambient pressure Pa.
Rocket nozzle is designed to have the Pe equal to or greater than Pa to have a net positive
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pressure thrust contribution. When Pe = Pa, the nozzle has optimum expansion ratio [27]. For
propulsion in space, the ambient pressure Pa = 0 due to the vacuum conditions. The effective
exhaust velocity ve,eff applies to all rocket systems that use thermodynamic expansion of hot
gasses in the nozzle.

ve,eff = ve + (Pe − Pa)Ae
ṁ

(2-4)

Under optimum expansion, where Pe = Pa, the effective exhaust velocity is equal to the actual
nozzle exhaust velocity, i.e. ve,eff = ve. However, when Pe 6= Pa, then ve,eff 6= ve. Different
chemical propulsion systems can be compared using the parameter characteristic velocity c∗.
It is defined in equation (2-5).

c∗ = PcAt
ṁ

(2-5)

Here, Pc is the combustion chamber pressure and At is the nozzle throat area. Another
critical parameter that influences the performance of a chemical propulsion system is the
nozzle expansion area ratio ε which is Ae/At. The specific impulse Isp and the effective
exhaust velocity ve,eff are functions of nozzle geometry, particularly Ae/At.
Finally, the change in velocity, i.e., ∆V imparted to the spacecraft is expressed using the
famous Tsiolkovsky Rocket Equation, shown in equation (2-6). It depends upon ve, initial
mass m0 and final mass mf of the spacecraft. The consumed propellant mass mp is the
product of ṁ and the burntime tb.

∆V = ve ln
(
m0
mf

)
=⇒ Isp g0 ln

(
m0

m0 −mp

)
(2-6)

Chemical propulsion systems can be classified by the type of propellant they use and working
mechanism by which they produce the thrust: Solid Rocket Motor (SRM), Liquid Rocket
Engine (LRE), Hybrid Rocket Engine (HRE), and Cold Gas (CG) systems [27]. They can be
further classified by complexity which greatly varies among different systems depending upon
the application and size. In the current context, only the chemical propulsion systems applic-
able to CubeSats and small spacecraft are analysed. The content presented in this chapter is
partially based on the published work of the author: Mani et al Combined Chemical–Electric
Propulsion for a Stand-Alone Mars CubeSat [28], Mani et al Dual chemical-electric propulsion
systems design for interplanetary cubesats [29], and Mani et al Chemical Propulsion System
Design for a 16U Interplanetary CubeSat [30].

2-2 CubeSat chemical propulsion system state-of-the-art

For the sake of brevity, the chemical propulsion systems will be analysed based on the major
stand-alone Mars CubeSat mission requirements. This contextual approach will narrow down
the search and paint a clear picture regarding the design flow. The analysis is not limited
to commercial off-the-shelf (COTS) equipment that satisfy the requirements and includes
also the thruster technologies that can be adapted to deliver the desired performance for a
successful execution of the mission. Emphasis is placed on the capability of the propulsion
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system to deliver sufficient thrust and specific impulse for major orbital manoeuvres, thereby
acting as a primary propulsion system rather than the capabilities regarding attitude control,
station keeping and formation control.
This section is further organised as follows: the state-of-the-art of the chemical propulsion
system types such as CG, SRMs, and LREs are delineated. The basic working principles,
advantages and disadvantages, design considerations, and performance ranges of these propul-
sion systems are expounded. Some important review works on the state-of-the-art of small
satellite propulsion systems can be found in Mueller et al [13], Lemmer [14], Tummala and
Dutta [31], and the NASA technical report - Small Satellite Technology State of the Art 2018
[32]. Other innovative concepts include dual mode thrusters that have a high-thrust chemical
mode and a high-Isp electric mode [33]. However, this has not been assessed in this work as
part of the state-of-the-art.

2-2-1 Cold gas

Gaseous rocket propellant engines use a high-pressure gas such as nitrogen, helium or air that
is stored in a tank and then discharged through a supersonic nozzle to produce the thrust.
The gas is either cold or warm and they contain lower energy compared to the hot gases
produced by liquid rocket engine combustion.
In the case of Cold Gas (CG) systems, the source of energy is the stored enthalpy of the
gas and there is no combustion or heat addition [14]. A CG system consists of a pressurised
propellant tank, valves, feed pipes, and the nozzle. Power is required to control the valves and
keep the propellant temperature at the required level. Additionally, the gaseous propellant
should be rid of any moisture before being accelerated through the nozzle.
GG systems are the simplest of all propulsion systems. They have an excellent flight heritage
and have a high degree of reliability. Spacecraft contamination is negligible or non-existent
if CG systems are used. They can be operated over thousands thrust cycles without loss of
thruster performance. Traditionally, CG thrusters are used in large spacecraft for attitude
control since they have low impulse-bit.
Performance wise, CG systems have a much lower Isp and deliver less ∆V for the same
spacecraft mass since the gas enthalpy alone is insufficient to provide equivalent performance
to that of other systems since the energy of the chemical bonds is not used [14]. The thrusting
capacity of CG systems applicable for small satellites and CubeSat ranges from a few mN to
2.36 N. Typical Isp values range from 40–75 seconds [13, 14].
One major advantage of the CG system is that it is compatible with a very wide range of
propellants. Common propellants used are nitrogen, xenon, argon, R134a etc. Given the low
Isp and since the gases have to be stored at high pressure, the mass fraction of the system
is very large. The propellant mass is large and the tanks required to store the propellants
need to have thick walls made of heavy materials. The high storage pressure also increases
the risk of leak in the feed system. The CG systems usually operate in blow-down mode and
the thrust decreases with the decrease in storage pressure.
Several CG thrusters for small satellite applications have been developed. Cold Gas Micro-
Thruster developed by Marotta provides a maximum thrust of 2.36 N while having an Isp ∼ 65
s. Moog Inc has developed two CG thrusters, models 058-118 and 58E163A. The former
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provides a thrust of 3.6 N @15.7 bar of gaseous nitrogen (GN2). The latter is configurable
to use xenon, GN2, and gaseous Argon. 58E163A provides 1.3 N @ 90 bar xenon inlet and
0.9 N @ 90 bar GN2 and GAr inlet. Surrey Space Technology Ltd (SSTL) has developed a
butane based system in which they include a resistojet thruster that utilises electrical power
to heat the gas such that the Isp is improved [34]. Several MEMS cold gas thrusters have
been developed for precision manoeuvres that require very low-impulse bit and thrusts. CG
thrusters providing thrusts in the millinewton range are manufactured by companies like
VACCO and Aerospace Corporation [14, 32, 35, 36]. The state-of-the-art of CG systems are
listed in Table 2-1.

Table 2-1: Summary of cold gas propulsion state-of-the-art

System Manufacturer Propellant Avg. Thrust [N] Isp [s] TRL
Cold Gas Micro-thruster Marotta Controls Inc. GN2 0.05–2.36 65 9

Cold Gas 58E163A Moog Inc. xenon 1.3 21 6
GN2 0.9 70 6
GAr 0.9 54 6

Cold Gas 058-118 Moog Inc. GN2 3.6 57 9
Butane Propulsion Sys. SSTL butane 0.5 80 9

MEMS thruster Aerospace Corp. xenon 0.1 30 9
MEPSI MiPS VACCO isobutane 0.053 65 7
MarCO MiPS VACCO R236fa 0.025 40 9

(a) Marotta Cold Gas (b) VACCO MarCO
MiPS

(c) Moog 58E163A

Figure 2-1: Cold gas systems state-of-the-art. Cold gas micro-thruster by Marotta Controls Inc.
(image retrieved from brochure [37]), MarCO MiPS by VACCO (image retrieved from datasheet
[35]), and Moog Inc 58163A (image retrieved from datasheet [38])

2-2-2 Solid rocket motors

Solid rocket motors in CubeSats can be used for orbit raising, trajectory insertions and rapid
de-orbiting [13]. An SRM consists of a combustion chamber in which the fuel and the oxidiser
are premixed in a solid form. The solid mix, which includes a binder resin to keep it intact
as well as other chemical components, is called the grain. The most common propellant mix
used in SRMs consist of Hydroxyl-terminated polybutadiene (HTPB), aluminium powder as
fuel additive and ammonium perchlorate (NH4ClO4). The grain consists of approximately
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82–94% of the total motor mass [27]. The grain can be cast in different shapes and it is ignited
to burn along a particular exposed inner surface to produce hot combustion gases, which in
turn are accelerated through the nozzle. The rate of burn is predetermined since the grain
also contains a specific amount of inhibitors or accelerators that control it.
Since all the propellants are stored in the motor case, no dedicated feed and storage system
is required. Additionally, they do not have any moving parts except, in special cases, where
there are movable nozzles for thrust vectoring. Given that even small SRMs have a specific
impulse in the range of 180–260 seconds, this allows for very tight packaging and an easy
integration into the CubeSat structure. Solid propellants can be stored for very long periods
in vacuum conditions without significant degradation in performance if the propellant casting
process is good enough to ensure the avoidance of bubbles, cavities and gaps.
SRMs burn continuously and once started, they cannot be stopped. They do not have restart
capabilities. The thrust variation is predetermined based on the grain composition and it
cannot be adjusted during flight, thus yielding no real-time control capability. The thrust
magnitudes are high, and this results in large vehicle accelerations which may destabilise
the spacecraft [32]. Additionally, even high performance SRMs have a thrust misalignment
between 0.15°–0.25° and smaller SRMs would have double this value [39, 40]. This necessit-
ates the inclusion of a robust attitude control system or a thrust vector control for proper
steering during acceleration, which increases the system cost. Owing to their "one-time-fire"
nature and their vulnerability towards misfires arising from ignition issues, the reliability of
SRM performance is lower than that of other system types. Although the mechanical and
thermal properties are not affected by vacuum conditions, the gamma ray irradiation (es-
pecially during solar flares) severely deteriorates the mechanical properties and exacerbates
thermal decomposition [41].
One way to overcome the issue of single-shot burn is to design SRMs with multiple solid
propellant micro-thrusters to form a pack. Each of these unit shall be equipped with a micro-
nozzle through which the combusted propellant is accelerated. Additionally, thrust can be
varied by firing a combination of these micro-thrusters, either simultaneously or sequentially
[42–44]. Another alternative technology is the digital solid state propulsion in which the solid
propellant is ignited when electric current is passed through it. This allows for better thrust
control since the combustion is sustained only through continuous supply of electricity.
The current state-of-the-art SRMs applicable for CubeSats and small spacecraft include ISP
30 sec motor by Industrial Solid Propulsion, Northrop Grumman Innovation Systems (NGIS
- previously Orbital ATK) STAR 4G and STAR 5A, and Digital Solid State Propulsion
(DSSP)’s CubeSat Agile Propulsion System (CAPS) and CubeSat Delta-v Motor (CDM).
They are summarised in Table 2-2 [13, 31, 32, 40]. It has to be noted that most of the SRMs
developed for CubeSat applications were done for fast de-orbiting operations to avoid the
accumulation of uncooperative objects in LEO.

2-2-3 Liquid monopropellant engines

The liquid chemical propulsion system consists of a combustion chamber, a convergent-
divergent nozzle, an injector head, propellant storage tanks, and feed lines and pipes that
deliver the propellant from tanks to the chamber. The propellants are fed under pressure
and they can be further classified as pressure-fed or pump-fed systems. Pressure-fed systems
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Table 2-2: Summary of solid propulsion state-of-the-art

Motor Manufacturer Avg. Thrust [N] Isp [s] TRL
ISP 30 sec Industrial Solid Propulsion 37 187 6
STAR 4G Northrop Grumman Innovation Systems 258 269.4 6
STAR 5A Northrop Grumman Innovation Systems 170 251 6
CAPS-3 Digital Solid State Propulsion 0.3 250 8
CDM-1 Digital Solid State Propulsion 76 226 6

(a) STAR 4G (b) STAR 5A (c) CAPS-3

Figure 2-2: Solid rocket motors state-of-the-art. STAR 4G and STAR 5A by Northrop Grumman
Innovation Systems (images retrieved from catalog [45]) and CAPS-3 by Digital Solid State
Propulsion (image retrieved from brochure [46])

.

are typically used in satellite applications where the thrust and total energy requirements are
low. Pump-fed engines are used where larger thrusts are required and amount of propellants
are very high. Pump-fed systems are inherently more complicated than pressure-fed systems
due to the presence of multiple moving parts.

LREs have restart capability and can be operated through many cycles. The thrust can be
controlled with precision using flow control valves and can be varied along the performance
envelope to suit mission needs. LREs on average have a higher Isp than SRMs and a sig-
nificantly higher Isp than CG systems. Thrusting capability is flexible and the systems can
deliver a wide range of impulse bits.

Monopropellant propulsion systems are liquid rocket engines that use a single propellant
which is either exothermically decomposed using a catalyst bed or thermally ignited to form
hot high-pressure gases and reaction products that are accelerated through the nozzle. The
decomposition of the propellant results in the break of chemical bonds and a subsequent
release of energy. Owing to energy conservation, the exhaust gas temperature increases and
subsequently the gas velocity also increases.

In a pressure-fed system, the propellant stored in a pressurised tank is delivered to the thrust
chamber comprising either a catalyst bed or an ignition system. Valves are used to actuate the
flow between the storage tanks and the thruster. The two types of pressure-fed system include
a blow-down system and a regulated system. The pressure in the propellant tank operated in
blow-down mode keeps reducing as the thruster is operated. The pressure regulated system
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uses a separate pressurant gas that is used to keep the propellant tank pressure at the desired
level. Valves are utilised to regulate and control the flow from the tanks to the thrust chamber.
Common propellants used in monopropellant systems include hydrazine (N2H4), hydrogen
peroxide (H2O2) as well as green propellants such as blends of Ammonium dinitramide (ADN)
and Hydroxylammonium nitrate (HAN). Hydrazine based monopropellant systems have a rich
flight heritage and have been used in attitude control systems for large satellites. Hydrazine
offers a moderately high Isp, 200–230 s, and has a high liquid phase density of 1004 kg/m3

[47]. However, hydrazine is toxic and carcinogenic, and alternative propellants that are less
harmful are required [48, 49]. The toxicity of hydrazine makes it prohibitively expensive to
deal with since extraordinary precautions need to be taken in the case of CubeSat applications
to satisfy the stringent safety requirements [50].
Concentrated hydrogen peroxide, known as "high-test peroxide", is also used in monopropel-
lant systems. Typical concentrations range from 80%–95%. It decomposes slowly over time
and the rate of decomposition depends upon the ambient conditions, concentration, and the
purity of H2O2 [51]. The density of 87.5% H2O2 solution is ∼ 1380 kg/m3 at 20°C. The Isp
yield of H2O2 is 140–180 seconds [52].
Green monopropellants are non-toxic alternative to hydrazine and comparatively have very
low volatility and vapour pressures at atmospheric conditions [14, 47]. Green refers to the
property of the propellants being less flammable, therefore requiring fewer safety requirements
in terms of handling, storage, and operation [32]. Accidental combustion of hydrazine is a
serious risk and green propellants do not combust easily. Additionally, leakage of hydrazine
is considered a catastrophic risk while green propellants do not contaminate or corrode other
components when leaked. Propellants such as blends of ADN and HAN are utilised in green
monopropellant systems. ADN blends used are propellants LMP-103S [53] and FLP-106
[54] both developed by Swedish Space Corporation. HAN blend widely in use is AF-315ME
developed by the United States Air Force Research Laboratory [55]. ADN and HAN based
green propellants have higher densities, ∼1238–1470 kg/m3, and higher Isp, ∼230–260 s,
compared to hydrazine [56].
Monopropellant thrusters available on the market have a thrust range of 0.5–1.5 N. MPS-120
developed by Aerojet Rocketdyne that uses hydrazine has a thrust of 1 N and an Isp of 225
s [14, 50]. MONARC-1 thruster developed by Moog Inc has a steady state thrust of 1 N
and an Isp of 230 s [38]. Hydrogen peroxide based thrusters are under development at the
Austrian Institute of Technology (previously Austrian Research Centers GmbH) and at the
Forschungs-und Technologietransfer GmbH (FOTEC) [52].
High performance green propulsion (HPGP) thrusters developed by Bradford ECAPS using
LMP-103S propellant, a blend of ADN, has successfully flown aboard the PRISMA satellites
[53]. Thrusters using FLP-106 are currently under development [49, 54]. VACCO partnered
with ECAPS to design an ADN based thruster for Lunar Flashlight misison [32]. NASA’s
Green Propulsion Infusion Mission (GPIM) is a technology demonstration project that used
AF-M315E propellant, a blend of HAN, to test the applicability of green chemical propellant
to CubeSats. The mission used GR-1 and GR-22 thrusters developed by Aerojet Rocketdyne
[55, 57, 58]. Aerojet Rocketdyne adapted its MPS-120 thruster for HAN-based propellant
[59]. Busek Company Inc developed the HAN based BGT-X5 and BGT-1X thrusters that
provide thrusts of 0.5 N and 0.1 N, respectively. Some of the state-of-the-art monopropellant
systems are summarised in Table 2-3.
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Table 2-3: Summary of liquid monopropellant state-of-the-art

System Manufacturer Propellant Avg. Thrust Isp [s] TRL
MPS-120 Aerojet Rocketdyne Hydrazine 1 N 225 s 6
MPS-130 Aerojet Rocketdyne HAN 1 N 244 s 6
1N HPGP Bradford ECAPS LMP-103S (ADN) 0.25–1 N 204-235 s 9

GR-1 Aerojet Rocketdyne HAN 0.26–1.42 N 231 s 9
BGT-X5 Busek Company Inc. HAN 0.5 220 s 5

MONARC-1 Moog Company Inc. Hydrazine 1 227.5 s 9

(a) 1N HPGP (b) GR-1 (c) BGTX5

Figure 2-3: Liquid monopropellant engines state-of-the-art. 1N HPGP thruster by Bradford
ECAPS (image retrieved from brochure [60]), GR-1 thruster by Aerojet Rocketdyne (image re-
trieved from Mclean et al [55]), and BGT-X5 by Busek Company Inc. (image retrieved from
brochure [61]

2-2-4 Liquid bipropellant engines

Liquid bipropellant engines use a fuel and an oxidiser stored in separate tanks. The propel-
lants are delivered at the required pressure and mixture ratio into the combustion chamber
using a complex feed system. The bipropellant system nominally requires two separate feed
systems for the fuel and the oxidiser since the mass flow rate and pressure of each must be in-
dependently controlled. The system can be either pressure-fed or can use micro-turbopumps
[52]. However, turbopumps are not generally used in spacecraft applications due to low-thrust
requirements, high-speed rotating parts causing instabilities, and increased risk of malfunc-
tion. The propellants can be injected as liquids, gases or even super critical fluids [62]. A
lot depends upon the type and design of the injectors as that has a direct implication on the
mixing process. Propellants in liquid states are atomised, vaporised, mixed and then com-
busted. Ignition of the propellants is achieved using an active ignition system or by allowing
the propellants to auto-ignite upon contact (hypergolic).

The traditional bipropellant system can be operated in different cycles: expander cycle, gas
generator cycle, and the staged combustion cycle. Cryogenic engines utilise the expander
cycle, in which a cryogenic propellant is fed through the cooling jackets around the combustion
chamber exchanging heat, then the heated propellant gas is passed through the turbine and
finally fed into the combustion chamber. The gas generator cycle uses a separate chamber in
which a smaller amount of the propellants are combusted to generate hot gases which then
run the turbine. This gas is then dumped overboard. In the staged combustion cycle, the hot
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gases from the gas generation chamber are directly fed into the main combustion chamber.
This cycle yields the highest Isp.

Common propellant combinations for bipropellant thrusters applicable for small spacecraft
include ethanol & kerosene, gaseous hydrogen & oxygen, and ethanol & hydrogen peroxide
[14, 52]. Hypergolic propellants such as unsymmetrical dimethylhydrazine (UDMH), dinitro-
gen tetraoxide (N2O4), monomethyl hydrazine (MMH) etc. are not used for small satellite
applications since the risks relating to accidental ignition, explosion, leakage and contamina-
tion are immense. Hydrogen peroxide used in bipropellant systems needs to be fed through
a catalyst bed such that it decomposes into water and oxygen [52].

Bipropellant engines do not have a lot of maturity in terms of CubeSat applications. They
are inherently much more complex than liquid monopropellant systems. The main advantage
of bipropellant systems is that they offer much higher Isp and thrusting capability than any
other chemical propulsion system. They are utilised for high-∆V missions. The traditional
operation cycles that use turbopumps are not applicable to CubeSats since the primary prin-
ciples of design are simplicity and lower costs. Therefore, the system must utilise propellants
with similar fluid properties thereby avoiding complex feed system. Designs involving non-
toxic propellants such as nitrous oxide (N2O) and dimethyl ether (DME), yielding a thrust
of 0.4 N and an Isp of 290 s are proposed [63]. Another design is the HYDROS thruster
proposed by Tethers Unlimited Inc., in which water is converted into hydrogen and oxygen
through electrolysis and the two gases are combusted in the thrust chamber [14]. Some bi-
propellant MEMS devices have been developed which could be applicable to small satellites.
They integrate the valves, pumps, thrust chamber and nozzle into a single microfabricated
chip. Marcu et al [64] proposed a design that could deliver 13–45 N thrust with an Isp of
∼300 s (shown in Figure 2-4). FOTEC developed a bipropellant thruster that utilises ethanol
and H2O2 yielding a performance of 1 N thrust and ∼300–315 s Isp [52, 65]. The thrusting
performance could be extended upto ∼1.5 N by adjusting the thruster geometry.

(a) MEMS bipropellant (b) HYDROS-C

Figure 2-4: Bipropellant system state-of-the-art. MEMS bipropellant thruster design (image
retrieved from Marcu et al [64]) and HYDROS-C by Tethers Unlimited (image retrieved from
datasheet [66])
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2-3 System design strategy and trade-off

The design strategy is illustrated in Figure 2-5. The top-level mission characteristics are
defined in section 1-4.
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Figure 2-5: Chemical propulsion system design strategy

The MARIO mission pursues a hybrid high-thrust–low-thrust trajectory to perform escape
Earth, low-thrust deep-space cruise, ballistic capture at Mars, and acquisition of an oper-
ational orbit. The chemical propulsion system is used in the high-thrust trajectory phase
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where orbit raising and Earth escape is pursued. It is also used for orbit stabilisation at Mars
immediately after ballistic capture.
The state-of-the-art of the chemical propulsion systems applicable to CubeSats and small
satellites was explored in section 2-2. Additionally, some of the most crucial design concepts
were realized. One of the objectives of this work is to provide a design solution for the chemical
propulsion system that shall enable the MARIO mission. The exploration of the state-of-the-
art and the corresponding concepts guides the design approach such that a pertinent solution
for the particular mission application can be achieved. It has to be noted that the design
of the chemical propulsion system strongly depends upon the requirements and constraints
pertaining to the design and performance.
The chemical propulsion system requirements are established in this section. They are es-
tablished based on the ∆V needed for the orbital manoeuvres performed using the chemical
propulsion system, the maximum thrust that shall be imparted to the spacecraft, the max-
imum duration of burn, the maximum mass of the system as a design constraint, and the
safety measures for the system. The propulsion system concepts are traded off based on
the system performance and design requirements, and a suitable propulsion system type is
selected for further design.
The applicable propellants are analysed, the thruster design is pursued, and the corresponding
thruster performance analysis is done until the performance requirements are delivered. A
high-thrust trajectory analysis is carried out using the calculated thruster performance. The
goal of the high-thrust trajectory analysis is to calculate the trajectory parameters and the
required propellant mass that corresponds to the shortest flight time to escape Earth. Once
the propellant mass is calculated, the feed system design is pursued and the overall system
sizes are established. Iteration of the thruster design and the propulsion system design is
done until the overall MARIO system design constraints and requirements are met. The final
design is then established.
The chemical propulsion system requirements are listed in Table 2-4.

Table 2-4: Chemical Propulsion System Requirements

ID Requirement
CP-01 The system shall provide a minimum ∆V = 445 m/s for orbital transfer and

Mars orbit stabilization maneuvers.
CP-02 The system shall have a maximum thrust of 3 N
CP-03 The maximum thrusting time shall be 600 seconds per orbital manoeuvre
CP-04 The total mass of the chemical-electric propulsion systems shall be no more

than 16 kg
CP-05 The system shall utilize non-toxic propellants

The rationale for CP-01 comes from the ∆V required for Earth escape and initial stabiliz-
ation at Mars. The initial insertion orbit parameters are {a, e, i, Ω, ω, θ} = {51526 km,
0.8705, 0.01°, 0°, 0°, 0°}. The velocity at perigee is 10.57 km/s and the corresponding escape
velocity is 10.93 km/s. Thus, the ∆V for escape is is ∼360 m/s, considering a theoretical
impulsive maneuver. A 10% margin on ∆V is considered to include for gravity losses and
other miscellaneous operational errors, thereby yielding a margined ∆Vesc,mg of 396 m/s. The
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deceleration maneuver for initial stabilization after ballistic capture requires a ∆Vstab of 45
m/s. An additional ∼10% margin is placed and the ∆Vstab,mg is 49 m/s.

Performance requirement CP-02 establishes a limitation on thrust and CP-03 establishes the
maximum burn time. For a 32 kg spacecraft, this combination effectively distributes the ∆V
required to escape Earth into multiple maneuvers for transfer time reduction and gravity
loss control. A single burn maneuver to escape leads to a gravity loss of ∼23%, which is
unacceptable in terms of operations and systems design (leads to a drastic increase of mass).
A 1 mm thrust misalignment is considered, which is similar to LUMIO - a 12U lunar CubeSat
mission [67]. The disturbance torque is 3 mNm with the maximum thrust. Reaction wheels
sets with high maximum torque and momentum storage are utilised to compensate for the
disturbance [68]. Thrust vectoring is also essential for controlling the momentum build-up.
Additionally, maximum burntime limit is fixed to avoid excessive heat build-up in the thruster.
The maximum mass requirement, CP-04, is constrained at 50% of the overall spacecraft mass
for the combined chemical–electric propulsion system. Usage of green non-toxic propellants is
required (CP-05) because the CubeSat is assumed to be a secondary payload and any damage
to the primary spacecraft as well as any self-damage must be avoided. In addition to these,
waivers on some of the traditional CubeSat requirements, like maximum pressure of 7 bar
[14], are needed for executing the mission.

Chemical propulsion system selection is crucial since it has to be compatible with the MARIO
mission. The design options explored are cold gas systems, solid rocket motors, liquid mono-
propellant and bipropellant engines (section 2-2). A trade-off analysis is carried out to select
the most pertinent system for MARIO application. The main criteria for trade-off are: thrust
level, specific impulse, system mass, system complexity, control capabilities, reliability, and
technology readiness level.

The thrust level provided by the propulsion system must meet CP-02 and the minimum value
must be high enough to expedite Earth escape. Individual systems providing lower thrusts
than 3 N can also be aggregated to provide a cumulative thrust that satisfies CP-02. Another
option is to explore the possibility of controlling or limiting the thrust provided by some
systems that have larger thrust capabilities. The specific impulse Isp is another key trade-off
criterion, since higher Isp directly contributes to mass savings. The Isp depends upon multiple
factors such as propellant enthalpy, combustion characteristics, and thruster geometry. The
system mass is influenced by the thrust, Isp, and the materials in constructing the system.
The complexity of the systems needs to be analysed since the CubeSat design philosophy has
always focused on simplifying the system to reduce cost. The system must be easy to design,
assemble, integrate and operate. The system must also have less modes of failure and must
have a high degree of operational reliability. Multiple factors influence reliability and usually
the more the components, the more is the risk of failure. Owing to mass savings, the MARIO
mission follows a zero-redundancy policy and thus the propulsion system must operate with
precision and without failure. Finally, since CubeSat design has traditionally involved the
use of commercial off-the-shelf equipment, the technology readiness level (TRL) of the system
type is also important. the TRL of the system plays an important role in highlighting the
reliability by throwing light on the qualification status for space operations.

Table 2-5 illustrates the propulsion trade-off. Considering the systems discussed in section 2-
2, the cold gas system is capable of producing the required thrust when aggregated. The Isp
is very low (<80 s), which will lead to a very high system mass. Taking into account the
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required ∆V amd the Isp, the system mass will be excessive for cold gas systems. They are
however simple in architecture and have a very high degree of reliability. Additionally, they
have a very rich flight heritage.

Solid rocket motors have very high thrust capabilities that result in large vehicle accelerations
that may damage the structure. Apart from some digital solid microthruster arrays, there are
no solid rocket motors that provide thrusts that are compatible with CP-02. The Isp yield of
solid rocket motors are moderately high (180–270 s). The higher end of the Isp yield (270 s)
corresponds to thrusters having ∼250 N thrust. These systems can be packed compactly and
the system mass is only partially compatible considering the ∆V requirements and the Isp
yield of systems with lower thrusting capability. The system architecture is fairly simple and
does not involve any complex moving parts. Solid rocket motors do not have any start-stop
capability and they burn continuously. Thus, for the MARIO application, multiple small
scale systems should have to be installed and this increases the system mass and introduces
operational complexities. All solid motors have unspecified inherent thrust misalignment due
to the uncertainty in burn characteristics. Thus, the controllability and throttlability of solid
motors are extremely complicated.

Liquid monopropellant systems are capable of providing thrusts in the range of 0.3–1.5 N.
This is highly suitable for MARIO applications since two thrusters could be aggregated to
provide the required thrust. The Isp yield of monopropellant thrusters that use non-toxic
green propellants is high enough such that the propellant consumption for the required ∆V is
compatible with the system mass requirements. Since the monopropellant systems are oper-
ated in either blow-down or pressure-regulated mode, there are check valves and flow control
valves present in the feed system. Thus, they are relatively complicated in comparison with
cold gas and solid motors. Owing to this complexity, the controllability of monopropellant
systems has some uncertainties and requires some improvement for precise operations. Liquid
monopropellant systems based on hydrazine and green propellants have flight heritage and
have a high degree of reliability [53].

Liquid bipropellant systems also provide thrusts that are suitable for MARIO applications.
Bipropellant systems that use highly concentrated H2O2 with ethanol/kerosene are capable of
providing 1–1.5 N thrust [52, 65]. Other thrusters like HYDROS-C are capable of providing
0.4 N thrust [66]. Depending upon the individual thrust capabilities, a number of thrusters
could be aggregated to provide the required overall thrust. Bipropellant systems have a very
high Isp yield, ∼290–315 s, and have excellent performance that leads to high mass savings.
These performances make them compatible in terms of system mass for the required ∆V .
However, bipropellant systems are incredibly complex to operate. In the case of pressure-fed
bipropellant system, the pressures of oxidiser and the fuel need to be precisely controlled and
maintained in order to achieve the optimal mixture ratios for efficient combustion and con-
sequently for optimal performance. In cases where microturbopumps are used, the presence
of the moving parts induces a high degree of uncertainty and increases the risk of failure mul-
tifold. Bipropellant feed system design and integration is extremely complicated for CubeSat
applications and requires years of further development. The maturation of bipropellant sys-
tems for small satellite missions is very low and they are prone to valve failures and improper
propellant mixing, thus posing an unacceptable risk to the mission.

Thus, the choice of the propulsion system is clear. The liquid monopropellant systems that
utilise non-toxic green propellants have several advantages over the rest of the systems in terms
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of thrust, Isp, system mass, complexity, controllability, reliability, and technology readiness
level. Additionally, the use of green propellants satisfies the non-toxicity requirement CP-05.

Table 2-5: Comparison of chemical propulsion systems

Options
Criteria Thrust

level Isp Mass Complex-
ity Control Reliabil-

ity TRL

Cold gas green
OK 0.9–2.36 N

red
Very low <80

s

red
Not

compatible
with required

∆V

green
Simple system

orange
Long

duration burn
difficult.

blue
High

green
9

Solid
red

Very high
>35 N

orange
Moderate
180–270 s

orange
Partially
compatible

with required
∆V

green
Simple
system

red
No start-stop
capability.
Unspecified

thrust
misalignment

red
Prone to
misfires

orange
6

Monopropellant green
OK 0.3–1.5 N

green
High 220–250 s

green
Compatible
with required

∆V

orange
Relatively
complicated

system

orange
Pressure-feed
control needs
improvement.

green
Good

green
9

Bipropropellant green
OK 0.4–1.5 N

blue
Very high
290–315 s

green
Compatible
with required

∆V

red
Extremely
complicated

system

red
Feed system
development
requires huge

effort.

red
Prone to
failures in
feed system

orange
4–5

blue Exceeds requirements green Meets requirements orange Correctable deficiencies red Unacceptable

2-4 Propellant properties and analysis

2-4-1 ADN-blends vs HAN-blends

The choice of propellant is extremely crucial to ensure high performance of the propulsion
system. The most common propellant used in liquid monopropellant engine is hydrazine.
Flight heritage of such systems is good and they have a high degree of reliability. However,
most of the hydrazine propelled monopropellant systems have been used for attitude control
applications in large satellites. These large satellite systems have high budgets and are rig-
orously designed with several safety checks. The handling of hydrazine propellant is done by
several experts using advanced equipment. Hydrazine is highly toxic, corrosive, and probably
carcinogenic [69]. Hydrazine is classified within hazard 1 class explosive materials and has
restrictions on transportation.

CubeSat applications require non-toxic propellants due to several reasons. Firstly, Cube-
Sats are secondary payloads and have different, often lenient, safety and design requirements
compared to traditional large spacecraft. Such spacecraft shall be the primary payload and
no primary contractor would want to give a ride to a secondary payload carrying corrosive
propellant such as hydrazine, especially provided that there is a higher risk of leak. Secondly,
the handling of non-toxic and low-volatile chemicals is easier, safer, and cheaper. Since Cube-
Sats are developed by universities and small spacecraft consortia, the handling will be done
by personnel with lesser experience. Thus, it is paramount to reduce health risks to those
personnel. Finally, the recent developments in green propellants has shown that they have
higher densities and lower environmental sensitivities compared to hydrazine. Hydrazine has
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a density of 1.004 kg/m3 at room temperature while the green propellants have densities in
the range of 1238 to 1470 kg/m3. Since CubeSats are severely size constrained, higher density
propellants are better suited to enhance storage capabilities [49].
To this extent, the propellants under consideration are blends of ADN - Ammonium dini-
tramide (NH4[N(NO2)2]) and HAN - Hydroxylammonium nitrate (NH3OHNO3). Another
possible consideration is the HTP - high test peroxide which is 87.5% H2O2 in water. How-
ever, in comparison with the ADN and HAN based propellants, the HTP is more volatile
and less stable. ADN is a solid white salt with ammonia cation (NH4+) and dinitramide
anion (N(NO2)2−) which is readily soluble in water and other polar solvents [47]. HAN is an
inorganic compound derived from hydroxylamine and nitric acid.
The blends of ADN considered are FLP-106 and LMP-103S while the blend of HAN con-
sidered is the AF-M315E. FLP-106 consists of 64.6% ADN, 23.9 % water and 11.5% Mono-
methylformamide - MMF (C2H5NO) [70]. LMP-103S consists of 63% ADN, 13.95% water,
18.4% Methanol, and 4.65% Aqueous Ammonia (25%), which is similar to FLP-106 [70].
The composition of AF-M315E remains classified as it was developed by the Air Force Re-
search Laboratory (AFRL) of the United States Air Force. Some of the properties of these
propellants are summarised in Table 2-6.

Table 2-6: Green propellant comparison

Property LMP-103S FLP-106 AF-M315E
Liquid phase density, ρ [kg/m3] 1238 1357 1470

Specific impulse, Isp [s] 251.5a 258.2a 257b
Combustion temperature, Tc [K] 1864.57a 2133.4a 2173b
Saturation temperature, Ts [K] 266.15 273.15 193.15
Acute Toxicity LD50 [mg/kg] 750 1270 550

Skin irritation None None Slight
Corrosivity None None Medium
pH Level ∼7 ∼7 3.7–4
TRL 9 7 9

Export control None None ITAR
a Specific impulse and combustion temperature of LMP-103S and FLP-106 are calculated using
NASA CEA with Pc = 20MPa and ε = 50 (frozen).

b AF-M315E properties are obtained from Werling et al [56] and Spores et al [57]. Isp and Tc

could depend strongly upon the simulated conditions.

AF-M315E has the highest density (1470 kg/m3) among the considered propellants, followed
by FLP-106 (1357 kg/m3)) and LMP-103S (1238 kg/m3) [49, 56]. In terms of Isp, FLP-106
has the highest yield [56]. The calculations are performed for LMP-103S and FLP-106 using
the NASA Chemical Equilibrium Analysis (CEA) code [71]. Chamber pressure Pc was set
at 2 MPa and the nozzle expansion area ratio ε was set at 50 with frozen flow conditions
at the nozzle exit. AF-M315E also has a significant Isp yield while LMP-103S yields the
lowest of the three. The compositions of LMP-103S and FLP-106 play a significant role in
the determination of Tc and Isp. The values for AF-M315E are obtained from Werling et al
[56] and Spores et al [57].
The saturation temperature of LMP-103S and FLP-106 are −7°C and 0°C, respectively. This
is due to the water content in these blends. AF-M315E does not freeze but crystals are formed
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at −80°C. The acute toxicity by the measure of LD50 (oral) - the mean lethal dose to kill half
the members of a tested population - of LMP-103S, FLP-106 and AF-M315E are 750 mg/kg,
1270 mg/kg and 550 mg/kg, respectively; which signifies that AF-M315E has the highest
toxicity among the considered green propellants [49, 72]. However, AF-M315E causes slight
skin irritation upon contact and is acidic with a pH level of 3.7–4 [72]. AF-M315E is also
corrosive and the main component HAN is unstable to acids, isocyanates, ketones etc. Also,
HAN decomposition will be triggered if a prolonged contact is maintained with metals such
as copper, iron, nickel and some other transition metals [72]. Thus, long term storage of AF-
M315E is complicated and only a select set of materials can be used. Regarding the technology
readiness level, LMP-103S already has flight heritage [53]. FLP-106 is yet to be flown but
due to the similarity with LMP-103S, the TRL level is sufficiently high. Extensive testing
of FLP-106 propellant has been pursued at the Deutsches Zentrum für Luft-und Raumfahrt,
Lampoldshausen [54, 70, 73]. AF-M315E was used in the GR-1 and GR-22 propulsion systems
flown on-board the Green Propulsion Infusion Mission (GPIM) 1.

Considering the different properties, FLP-106 is chosen as the propellant for the chemical
propulsion system for MARIO mission application. LMP-103S, although having flight herit-
age, has a lower density than FLP-106. Thus, FLP-106 can be stored in smaller propellant
tanks, which is advantageous due to CubeSat size constraints. Additionally, FLP-106 is pre-
sumed to reach a high degree of maturation by 2024 [54, 74]. The Isp yield of FLP-106 is
higher than that of LMP-103S and AF-M315E, which leads to lower propellant mass for the
required ∆V . The combustion temperature Tc of AF-M315E is higher than that of FLP-106,
which makes the design of the thrust chamber very expensive or even impossible since very
few materials can withstand such heat. FLP-106 is much safer to handle due to its very
low sensitivity, volatility, and neutral nature [47]. AF-M315E, due to its corrosive and acidic
nature, will possibly decompose on prolonged contact with the feed pipes and valves which
are usually made of steel, copper or nickel. FLP-106 is non-reactive to these metals. Fi-
nally, FLP-106 is not export controlled substance and is accessible unlike AF-M315E which
is ITAR-restricted.

Thermochemical analysis of FLP-106 using the NASA Chemical Equilibrium Analysis (CEA)
code is pursued to obtain the propellant performance [71]. As mentioned, FLP-106 consists of
64.6% ADN, 23.9 % water and 11.5% Monomethylformamide - MMF (C2H5NO) [70]. In the
condensed phase, the heats of formation are: MMF ∆H0

f = -247.4 kJ/mol [75], ADN ∆H0
f =

-134.6 kJ/mol [76], and Water ∆H0
f = -285.8 [77]. At Pc = 2 MPa and area ratio ε = 50 with

frozen flow conditions at the exit, the analysis yields an ideal vacuum specific impulse Isp,vac
= 258.2 s. Some key properties of FLP-106 and its performance are listed in Table 2-7.

2-5 Thruster performance and design

The thruster design is pursued with a target thrust of 3 N (CP-01). ADN-based thrusters
providing 1 to 1.5 N thrust are currently under development [49, 53]. To provide the necessary
thrust, two 1.5 N thrusters can be utilised.

1Green Propellant Infusion Mission Fires Thrusters for the First Time https://www.nasa.gov/
directorates/spacetech/home/tdm/gpim_fires_thrusters_for_first_time. Last accessed: 10-Oct-2019
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Table 2-7: Properties of FLP-106 and ideal performance prediction using NASA CEA at Pc = 2
MPa and ε = 50 (frozen)

Property Value Property Value
Molecular mass, M 22.8 kg/kmol Characteristic velocity, c∗ 1361.7 m/s
Liquid phase Density, ρ 1357 kg/m3 Thrust coefficient, CF 1.7985
Saturation temperature, Ts 273.15 K Ideal specific impulse, Isp 258.2 s
Vapour pressure, Pvap <21 mPa Combustion temperature, Tc 2133.4 K

The method of ignition and the ignition characteristics of the propellant play an important role
in propulsion system design. Some studies utilize a hot catalytic bed for the decomposition of
ADN [54]. The catalyst bed design is a complicated process and its analysis is out of the scope
of this work. Wilhelm et al [73] have found that thermal ignition using a glowplug yields a
stable flame and an acceptable ignition time for FLP-106 propellant. An exothermic reaction
that corresponds to ADN decomposition starts at 150°C [78]. The ignition temperature of
FLP-106 is between 150°C to 200°C.

The real performance of the thruster is calculated by first performing a thermochemical ana-
lysis using NASA CEA and then by including the necessary nozzle and combustion efficiencies.
Thruster design is iterated until the required performance values are achieved. The chamber
pressure, Pc, is maintained at 2 MPa, which yields a similar thrust performance to the HPGP
thruster on-board PRISMA satellite [53].

In the set-up of the analysis in NASA CEA, first the Pc is set followed by the nozzle contrac-
tion area ratio (εc = 50) for a finite combustion chamber area and different nozzle expansion
area ratios (ε = 50, 100, 150, 200, 250, 300) for a parametric analysis. The reactants and are
defined and their corresponding amounts and formation enthalpies are specified. FLP-106
monopropellant is defined with the reactants ADN - 64.6%, Water - 23.9% and Monomethyl-
formamide - 11.5%.

The important performance parameters calculated by CEA are combustion temperature Tc,
molecular mass of the combustion gas M, the specific heat ratio k, density of the combustion
gas ρg, gas velocity vg, ideal characteristic velocity c∗ideal, ideal thrust coefficient CF,ideal,
and vacuum specific impulse Isp [71]. The specific gas constant Rgas is calculated using the
molecular mass M and the universal gas constant R.

A conical nozzle with a throat diameter, Dt, of 0.75 mm is utilised. From CEA calculations,
the Reynolds number (Re) at the throat is ∼ 15000. For such Re values, the average nozzle
efficiency ηn is 0.92 [27]. The combustion efficiency ηc is 0.95–0.99 for a well designed com-
bustion chamber [27]. An average value of ηc = 0.98 is used. For ε = 50, application of
these quality factors yields an Isp of 232.8 s, which is considered low since it leads to a large
propellant mass for the required ∆V . Thus, it is necessary to increase the ε to improve the
performance.

The variations of Isp and T with respect to the area ratio ε are studied to obtain the required
performance and design parameters for the monopropellant thruster. The mass flow rate ṁ
and subsequently the thrust are calculated using Eqs.(2-7)–(2-10) [27].
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ṁ = At · Pc · k√
(k ·Rgas · Tc)

·

√( 2
k + 1

)(k+1)/(k−1)
(2-7)

T = ṁ c∗ CF (2-8)

CF = ηnCF,ideal (2-9)

c∗ = ηc c
∗
ideal (2-10)

The thrust and the specific impulse increase with the increase in area ratio, as illustrated
in Figure 2-6. The value of ε = 200 is chosen for the design. The rationale being that
the corresponding performance values satisfy thruster requirements and higher ε values yield
only a small increase in performance while leading to higher material usage and thruster mass.
Additionally, very high ε values could lead to higher divergence losses, thereby reducing nozzle
efficiency [27]. Thruster performance parameters for ε = 200 are listed in Table 2-8.
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Figure 2-6: Ideal and estimated thrust T and specific impulse Isp variation with area ratio (ε).
Total efficiency ηtot = 0.9016

Table 2-8: Estimated thruster performance for ε = 200 using NASA CEA

Property Value Property Value
Combustion efficiency, ηc 0.98 Characteristic velocity, c∗ 1334.47 m/s
Nozzle efficiency, ηn 0.92 Thrust coefficient, CF 1.7383
Max Thrust (per thruster) 1.536 N Mass flow rate (per thruster), ṁ 0.673 g/s
Specific Impulse, Isp 241.2 s Exhaust velocity, ve 2366.17 m/s
Chamber temperature, Tc 2133.4 K

A finite area combustion chamber with a nozzle contraction ratio εc of 50 is used. It is the
ratio between the combustion chamber cross sectional area Ac and the nozzle throat area At.
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and the constriction length Lcon = 1.5 mm is chosen as a preliminary design value to achieve a
45° constriction angle. Since At = πD2

t /4, and Dt is already known, the combustion chamber
diameter Dc is directly calculated using εc.

Combustion chamber volume Vc is calculated in several steps. First, the specific volume at
the throat Vs,t is calculated using equation (2-11).

Vs,t = At
√
k Rgas Tc
ṁ

(2-11)

Here,
√
k Rgas Tc corresponds to the sonic velocity at the throat, vt. The mass flow rate

ṁ is obtained from equation (2-7) and the combustion temperature Tc is obtained from the
thermochemical analysis. Then, with Vs,t, the specific volume at the combustion chamber is
calculated using equation (2-12)

Vs,c = Vs,t(
k + 1

2

)( 1
k−1) = At

√
k Rgas Tc
ṁ

( 2
k + 1

)( 1
k−1)

(2-12)

Now, the characteristic length L∗ and the chamber residence time ts are defined using equa-
tions (2-13) and (2-14)

L∗ = Vc
At

(2-13)

ts = Vc
ṁ Vs,c

(2-14)

Now, combining equations (2-12), (2-13) and (2-14), we get an expression for the total
combustion chamber volume that is expressed using equation (2-15) [27].

Vc = ts ṁ Vs,c = ts At
√
k Rgas Tc

( 2
k + 1

)1/(k−1)
(2-15)

(2-16)

The total combustion chamber volume is the sum of the volumes of the cylindrical part and
the contraction frustum (equation (2-17)).

Vc = Ac Lc +Ac Lcon

(
1 +

√
At
Ac

+ At
Ac

)
(2-17)

Here, Ac is the combustion chamber cross sectional area. The second term on the right is the
volume of the frustum. Since Vc is calculated using equation (2-15), the combustion chamber
length is calculated by rearranging equation (2-17) into equation (2-18).
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Lc = Vc
Ac
− Lcon

(
1 +

√
At
Ac

+ At
Ac

)
(2-18)

Characteristic length L∗ = 1.5 m is used which in turn yields the maximum combustion
performance [54, 73]. The corresponding residence time ts = 0.0026 s. The nozzle is designed
by assuming a αd = 15° half expansion angle. The length of the divergent part of the nozzle
LN is calculated using equation (2-19).

LN =
(
√
ε− 1) · Dt

2 +Ru ·
(

1
cosα − 1

)
tanαd

(2-19)

Here, Ru is the throat longitudinal radius which is ∼ 1.5×Rt [79]. The chamber and nozzle
design parameters are listed in Table 2-9. The thrusters are placed outside the 16U spacecraft
structure.

Table 2-9: Monopropellant thruster design parameters

Parameter Value Parameter Value
Thrusters 2 Throat diameter, Dt 0.75 mm
Chamber pressure, Pc 2 MPa Contraction ratio, Ac/At 50
Chamber volume, Vc 662.7 mm3 Expansion area ratio, ε 200
Chamber diameter, Dc 5.3 mm Expansion half angle, α 15°
Chamber residence time, ts 0.0026 s Nozzle length (divergent), LN 18.47 mm
Chamber length, Lc 28.26 mm Thruster mass (total), mthruster 0.4 kg a

a Value assumed based on state-of-the-art 1N monopropellant thrusters without valves Ariane Group - http:
//www.space-propulsion.com/brochures/hydrazine-thrusters/hydrazine-thrusters.pdf Last accessed:
04-April-2019

2-6 High-thrust trajectory analysis

Spacecraft trajectory is calculated by assuming a 2-body problem, discarding perturbations,
and integrating the equations of motion with the calculated thruster performance and the
injection orbit as input. The goal of the trajectory analysis is to find a) required burntime
(tb) for each maneuver, b) total number of maneuvers required to achieve Earth escape with
the lowest flight time, c) the overall ∆V imparted to the spacecraft, and d) the overall
propellant mass consumed.

The injection orbit has a perigee altitude of 295 km and an apogee altitude of 90000 km.
Thus, the eccentricity of the orbit is 0.87. The assumed initial orbital parameters are {a, e, i,
Ω, ω, θ} = {51526 km, 0.8705, 0.01°, 0°, 0°, 0°}. The orbit raising and Earth escape trajectory
is split into two parts, the powered flight and the ballistic flight. The powered flight is when
the thrust is applied over a specific value of the burntime tb and the ballistic flight is when
no thrust is applied. The burn manoeuvres are performed near perigee for efficient and swift
orbit raising. The tb remains constant for all manoeuvres and the thrust is initiated at tb/2
before perigee and ends at tb/2 after perigee. This is done so because it is prudent to perform
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the burn manoeuvres closest to the perigee point. Since the manoeuvres are real rather than
impulsive, the burn should begin just before perigee and end just after perigee. This also
reduces the gravity losses.

The thruster performance values of T = 3 N (CP-01) and Isp = 241.2 s are utilised. The total
time until escape depends upon the thrust and burntime. A grid search is done to calculate the
tb for each maneuver based on the lowest overall flight time (powered and ballistic) until Earth
escape. The sampled values of tb for each maneuver range from 400 to 600 seconds. Each
successive burn increases the apogee and the integration of equations of motion is performed
until Earth escape (e = 1) is achieved. They are expressed in equations (2-20)– (2-22).

d~r
dt + µ

r3~r =
~T

m
(2-20)

dm
dt = − |T |

Isp g0
(2-21)

~T = u Tmax
~v

||~v||
(2-22)

Here, r is the radius vector, µ is the gravitational parameter of Earth, and m is the spacecraft
mass. In equation (2-22), the quantity u denotes the throttle control, which is either 1 or 0
depending whether the thrust is applied or not. The quantity v/||v|| indicates the direction
of thrust along the velocity vector. The maximum thrust Tmax = 3 N.

The calculated tb for each maneuver is 598.6 s such that overall flight time is kept to the
minimum. The minimum total flight time P = 792.73 hours (∼33.03 days) . This flight time
is counted as the Earth orbiting time until eccentricity e = 1, and not the time to reach the
Earth sphere of influence. The total number of maneuvers is 6 and the escape is achieved
at the 7th orbit. The number of Van Allen belt crossings amount to 13. The orbital raising
is illustrated in Figure 2-7. An additional ∼30 days coasting period could be considered for
reaching the Earth sphere of influence.

The calculated cumulative ∆Vesc of the orbit raising and escape maneuvers is 363.14 m/s,
which is ∼3 m/s higher than the ideal ∆V for escape. This difference corresponds to the
accumulated gravity losses (∆Vgl ∼1%). A 10% margin is placed on the ideal ∆V for contin-
gency and ∆Vesc,mg is 396 m/s. Using equation (2-6), the propellant mass is calculated. The
propellant mass (mp,mg) pertaining to ∆Vesc,mg is 4.993 kg while the mp for ∆Vesc is 4.553
kg.

The stabilization manoeuvre is executed after low-thrust heliocentric transfer and ballistic
capture. The ∆Vstab = 45 m/s and a 10% margin is again placed for contingency, thus
making ∆Vstab,mg = 49 m/s. The propellant mass mp,stab = 0.418 kg and the margined value
mp,stab,mg = 0.459 kg. A 5% margin is placed on the cumulative margined propellant masses
for Earth escape and Mars stabilization to account for the RCS thruster operations, i.e.,
mp,rcs = 0.05× (mp,mg +mp,stab,mg). Thus, the overall chemical propellant mass is 5.725 kg.
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(a) Orbit raising (b) Burn
trajectory

Figure 2-7: MARIO orbit raising and escape - ballistic and burn trajectories

Table 2-10: Mission parameters for orbit raising and escape

Parameter Value Parameter Value
Initial Mass, mi 32 kg Propellant mass (real), mp 4.553 kg
Thrust, T 3 N Propellant mass (margined), mp,mg 4.993 kg
Specific Impulse, Isp 241.2 s Final mass at Earth escape, mf,esc 27.447 kg a

Burn Time per maneuver, tb 598.6 s Mars stabilization ∆Vstab 45 m/s
Orbit raising maneuvers 6 Margined ∆Vstab,mg (∼10%) 49 m/s
Ideal ∆Vesc 359.66 m/s Propellant mass for ∆Vstab 0.418 kg
Real ∆Vesc 363.14 m/s Propellant mass for ∆Vstab,mg 0.459 kg
Margined ∆Vesc,mg (10% margin) 396 m/s Propellant mass for RCS, mp,rcs 0.273 kg

Overall propellant mass, mp,mg,ovr 5.725 kg
a Calculated based on the real mp and not the margined.

2-7 Feed system design and system sizing

The feed system consists of the storage tanks, valves, flow lines, and the tank pressurization
system. The overall margined propellant mass mp,mg,ovr = 5.725 kg for the monopropellant
system with an Isp = 241.2 s. Considering the liquid phase density of FLP-106 at room
temperature (see Table 2-7), the total propellant volume is 4218.6 cm3, which in terms of
CubeSat units is ∼4.2U.
A regulated pressure-fed system is utilised as the thrust must be precise and constant [80].
Gaseous nitrogen GN2 is used as the pressurant. A pressurized propellant tank requires a
spherical shape or a cylindrical shape with spherical or ellipsoid dome ends to be safe as
the pressure is effectively distributed without causing severe stress points along the structure.
However, for a 4218.6 cm3 tank, the radius of the spherical tank will be ∼9.62 cm, which leads
to spatial accommodation issues in a 16U CubeSat. Thus, cylindrical tanks with spherical or
ellipsoid dome ends are considered.
Most common type of ellipsoid is the oblate ellipsoid. It looks like a standard spherical dome
with a circular base but it looks like it is ’squashed’ a little from the top, i.e., the sides are
more vertical and the top is flatter compared to a spherical dome. Eventhough there is a
minor increase in stress along the walls, the main advantage of ellipsoid dome over a spherical
dome is that for the same volume, there is more headroom along the vertical axis. This
directly contributes to space saving and allows for easier accommodation within the CubeSat
structure.
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The propellant tank consists of the cylindrical part and the ellipsoid dome. The volume of
the oblate ellipsoid dome is calculated using equation (2-23) and the volume of the cylindrical
part is given by equation (2-24)

Vdome = 4
3 π b a

2 (2-23)

Vcyl = π r2 h (2-24)

Vtank = Vcyl + Vdome (2-25)

Here, the quantities a and b are semi-major and semi-minor axes, respectively. The semi-
major axis a corresponds directly to the radius of the cylindrical part r and the semi-minor
axis is adjustable. The quantity h represents the height of the cylindrical part. The total
tank volume Vtank must accommodate the total propellant volume Vprop and also include an
ullage volume for gas pressurisation. The tank diameter and height are iterated until the
required Vtank is achieved.

Assuming a ∼10% ullage volume, one large tank with 17 cm diameter would have a height
of 22.8 cm. To save space and to accommodate rest of the feed system components, four
tanks each with a diameter of 9.4 cm are be used. This also helps in reducing the propellant
sloshing that occurs with larger tanks. Each tank has a capacity of 1160.1 cm3 a height of
18.05 cm, occupying ∼1.8U space. These tanks are similar to the storage cell designs by Eagle
Picher Technologies [81]. The tanks shape and their assembly in the spacecraft structure are
illustrated in Figure 2-8.

(a) Tank shape (b) Tank assembly

Figure 2-8: Propellant tank shape and assembly. The dark blue tanks hold the propellant and
the light blue tank holds the pressurizer gas. The thrusters are placed outside the spacecraft
structure.

The nominal feed pressure Pfeed is set at 2.2 MPa and the Maximum Expected Operational
Pressure (MEOP) is 2.6 MPa. The feed pressure value is similar to the one for a high-
performance ADN-based monopropulsion system on-board PRISMA satellite [53]. A burst
factor of 1.5 is applied on the MEOP to obtain the burst pressure, which is 3.9 MPa. The
pressurant gas (GN2) pressure Pgas is considered to be 28 MPa at 323 K, at which the
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density ρgas = 257.8 kg/m3 [62]. The amount of pressurant gas required is calculated using
equation (2-26).

mgas = Pfeed

 Ntank Vtank

Rgas Tgas,low −
Pfeed

ρgas

 (2-26)

Here, Ntank is the number of propellant tanks, Rgas is the specific gas constant for GN2,
and Tgas,low is the lower limit for the temperature of the gas. The pressruant gas volume is
calculated using equation (2-27). The internal volume of the pressurant gas tank is the same
as the actual pressurant gas volume.

Vgas,tank = Mgas

ρgas
(2-27)

The pressurant gas tank is designed using the same formula used for the propellant tank
design. The total gas tank volume Vgas,tank is 492 cm3. The radius of the pressurant gas tank
rgas,tank is 4.7 cm and the height hgas,tank is 7.76 cm.

The material used for the tank is Titanium alloy Ti-6Al-4V. Its yield strength is 880 MPa and
density is 4430 kg/m3[82]. It has a very high corrosion resistance. The tank wall thickness
is calculated for the burst pressure with a safety factor (SFys) of 1.2 applied on the yield
strength [79]. An additional safety factor (SFth) of 2 is applied on the thickness considering
launch loads and vibration. The thickness of each tank is calculated using equation (2-28).

th = Pburst
r

σyield
SFth SFys (2-28)

The thickness of each propellant tank is 0.5 mm and that of the pressurant gas tank is 4.5 mm.
Precision machining techniques applied on Ti-6Al-4V enable the manufacturing of tanks with
small thicknesses [83]. The total mass of each tank is calculated by multiplying the material
density ρmat with the difference between external and internal volumes of the tank. The
external volume is calculated using equation (2-25) with the thickness added to the tank’s
internal radius. This is expressed in equation (2-29)

mtank = ρmat (Vtank,ext − Vtank) (2-29)

The design of valves, regulators, and filters are not presented in this work and is left for
future research when the MARIO mission attains further maturity. The major components
of the monopropellant thruster system are illustrated in Figure 2-9. The feed system design
characteristics are listed in Table 2-11.
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Figure 2-9: Schematic of the monopropellant thruster system

Table 2-11: Monopropellant system design parameters

Parameter Value Parameter Value
Propellant tanks 4 Press. gas mass, mgas 0.127 kg
Individual tank volume, Vtank 1160.1 cm3 Press. tank volume, Vgas,tank 492 cm3

Prop. feed pressure, Pprop 2.2 MPa Press. tank radius, rgas,tank 4.7 cm
Prop. tank burst pressure, Pprop,burst 3.9 MPa Press. tank height, hgas,tank 7.76 cm
Prop. tank radius, rprop,tank 4.7 cm Press. tank thickness, thgas,tank 4.5 mm
Prop. tank height, hprop,tank 18.05 cm Press. tank mass, mgas,tank 0.238 kg
Prop. tank thickness, thprop,tank 0.50 mm Feed pipes & valves mass, mfv 0.20 kg
Total tank mass, mtank 0.219 kg Feed system total mass, mfeed 0.784 kg a

Press. gas pressure, Pgas 28 MPa Feed system total volume 8U b

Overall propulsion system mass, mcp,sys 6.91 kg c

Overall volume, Vcp,sys 8U
a Feed system mass includes pressurant gas mass but not propellant mass
b Includes volumes of propellant tank, pressurant gas tank, valves, and pipes. Thrusters are placed outside the spacecraft
structure.

c Overall propulsion mass includes the feed system mass, the thruster mass and the propellant mass (from Table 2-8).
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Chapter 3

Electric propulsion

In this chapter, first the electric propulsion principles are discussed followed by a state-of-
the-art review of electric propulsion systems applicable to CubeSats. Then, systems design
strategy, propellant analysis, thruster performance model, low-thrust trajectory analysis, and
systems design are presented. The content presented in this chapter is partially based on
the published work of the author: Mani et al Combined Chemical–Electric Propulsion for a
Stand-Alone Mars CubeSat [28], Mani et al Dual chemical-electric propulsion systems design
for interplanetary cubesats [29], and Mani et al Electric propulsion characterization for a
stand-alone Mars CubeSat [84].

3-1 Electric propulsion principles

Electric Propulsion (EP) Systems are high specific impulse systems that have high propel-
lant mass utilisation efficiency to produce the required change in velocity, ∆V . Owing to
this feature, they occupy a smaller volume and have lesser mass compared to the conven-
tional Chemical Propulsion (CP) systems, thereby leaving room for improving the payload
characteristics and other critical subsystems’ features in space missions.

EP systems were first developed in the 1960s in the former Soviet Union when plasmas were
discovered to be a valuable source for production of current and subsequently thrust force.
The SERT-1 spacecraft, in 1964, carried on-board the first demonstrable EP system, an ion
thruster, and the Zond-2 spacecraft carried a pulse plasma thruster (PPT) [85]. EP systems
have seen a rapid development since then.

Interplanetary missions, especially during the deep-space cruise phase, require a large total
impulse. The total impulse is given by It =

∫ tf
t0 T dt, where T is the thrust and dt represents

the burning time. Specific impulse Isp is the total impulse It divided by the propellant mass
mp. To satisfy the large total impulse requirements, there is a need to increase the Isp rather
than mp. Otherwise, the initial mass fraction would be enormous.
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The ideal motion of a spacecraft with on-board EP system is governed by momentum conser-
vation principle. A spacecraft of mass m moving at a velocity ~v and subject to an external
force ~F has an equation of motion (for variable mass):

~F + dm
dt ~ve = ~F + ṁ~ve = m

d~v
dt (3-1)

Here, ṁ is the rate of change of spacecraft mass which is equivalent to the rate of change in
propellant mass ṁp, ve is the exhaust velocity of the expelled propellant, and t represents
time. The thrust, which is the force acting on the spacecraft due to the ejection of propellants,
is given by

~T = ṁp ~ve (3-2)

Assuming impulsive thrust, i.e., exhaustion of propellants in a negligible duration with a
constant propellant exhaust velocity ve and neglecting external forces, the equation of rocket
/ spacecraft motion becomes,

∆V = ve ln
(

mo

mo − ṁptb

)
(3-3)

Equation (3-3) is famously known as Tsiolkovsky Rocket Equation. Here, mo represents the
initial mass, tb is the burning time, and ∆v is the total change in velocity. Also, mo− ṁptb is
the final mass of the spacecraft after the exhaustion of propellants, mf . Rearranging (3-3),
we get

mf

mo
= e−

∆v/ve (3-4)

The ∆v for interplanetary missions are very high and the ve needs to be be similar to the
∆v to have a significant amount of useful mass that is transportable. As the mission analysis
includes more complex physics such as orbital perturbations, thrust vectoring, staging etc.,
during interplanetary travel, the requirement on ∆v increases. This eventually leads to the a
large ve requirement.
We can obtain higher ve values by combusting propellants with high calorific value (energy
per unit mass) and then accelerating them through a nozzle or by applying high body forces
on the propellant stream to accelerate them.
In CP systems, propellants are mixed, ignited (either using an ignitor or by hypergolic chem-
ical reaction), combusted, and accelerated through a convergent-divergent nozzle to produce
thrust. The exhaust velocities of CP systems are limited by the chemical energy of the com-
bustible mixture, heat transfer to nozzle throat and/or combustion chamber, and frozen flow
losses. The maximum theoretical ve attainable using CP, which require the usage of very rare
bi/tri-propellant mixtures, is 5500 m/s [86]. However, storage and handling of such propel-
lants are very complicated. Another issue is the heat energy produced by the combustion
of the propellants is sometimes much higher than the acceptable structural material limits.
Additionally, the combustion products are extremely corrosive and pose a great danger to the
satellite structure. Even the best performing CP systems might not provide sufficient ve to
support interplanetary missions.
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The peculiar feature of EP systems is that a large amount of externally stored energy, e.g.
solar energy, is transferred to the propellant and thus results in very high exhaust speeds and
energy densities. For example, in one of the methods, solar energy is converted to electrical
energy to either provide heat to the propellants or produce an electric field along the ionised
propellant stream, which results in acceleration [87]. High exhaust velocities correspond to
low propellant consumption. Thus, EP systems are the most effective propulsion systems to
be utilised for long duration, high total impulse interplanetary transfer missions. The main
drawback of EP systems is the low thrust level, which depends upon the power production
capabilities.
Specific impulse is a figure of merit of a thruster’s performance since it is a measure of
its efficiency in terms of fuel consumption. It is defined as the ratio of thrust to the rate
of propellant consumption. Alternatively, it is defined as the total impulse divided by the
propellant mass.
The total impulse is the integral of the the thrust over the operating duration.

I =
∫ tf

t0
T (t) dt =

∫ tf

t0
ṁpvedt (3-5)

The specific impulse, defined in terms of weight at the surface of the Earth, is then given by
the formula,

Isp =
∫ tf
t0 T (t) dt

g0
∫ tf
t0 ṁp dt

= I

g0mp
= T

g0 ṁp
(3-6)

From (3-6), it can be observed that the higher the Isp, the lower is the propellant consumed
to produce the same level of total impulse.
In electrostatic and electromagnetic EP devices, the atoms/molecules of the injected propel-
lant, which is in solid, liquid or gaseous form, need to be converted into ions for them to
be accelerated through. The fraction of stored propellant is transformed into ions, which
eventually are accelerated to a high velocity to produce thrust. The thrust produced by a
singly-charged ion beam is

T = ṁivi (3-7)

where ṁi is the ion mass flow rate and vi is the exhaust velocity of the ions. Since the energy
is conserved and that each ion carries a charge, the ion beam velocity is expressed as

vbeam,i =
√

2 qe Vgrid
M

(3-8)

where Vgrid is the voltage through which the ion beam is accelerated, qe is the electron charge,
and M is the propellant atomic mass. The ion mass flow rate, which is related to the beam
current Ibeam is given by,

ṁi = IbeamM

qe
(3-9)
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Thus, the thrust for singly-charged ions is represented in equation (3-7) becomes,

T =
√

2M
qe

Ibeam
√
Vgrid (3-10)

The ionisation process of the injected propellant molecules, until now, is assumed to be full,
i.e, all the injected molecules are ionised. However, that might not be the case in reality [88].
This leads to the definition of a parameter called the mass utilisation efficiency, ηm. The
mass utilisation efficiency, which represents the fraction of ionised atoms/molecules to the
injected amount is given by the equation (3-11)

ηm = ṁi

ṁp
= Ibeam

qe

M

ṁp
(3-11)

Here, ṁp is the injected propellant mass flow rate. These ions have an elementary charge
qe = 1.602 × 10−19 Coulomb. The expression for the specific impulse needs to take into
account the mass utilisation efficiency ηm and the correction for multiple charging.

Isp = ηm
vi
g0

= ηm
g0

√
2 qe Vgrid

M
(3-12)

The mass utilisation efficiency is a fairly difficult parameter to measure and accurately de-
termine. Thus, a more useful efficiency parameter is defined, called thruster efficiency which
is a better representative of the thruster performance. It enables us to make comparisons
among different EP systems. It is the ratio of jet power produced by the thruster and the
total input electric power to the thruster.

ηtot = Pjet
Pt,elec

= ṁpv
2
e

2Pt,elec
= T 2

2ṁpPt,elec
(3-13)

The thruster’s input electrical power, input mass flow rate, and the thrust output need to
be measured to calculate ηtot. The jet power, Pjet is the kinetic thrust power of the beam,
equivalent to ṁpv

2
e/2 or T 2/2ṁp.

Since the ions need to be produced in the chamber using the input electrical power, an
electrical efficiency term is also defined. The electrical efficiency of the thruster is the ratio
of the beam power and the total input power. It is represented in equation (3-14).

ηe = Pbeam
Pt,elec

= Ibeam Vgrid
Ibeam Vgrid + Pother

(3-14)

where Pother represents the other power required to produce the beam. This includes the
electrical power to produce ions, cathode heater, and grid currents in ion thrusters etc [88].
The beam voltage is represented by Vgrid.
The total thruster efficiency ηtot is influenced by the electrical efficiency ηe and the mass
utilisation efficiency ηm. The total thruster efficiency is accurately calculated, in the case of
ion thrusters, from the electrical and gas flow input parameters (known). The ion thrusters
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are nearly mono-energetic and their exhaust velocities are calculated from the net acceleration
voltage supplied to the thruster, while the beam current is measured by the high voltage power
supply.

The total thruster efficiency can be expressed in terms or electrical efficiency and mass util-
isation efficiency.

ηT = ηm vi T

2 ṁi Pt,elec
= ηm

Ibeam Vgrid
Pt,elec

= ηm ηe (3-15)

3-1-1 Power constraint

The limiting factor in electric propulsion is the power supply, which is a critical resource. The
EP systems have a very low Thrust-to-Mass ratio, nominally in the order of ≈ 10−3 N/kg.
The power production and supply system also has a mass that becomes critical. Ideally, the
higher the power production the higher is the exhaust velocity of the EP system. However,
designing an over-productive power system leads to a formidable increase in power system
mass, which then commutates the mass savings that we obtain from using EP systems. The
power production, conversion efficiency, system mass, ve, Isp, thrust etc. need to be carefully
optimised to maximise the performance and satisfy the mission requirements.

The power requirement of the system directly influences the power system mass and con-
sequently the Isp. Assuming a linear variation between power and power system mass along
with constant conversion efficiency (from electric power to thrust power), we get

mpow = KPt,elec = KTve
2ηe

= KgoTIsp
2ηe

(3-16)

where K is the powerplant specific mass, i.e., electric propulsion system mass ÷ thruster
input power.

Figure Figure 3-1 illustrates the dependence of propellant mass (mprop) and power system
mass (mpow) on the specific impulse when a constant thrust is considered. There is a need to
balance the power system and propellant masses that shall minimise the sum of those masses.
A corresponding specific impulse for the minimised combined mass will be the optimal value.
This optimal Isp depends uponK, η, and duration of thrusting ∆t. However, it is independent
of the thrust.

Îsp = 1
g0

(2ηe
K

)1/2

(3-17)

A critical parameter is the thrust-to-input power ratio. It is expressed as,

T

Pt,elec
= Tηe

Pbeam
(3-18)

Since the beam power Pbeam is the product of beam current Ibeam and beam voltage Vgrid,
the equation (3-18) becomes,
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Figure 3-1: Dependence of propellant mass mprop and power supply mass mpow on specific
impulse Isp for a constant thrust mission. Image retrieved from Jahn [87]

T

Pt,elec
= 2 ηm ηe

go Isp
= 2 ηe

go Isp
(3-19)

With varying conversion efficiency, thrust, specific impulse, and external mass contributions,
the optimisation procedure could broaden and become more detailed. Emphasis is placed on
the influence of power supply system mass on the performance of electric propulsion system
since it is one of the most critical parameters. Operating the thruster at too high or too low
Isp will reduce payload capacity. Development of power plants with low specific mass is as
important as the development of thrusters with high specific impulse.

The power-to-mass ratio, ξ is the reciprocal of the powerplant specific mass, K. The exhaust
velocity and the thrust depend upon the power-to-mass ratio [89]

T =
√

2 ηtot ξ mpmpow

tp
(3-20)

Here, mp is the propellant mass, mpow is the power plant mass, and tp is the thrust duration.
If the thrust needs to be increased, the power system mass also needs to be increased (since
more power is required to be produced). The Tsiolkovsky’s rocket equation is then altered to
fit the narrative of the electric propulsion system to provide more robustness [90]
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∆V = ve ln

1 + 2 ηtot ξ tp

2 ηtot ξ tp
(
ms

mp

)
+ η2

m v
2
e

 (3-21)

The quantity ms refers to the structural mass of the entire satellite, including the payload
and the exhaust velocity ve is an independent variable.
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One very important factor to consider is the utility of the said power system after its utilisation
by the electric propulsion system. It is prudent to pursue an power system design considering
the power requirements of the rest of the subsystems in addition to the propulsion system
such that we do not over-design it.

3-2 CubeSat electric propulsion state-of-the-art

Electric propulsion could be broadly classified into three main categories,

1. Electrothermal propulsion : heating of propellant gas and expansion through a
nozzle.

2. Electrostatic propulsion : ionisation of propellant gas atoms and subsequent accel-
eration through application of electric body forces using an electric field.

3. Electromagnetic propulsion : acceleration of ionised propellant stream by the in-
teractions of magnetic fields and with electric field applied orthogonally.

Electrothermal propulsion involves the heating of propellants to hot neutral or ionised gas in
the thrust chamber and their subsequent acceleration through a convergent-divergent nozzle
to produce thrust. The heat energy to the propellant is provided by the external power
source. The means of supply of the energy are: a) passing the propellant over an electrically
heated surface (resistojet), b) passing the propellant through an arc discharge (arcjet), and
c) high frequency excitation of the propellant. The process is similar to chemical propulsion,
however without any combustion. Thus the principles of gas dynamics apply to electrothermal
thrusters for thrust production through high energy propellant gas acceleration.

To have a high exhaust velocity, the propellant gas accelerated through the nozzle needs to
have a high temperature and pressure. This requires highly efficient heating of the gas. The
area of contact between the heat source and the propellant gas needs to be increased for
higher energy transmission. This can be achieved using multi-channel heat exchangers [90].
The exhaust velocity ve is dependent on temperature and the specific heat capacity of the
propellant gas

(1/2v
2
e ≈ cpTc

)
. The specific impulse Isp = ve/g0. Thus, to increase the Isp,

a quadratic increase in chamber temperature is required. The temperature depends upon
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the power input as well as the mass flow rate of the propellant. However, unlike chemical
thrusters, the temperature is inversely proportional to the mass flow rate since a higher flow
rate would mean lesser time for heating, thus a lower flow rate would mean a very high
temperature.

Heating losses occur due to the poor thermal conductance of the gaseous propellant. The
thermal and viscous boundary layers also influence the flow gradients. A part of the input
electrical power, when converted to thermal energy, is lost in thermal radiation. The perform-
ance of electrothermal thrusters could be seriously impaired by the inability of the propellant
gases to maintain their internal energy during nozzle expansion. The specific heat capacity
strongly depends upon the temperature. These are called frozen flow losses. Thus, a prudent
choice of propellant is required. Propellants with low molecular weight are very advantageous.

Electrostatic propulsion devices rely on Coulomb force to produce thrust by accelerating
charged propellant particles. The classic examples are Gridded Ion Thruster (GIT), Hall
Effect Thruster (HET), electrospray thrusters and Field Emission Electric Propulsion (FEEP)
thrusters [88]. Operation of electrostatic devices occurs in near-vacuum conditions. The
particles of the propellant need to be charged for the electrical force to have an effect, since
the force depends only upon the charge. Additionally, the charged particles should have the
same charge to move in one particular direction that is desired. Electrons, although easy to
produce and accelerate, have a very small mass and are easily influenced by magnetic fields.
Thus, they are not a viable for electric propulsion. A heavy molecular mass molecule is ionised
and those positive ions are utilised for propulsion since they carry significant momentum,
hence a useful amount of thrust can be generated.

In electron bombardment type electrostatic devices, the propellant gas which is in neutral
state is injected into the chamber. The injection occurs very close to the cathode which is
the source for electrons. These electrons traverse from cathode to anode. They bombard the
neutral gas molecules which then leads to the production of positive ions. Enhancement of
the electron bombardment of neutral particles is achieved by confining them using magnetic
rings. The positively charged ions are then accelerated by the electric field by the action of
Coulomb force [88].

Electrospray thrusters extract ions or charged droplets from conductive liquid propellants that
are fed through small needles. They are then accelerated through high voltage static electric
field. FEEP thrusters transport liquid metals such as indium or caesium along needles, extract
the ions using field emission process, and accelerate them using an electric field [91, 92].

Desirable design characteristics of electrostatic thrusters include minimisation of energy input
per charged particle, minimisation of sputtering and deterioration of acceleration electrodes
due to ion collision damage, maximisation of propellant utilisation, stable and effective ac-
celeration of uniformly charged particles, minimisation of plume reactivity with rest of the
system, avoidance of hazardous propellants, and optimisation of thrust and specific impulse
within the design envelope [27].

Electromagnetic thrusters utilise the Lorentz Force for plasma acceleration and thrust produc-
tion. The propellant gas is heated to a plasma state, at which they readily conduct electricity.
When a current carrying conductor is placed perpendicular to a magnetic field, a body force
is exerted on the conductor in a direction that is perpendicular to both the direction of the
current and the direction of the magnetic field.
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In electromagnetic thrusters where there is no ionisation of the propellant, neutral exhaust
beams are produced. Electromagnetic thrusters have a higher thrust density, i.e., thrust per
unit area compared to gridded ion thrusters. Two main thrusting concepts in electromagnetic
thrusters are continuous / steady-state thrusting and pulsed thrusting (intermittent).
The MARIO mission pursues a long duration low-thrust heliocentric transfer to reach Mars.
This requires systems of high Isp. Although electrothermal thrusters have a higher Isp than
chemical thrusters, the value is not adequate to satisfy the needs of the mission regarding
system mass and transfer time. Thus, only electrostatic and electromagnetic systems are
taken into consideration. In this section, the gridded ion thrusters, Hall effect thrusters,
field emission electric propulsion systems, pulsed plasma thrusters, and helicon thrusters are
explored.

3-2-1 Gridded ion thrusters

Gridded ion thrusters (GITs) are electron bombardment type electrostatic thrusters in which
the ionisation and acceleration mechanisms are de-coupled in the sense that the ionisation
occurs in the ionisation chamber and the acceleration occurs through an accelerator grid. The
main components of the GIT are

I Plasma generator (discharge cathode, anode, magnetic ring, rf coil etc.)

I Accelerator grids (screen grid & acceleration grid)

I Neutralizer cathode

The gas is injected into the ionisation chamber, where the electrons bombard the neutral to
form ions. This leads to a formation of a quasi-neutral plasma in which the number of positive
ions and negative electrons are approximately the same. The ions produced traverse through
the chamber and through the grids where a very strong electric field is present. The ion plume
is then neutralised using an external neutraliser cathode that supplies electrons. Figure 3-2
presents a schematic of NSTAR gridded ion thruster on-board Deep Space 1 spacecraft. The
discharge cathode, anode and the magnetic rings that confine the electrons form the plasma
generator.
The plasma generator is at a high positive voltage compared to the spacecraft or space
plasma. Thus, a plasma screen encloses it which is biased near the spacecraft potential to
stop electron transfer from space plasma to the positively biased surfaces. The performance
of the ion thruster depends upon the efficiency of the plasma generator [88].
The thrust ultimately depends upon the momentum transfer from the exhaust beam to the
spacecraft. The two critical parameters that determine the thrust are the mass flow rate
and the exhaust velocity. The exhaust velocity is calculated directly from the applied beam
voltage, i.e., the voltage applied across the screen and acceleration grids. The potential
difference across the grids imparts energy to the ions which is directly converted into exhaust
velocity.
Mass flow rate is another critical parameter for thrust generation. Part of the input mass flow
is ionised and the critical parameter is the current of ions flowing between the grids, which
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(a) Simplified RF ion thruster
schematic

(b) Schematic of NSTAR Gridded Ion
Thruster

Figure 3-2: Simplified schematic of RF ion thrusters and the NSTAR Gridded Ion Thruster
on-board Deep Space 1 (NSTAR image retrieved from Turner [90])

becomes the exhaust stream. Additionally, unionised neutral gas particles also contribute to
the thrust, although they are not accelerated by the grids. Thrust is directly proportional to
the ion current and to the mass-to-charge ratio of the charged particles. The current density
j, electric current per unit area, has a saturation value depending upon the geometry and
the electrical field [93]. The internal electric field associated with the ion cloud opposing the
accelerating electric field is the cause for this limitation in current density. This occurs when
excessive amount of likely charged particles try to pass through the accelerator grid.
The electric field present between the screen and acceleration grids is constant and dependent
on the potential difference unless otherwise ions flow through. These ions alter the electric
field and the screen grid is partially shielded by them. The acceleration field’s profile depends
upon the ion flow rate. If the current increases, the exhaust stream density increases. When
the density reaches a certain value, the accelerating field at the screen grid drops to zero since
the positive charge of the ions downstream of the flow (in the acceleration grid) effectively
cancels the field in the screen grid. This value is called the space charge limit, which represents
the maximum ion current that can flow. Although ion acceleration can still occur further into
the cell, this limiting value of ion current prevents further ingress of ions from the chamber
into the grid.
The ion velocity at the acceleration grid depends upon the beam voltage. Thus, the effect of
space charge does not affect the ion exhaust velocity but only the ion mass flow rate. The
saturation current can be derived for a plane-geometry electrode configuration.
Plasma generation is achieved by three mechanisms, a) Direct current (DC) electron discharge,
b) Radio frequency (RF) discharge, c) Microwave discharge. A special type of DC electron
discharge plasma generation based thruster called the Kaufmann ion thruster is widely used.
Plasma generation in DC Discharge ion thrusters is achieved using a hollow cathode as an
electron source and an anode potential discharge chamber with magnetic multipole boundaries
[88]. The electrons discharged into the chamber ionise the neutral gas through bombardment.
They are confined in the ionisation chamber by the magnetic field that are applied, thereby

Karthik Venkatesh Mani Doctor of Philosphy Thesis



3-2 CubeSat electric propulsion state-of-the-art 47

increasing their path and improving ionisation efficiency. The discharge electrons, the neutral
gas, and the ionised gas form the plasma. This plasma discharge is then extracted by the
accelerator grids to produce thrust. Discharge chamber (ionisation chamber) geometry plays
a crucial role in plasma formation and sustenance.

The Kaufman type ion thrusters feature a strongly diverging magnetic field that shields a
cylindrical anode located near the wall of the discharge chamber. The electron transport to
the anode from the cathode is determined by cross-field diffusion. Kaufman type thruster is
a type of a DC discharge thruster [88].

The radiofrequency ion thrusters utilise elecromagnetic fields to heat the plasma electrons and
in turn ionise the injected propellant gas. This is done to avoid power supply and instrument
life issues that arise with hollow cathode and DC discharge power supply. An inductive plasma
generation mechanism is used, which is called the radiofrequency plasma generator. A low
frequency RF voltage is applied to an antenna structure around or in the plasma and the RF
energy is coupled to the electrons. In its simple configuration, an RF coil is wrapped around
an insulating chamber where the gas is fed. The chamber is connected to an accelerator grid
for ion acceleration. The RF coil is connected to an RF power supply that serves as the power
source for plasma generation. Compared to DC discharge thrusters, there is no need for an
internal cathode as well as magnetic confinement in RF ion thrusters [94].

Microwave ion thrusters utilise electromagnetic field at microwave frequencies to generate
the plasma. They differ from RF ion thrusters by the virtue of electromagnetic frequency
utilised to generate the plasma and consequently heat it. The plasma density and the mi-
crowave frequency have to be balanced properly for the plasma to be conducive for microwave
propagation. The microwave energy is coupled to the plasma by resonant heating of electrons
in the magnetic field amid collisions. The pressure required to achieve sufficient collisions
and the magnetic field required to achieve resonance are significant, leading to a penalty in
performance or complexity in design [88].

GIT technology is well developed and has a high maturity. Several efforts have been under-
taken to miniaturise the traditional GITs which are heavily power consuming. Miniaturised
GITs have a high Isp and a low power consumption. The most famous example is the Mini-
ature Xenon Ion Thruster (MiXI) developed by Jet Propulsion Laboratory (JPL). Different
configurations of the thruster exist based on the type of discharge: 3-Ring and Axial Ring-
Cusp Hybrid (ARCH). The difference is that MiXI (ARCH) has a higher total efficiency and
a lower power consumption compared to 3-Ring configuration. On the other hand, 3-Ring has
a higher thrust and specific impulse, albeit with a slightly higher power consumption [95, 96].
MiXI yields a maximum thrust and Isp of 1.55 mN and 3184 s, respectively. Miniature Radi-
ofrequency Ion Thrusters (RIT) has been developed at the University of Gießen and Airbus
Defense & Space GmbH (formerly EADS Astrium), with the RIT-µX version yielding a nom-
inal thrust of 500µN and consuming <50 W. This performance can be extended further upto
2 mN thrust and 3000 s Isp [97]. Busek Company Inc developed the BIT-3 ion thruster, which
has a size of 2.5 cm. The BIT-3 was designed for a CubeSat and consumes a peak power of
80 W while yielding 1.25 mN and 2300 s [98]. A miniature cathodeless ion thruster, NPT30,
that is capable of utilising xenon and iodine has been developed by ThrustMe, France [99].
Some of the existing miniature ion thrusters are listed in Table 3-1 [14, 98, 99].
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Table 3-1: Summary of gridded ion thruster state-of-the-art

Engine Manufacturer Thrust [mN] Isp [s] Power [W] TRL
MiXI (3-Ring) JPL 0.1–1.55 1764–3184 14–50 6
MiXI (ARCH) JPL 0.1–1.3 1700–3080 14–50 6

RIT-µX Uni. Gießen / Airbus D&S 0.05–0.5 360–2850 12.5–35 6
BIT-3 Busek 0.6–1.25 1200–2300 56–80 6

NPT30-I2 ThrustMe 0.4–1.1 700–1500 30–60 6

(a) MiXI
thruster

(b) BIT-3 (c) NPT30

Figure 3-3: Gridded ion thruster state-of-the-art. MiXI thruster by JPL (image retrieved from
Wirz et al [100]), BIT-3 by Busek Company Inc (image retrieved from datasheet [98]), and
NPT-30 by ThrustMe (image retrieved from datasheet [101])

3-2-2 Hall thrusters

The principle of operation for a Hall Effect Thruster (HET) or Hall thruster is ionisation of the
propellant gas and acceleration of the ionised propellant by an electric field. The ionisation
of the neutral propellant gas is achieved by electron bombardment. A radial magnetic field
is applied while the accelerating electric field is in the axial direction. The electron trapping
is achieved using Hall Effect [102].

Hall effect is the production of a potential or a voltage across an electrical conductor that
is placed in a traverse electric field and acted upon by a perpendicular magnetic field. The
voltage produced is perpendicular to both the electric and the magnetic fields. In the case of
Hall thrusters, the magnetic field is radial and the electric field is axial. Thus, the charge q
placed in such a field will experience a drift in the azimuth direction.

The electrons are provided by a cathode that is placed outside the thrusting chamber. The
electrons move towards the anode placed inside the chamber, near the propellant inlet. During
the electron motion, the axial electric field and the radial magnetic field induce the azimuth
drift, essentially trapping the electrons in a circular path. This increases the bombardment
of electrons on the neutral propellant atoms, thereby increasing the ion production efficiency
[27].

Hall thrusters do not have accelerator grids like GITs. Instead, the electrostatic acceleration
occurs within the core of the discharge. The ions are accelerated due to high potential
difference between the anode and the cathode. The thruster performance depends upon
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the channel structure and magnetic field shape. Hall thrusters are also known sometimes
as Stationary Plasma Thrusters, the devices that were invented in the Soviet Union. In
comparison to the Ion thrusters, the Hall thrusters have lower efficiency and specific impulse.
However, the thrust-to-power ratio is higher in Hall thrusters [88]. Additionally, fewer power
supply sources are required to operate the Hall thrusters.

Two generic types of Hall thrusters are present,

1. Thrusters with dielectric insulating wall

2. Thrusters with anode layer (TAL)

(a) Stationary Plasma Thruster cross-section (b) Thruster with Anode Layer cross-section

Figure 3-4: Types of Hall Effect Thrusters: Figure a shows the crossed electric and magnetic
fields as well as the ion and electron paths in a stationary plasma thruster. Figure b shows the
same for Thrusters with Anode Layer (Images retrieved from Goebel et al [88])

In Stationary Plasma Thrusters (SPT), the dielectric insulating wall is made of Boron Ni-
tride (BN) or Borosil (BN-SiO2) in flight thrusters. Some laboratory thrusters use Alumina
(Al2O3). Sputtering, a process whereby particles are ejected from a solid target material due
to bombardment of the target by energetic particles, is low in case of these dielectric materials.
The anode in these thrusters are placed at the base of the chamber where the propellant gas is
injected. The electrons produced by the external cathode travel through the chamber towards
the anode, where, on the way, they are trapped by the magnetic field. These electrons move
along the magnetic field lines and in the E×B azimuthal direction, around the channel. They
diffuse by collisional processes and electrostatic fluctuations to the anode and channel walls.
The plasma discharge created by the electrons ionises the neutral propellant gas. The life of
the thruster is determined by the sputtering of the dielectric material caused by the ion and

Doctor of Philosphy Thesis Karthik Venkatesh Mani



50 Electric propulsion

electron bombardment of the dielectric wall. The reduced axial electron mobility produced
by the transverse magnetic field permits the applied discharge voltage to be distributed along
the channel axis in the quasi-neutral plasma, resulting in an axial electric field in the channel
that accelerates the ions to form the thrust beam [103].

The GITs have a space-charge limit imposed by the grid spacing in the accelerator grids.
However, owing to the absence of such grids in Hall Effect Thrusters and also owing to the
fact that much of the acceleration occurs near channel exit, the space-charge is not an issue
and also the ion current density as well as the thrust density can be considerably higher
than that of the GITs. Additionally, the external hollow cathode produces electrons for two
functions: Plasma production and plume neutralisation.

In Thrusters with Anode Layer (TAL), the dielectric insulating material is replaced by a
conducting metallic wall. The name Thruster with Anode Layer is adapted from Russian
literature [103], that corresponds to a narrow electric field region near the anode. This
shortens the channel length by a significant margin but does not change the fundamental ion
generation or acceleration mechanism. Owing to the conducting nature of the chamber wall,
it becomes a part of the magnetic circuit. The wall is biased negatively to repel electrons such
that they remain in the ionisation region and to sustain the ionisation rate. The schematic
of the two types of Hall thrusters are illustrated in Figure 3-4.

The TAL operation is very similar to SPT operation. However, the primary difference is that
the channel walls at the exit plane have metallic guard rings biased at cathode potential to
reduce the electron loss. The life of TALs is determined by guard ring material since the
ion bombardment cause erosion of the guard rings. The anode typically extends close to the
thruster exit. The shape of the anode is curved and funnelled to constrain the neutral gas
and the plasma to the centre of the channel, away from the guard rings, and not to intercept
the magnetic field lines. The TALs have a channel width that is typically twice the channel
length, including the anode placement.

Insofar, Hall thruster development has not been pursued for CubeSats since scaling down is
a significant issue [13]. Hall thrusters with sizes similar to GITs have a higher thrust, higher
power consumption, and a lower Isp. In general, Isp values range from 1500–2000 s [13].
Reduction in Hall thruster size directly affects the electron Larmor radius (radius of gyration
of a charged particle), thus requiring much stronger magnetic fields to confine the electrons
so as to avoid wall impingement and subsequent loss in efficiency. A miniature Hall thruster
was developed by MIT which produced 1.8 mN thrust and 826 s Isp while consuming 126 W
of power [104]. Busek Company Inc has developed two classes of Hall thrusters, with average
consumption of 100 W and 200 W, respectively. The 100 W BHT-100 thruster yields a thrusts
of 6.5–8.3 mN and Isp of 985–1274 s [105]. The 200 W BHT-200 has flight heritage and yields
4–13 mN thrust with Isp of 1200–1500 s [106]. Princeton Plasma Physics Laboratory (PPPL)
has developed a 100 W Cylindrical Hall Thruster that yields thrusts of 3–6 mN and Isp of
1100–1650 s while consuming 90–185 W power [107]. SITAEL S.p.A have developed HT100
thruster, a 100 W class thruster that has a power range of 120–250 W yielding thrusts of 6–18
mN and Isp of 1000–1600 s [108]. Table 3-2 summarises the Hall thruster state-of-the-art.
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Table 3-2: Summary of gridded ion thruster state-of-the-art

Engine Manufacturer Thrust [mN] Isp [s] Power [W] TRL
BHT-100 Busek 6.5–8.3 985–1274 111–163 5
BHT-200 Busek 4–13 1200–1500 100–200 9
Mini HT MIT 1.8 865 126 6
CHT 3.0 PPPL 3–6 1100–1650 90–185 6
HT100 SITAEL 6–18 1000–1600 120–250 6

(a) BHT-100 (b) CHT (c) HT100

Figure 3-5: Hall effect thruster state-of-the-art. BHT-100 thruster by Busek Company Inc (image
retrieved from Szabo et al [105]), CHT 3.0 by PPPL (image retrieved from Polzin et al [107]),
and HT100 by Sitael (image retrieved from Misuri et al [108])

3-2-3 Field emission electric propulsion

Field Emission Electric Propulsion (FEEP) thruster is a type of electrostatic thruster in which
a liquid metal is fed through a positively charged capillary tube or a porous needle (emitter),
where it is ionised and the ions are extracted using an accelerator electrode. The potential
difference between the emitter and the accelerator is in the order of 10 kV. This generates a
strong electric field and at the tip of the capillary, and Taylor cones of the liquid metal are
produced and the electric field is focused, which leads to the extraction of ions from the liquid
and acceleration of such ions towards the cathode [91]. An external source of electrons need
to be provided to neutralise the stream of ejected ions [109].

In FEEP emitters, the ions are extracted directly from the liquid. The common propellants
are liquid metals such as Indium and Caesium which have high atomic weight, low ionisation
potential, low melting point, and good wetting capabilities on the emitter substrate [91, 110].
Caesium is used in thrusters with internally wetted slit emitters while Indium is used in
thrusters with porous needle emitters [13]. The specific impulse of FEEP thrusters range
from 4000-10000 seconds. The thrust could be easily fine-tuned and pulse mode operation is
enabled due to the instantaneous switching capability [102].

Thrust production is achieved by the acceleration of field evaporating ions into an exhaust
beam. In Caesium propelled FEEP thrusters such as FEEP-5 developed by Centrospazio
(later Alta Space and now SITAEL S.p.A), the emitter consists of two metallic plates with
a small propellant reservoir. On one side of each plate, a sharp blade is precisely machined
and a thin layer of Nickel is sputter deposited on the other three sides of one of the plates.
A thin channel of about ∼ 1µm diameter is machined to allow the flow of Caesium, forming
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a free surface (meniscus) at the end of it with a radius of curvature also being ∼ 1µm [110].
Under the strong electric field generated between the emitter and the accelerator grid by the
virtue of a voltage difference, the free surface (meniscus) of the liquid metal reaches a state
of instability due to surface tension and a strong electrostatic force, thereby forming Taylor
cones [111].

When the electric field reaches a very high value of ∼ 109 V/m, the ions are formed from
the liquid metal. This is then accelerated by the electric field, thus forming an ion beam and
producing thrust. Electrons are left in the bulk of the liquid. An external electron source, a
cathode for example, emits electrons to neutralize the stream. Mass flow rate does not have
to be controlled and the extracted particles are replaced by capillary action, thus maintaining
a dynamic equilibrium at the emitter tip.

Ionisation from the surface of the liquid caesium is triggered after a precise threshold value
of the electric field strength is achieved at the tip of the Taylor cones [110]. The necessary
electric field strength is achieved by controlling the voltage. Below the threshold voltage, the
emission is negligible. Another key factor is the amount of wetting that the slit undergoes by
the liquid propellant. Fully developed flow, i.e., fully wetted flow, in the slit is required for
best performance.

A new type of FEEP, delivering ∼mN level thrust, that utilises an Indium crown emitter with
porous needles has been developed at FOTEC, Austria [112, 113]. It was further developed
and commercialised as IFM Nano Thruster by Enpulsion in Austria [114]. Indium propellant is
significantly safer and easier to handle than Caesium which is highly corrosive and radioactive.
It is a solid at room temperature and has a melting point of 154°C. It is heated upto this
point and liquefied to activate the the thruster. IFM Nano thruster is the first FEEP thruster
to have operated in space [115].

The development began as Indium liquid metal ion sources (LMIS) at Austrian Institute of
Technology. Since the thrust range required was µN to mN, multiple needles are required to
fire in ensemble. Classical needle-emitters are unsuitable for this application and a new type
of emitters are developed. A cluster of multiple emitters in a ring-like structure is used and is
called the crown emitter. It is entirely manufactured as a single piece by micro-power-injection
moulding (µPIM) of Tungsten powder with sintering and electrochemical etching[112]. This
results in a porous needle through which liquid Indium can flow internally, through capillary
forces, from the reservoir to the tip.

(a) Slit emitter (b) Crown emitter

Figure 3-6: Field Emission Electric Propulsion concept with slit emitter configuration (image
retreived from Ceruti et al [116]) and a crown emitter with porous needles (image retrieved from
Reissner et al [117])
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Centrospazio developed the FEEP-5 and FEEP-50 thrusters which have an Isp of ∼9000 s.
The former yields a thrust of 0.04 mN while consuming 2.7 W and the latter yields 1.4 mN
while consuming 93 W [13]. External PPCUs are required which add to the mass of the entire
system. The IFM Nano Thruster has a thrusting range of 10µN to 0.4 mN with Isp of 2000–
6000 s. The system power consumption is 8–40 W [118]. Enpulsion has also developed the
IFM Micro Thruster which has a thrust range of 75µN to 1.5 mN, Isp of 1500–6000 s, and a
power consumption of 20–100 W. Performance tests of the Indium FEEP thruster developed
at Austrian Institute of Technology yielded 1.28 mN with Isp > 6000s and a power-to-thrust
ratio of 80W/mN [112]. The FEEP thruster state-of-the-art are listed in Table 3-3.

Table 3-3: Summary of Field Emission Electric Propulsion state-of-the-art

Engine Manufacturer Thrust [mN] Isp [s] Power [W] TRL
FEEP-5 Centrospazio 0.04 9000 2.7 9
FEEP-50 Centrospazio 1.4 9000 93 9
IFM Nano Enpulsion 0.001–0.4 2000–6000 8–40 9
IFM Micro Enpulsion 0.075–1.5 mN 1500–6000 20–100 9

(a) FEEP-5 (b) IFM Nano

Figure 3-7: Field Emission Electric Propulsion state-of-the-art. FEEP-5 thruster by Centrospazio
(image retrieved from Marcuccio et al [119]), IFM Nano Thruster by Enpulsion (image retrieved
from datasheet [120])

3-2-4 Pulsed plasma thrusters

Pulsed plasma thruster, as the name suggests, is an electromagnetic thruster with a pulsed
operating concept. It uses Lorentz Force for plasma acceleration and thrust production. In one
of the common types of pulsed plasma thruster, which is a solid-Teflon micro pulsed plasma
thruster, the solid propellant is fed using spring action while the capacitor is charged from a
primary power supply and applies 1-2 kV across the exposed Teflon surface. The discharge
is initiated by a spark plug, whose shape is formed by additional pulse-forming circuitry
[89]. Additionally, the thermal flux, particle bombardment and surface reactions ablates,
sublimates and partially ionises small amounts of solid material. The resulting partially
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ionised gas is heated to a plasma state, at which it readily conduct electricity. This partially
ionised gas enables an electrical contact between the two electrodes maintained at a high
potential which were previously separated by a vacuum. The discharge formed between the
two electrodes travels through the propellant and ionises it further.
Since the current, which occurs instantaneously, is very high (∼ 10− 20 kA), there is a self-
induced magnetic field and it is high enough to create a magnetic pressure comparable to the
gas kinetic pressure in the thin ionised layer. The slug of gas is then accelerated by both the
magnetic pressure and the gas kinetic pressure such that it reaches a velocity close to critical
Alfven velocity, at which the kinetic energy equals the ionisation energy [89]. The Alfven
wave is a fundamental physical phenomenon in all kinds of magnetised plasmas. Essentially,
the magnetised plasmas behave like a wave on a string in tension. The pressure imparted by
the magnetic field and the energy density of the plasma influence the plasma dynamics. The
plasma behaves like air, except that it is affected by magnetic fields. The Alfven velocity is
equivalent to the speed of sound in the plasma.
The specific impulses of the PPTs are in the range of 500-1000 seconds, which is subject to
increase with an increase in power. One of the primary advantages of the PPT technology is
that it is very compact. It uses a non-toxic propellant feed system which is placed alongside
the thruster in a single compact unit. Additionally, it is very flexible in terms of operation
over a wide range of power or thrust by a simple variation of the repetition rate. Precision
orbital control and attitude control could be achieved using the PPTs. The limiting factors
of the thrust levels in PPTs are the power and the rate of capacitor recharge.

Figure 3-8: Pulsed plasma thruster schematic (image retrieved from Kisaki et al [121])

In addition to the solid PPTs, liquid and gas propellant PPTs can also be used. The latter give
more flexibility compared to the solid PTFE based PPTs with regards to higher impulse bits
[14]. However, liquid and gas propellants require more power per pulse than solid propellants.
Also, liquid PPTs require precision valves to control the feed of liquid propellants, which are
incredibly hard to design and operate. Despite their advantages, the efficiencies of PPTs that
use solid propellants are ∼10%. Additionally, there is a possibility of thruster pulse failure
when Teflon is used [13].
The thrust provided by the PPTs is in the range of a few µN. There have been many PPTs
developed for CubeSat application. The Micro-Pulsed Plasma Thruster (µPPT) developed
by Austrian Institute of Technology (formerly Austrian Research Centres GmbH) operates on
PPT with an impulse bit of 10–20 µNs and an Isp of 1000 s [122]. Mars Space Ltd and Clyde
Space developed PTFE PPTs called PPTCUP and Nanosat PPT. PPTCUP has an impulse
bit of 45 µN-s and an Isp of 650 s while consuming 2 W power. NanoSat PPT has a 90µN-s
impulse bit, Isp of 640 s, and a power consumption of 5 W. Busek Company Inc developed
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the Micro Pulsed Plasma Attitude Control System - MPACS that provides 80µN-s impulse
bit with an Isp of 826 s and consumes 10 W power. BmP-220 is another thruster by Busek
that yields 0.02 mN-s impulse bit with an Isp of 536 s. The power consumption is 10 W. [32].
At Research Institute of Applied Mechanics and Electrodynamics (RIAME), several ablative
PPTs for microsatellites have been developed [123].

Table 3-4: Summary of Pulsed Plasma Thruster state-of-the-art

Engine Manufacturer Impulse Bit [µNs] Isp [s] Power [W] TRL
µPPT AIT 10–20 1000 0.5–4 6

PPTCUP Mars Space & Clyde Space 40 655 2 6
NanoSat PPT Mars Space & Clyde Space 90 640 5 5

MPACS Busek 80 826 8–40 9
BmP-220 Busek 20 536 20–100 9
APPT-8 RIAME 110–220 530 10–20 6
APPT-120 RIAME 900 730 60 8

(a) PPTCUP (b) BmP-220

Figure 3-9: Pulsed Plasma Thruster state-of-the-art. PPTCUP thruster by Mars Space Ltd
and Cylde Space (image retrieved from Ciaralli et al [124]), Bmp-220 Thruster by Busek (image
retrieved from datasheet [125])

3-2-5 Helicon thrusters

Helicon plasma thruster (HPT) in a relatively new concept that is currently being extensively
researched [126]. The helicon plasma thruster device consists of a helicon source to gener-
ate the plasma and heat it. The plasma is then accelerated using a magnetic nozzle. The
components of an HPT are cylindrical dielectric chamber, a propellant injection system, and
an external antenna wrapped around the chamber to generate radiofrequency waves at 1-26
MHz frequencies that propagate through the plasma [127–129]. Another set of permanent
magnets or magnetic coils create longitudinal magnetic field.

Inside the chamber, the magnetic field is predominantly axial whereas it is divergent near
the nozzle. This allows the rf waves to propagate inside the plasma layer like a helicon. The
helicon waves pertain to a branch of whistler waves, where in a cold unbounded plasma, no
other waves can propagate in that frequency range [130]. The typical hierarchy of frequency
in a helicon source is νe, ωlh � ω � ωce � ωpe which are effective electron collision frequency
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(νe), lower hybrid frequency, wave frequency, electron cyclotron frequency, and plasma fre-
quency respectively. The chamber walls are screened by the magnetic field which leads to a
drastic reduction of plasma losses at the walls [131]. The helicon wave energy is utilised in
two parts: one part is spent on the electrons to ionise the propellant and the other part is
converted in the magnetic nozzle into directed kinetic energy of ions [130, 132].
The divergent magnetic field creates a magnetic nozzle that accelerates the plasma upto
supersonic speeds. This transforms the internal energy of the plasma to an axially directed
one, thus producing thrust. This forms the basis of the helicon plasma thrusting mechanism.
At some point, plasma detachment occurs at the nozzle [133–135] that causes the formation
of a double layer structure [127, 136].
Helicon plasma sources vastly increase the ionisation efficiency and also the electron density
than a typical inductively coupled plasma (ICP) thruster. In ICP thrusters, the plasma source
is the energy supplied by electric currents that are produced by electromagnetic induction.
The magnetic intensity is easily adjusted and there is no severe cut-off plasma density for
wave propagation [137].

Figure 3-10: Helicon plasma thruster schematic (image retrieved from Navarro et al [138]

The advantage of the HPTs over other electromagnetic thrusters is that they lack electrodes.
Thus, the lifetime of HPTs are generally longer due to the avoidance of thruster erosion. Addi-
tionally, the HPTs can operate with a wide range of propellants. They have high throttlability
since the capability to actuate magnetic nozzles and propellant injection is very high. The
primary disadvantage of HPTs is that the thruster efficiencies are very low compared to
existing plasma thrusters. Also, maturity of HPTs is low.
A proof of concept of a helicon double layer thruster has been performed at the Australian
National University with some direct thrust measurements [139]. However, the most advanced
work in helicon thruster design has been pursued at University of Padua, Italy where a 50
W helicon thruster was first designed [129]. A spin-off company named T4i - Technology
for Propulsion and Innovation has commercialised a helicon thruster, called the REGULUS
[140]. The thruster yields 0.3–0.9 mN thrust and has an Isp of 900 s while consuming 60 W
of power. It has a TRL of 6.

3-3 Multimode propulsion

Multimode propulsion integrates two or more propulsive modes into a unified propulsion
system, e.g, the propulsion system includes chemical and electric modes of operation while
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Figure 3-11: Helicon plasma thruster state-of-the-art. REGULUS by T4i - Technology for
Propulsion and Innovation (image retrieved from datasheet [141])

using the same setup [33]. It provides flexibility in operating the spacecraft in high-thrust
and low-thrust modes without having to resort to multiple systems and increased complexity.
Rovey et al [33] clearly distinguish multimode, or dual-mode in case of only two types, from
hybrid propulsion. In dual-mode propulsion, resources such as the propellant and feed system
are shared between the chemical and electric modes. In hybrid propulsion, the chemical and
electric propulsion are separate systems in the same spacecraft with no resource sharing.
However, the terminology induces confusion since hybrid propulsion in rocketry generally
refers to the usage of chemical propellants in different states, e.g., liquid oxidiser and solid
fuel. In this work, the term hybrid is avoided and rather the term combined is used. This
differs from the terminology used by Rovey et al [33]. Multimode propulsion system types
are illustrated in Figure 3-12.

Figure 3-12: Multimode space propulsion system types that have shared resources such as
propellant and/or the thruster (image retrieved from [33])

It can be observed that in the propulsion systems with shared propellant, two different thruster
types exist. A high-thrust low-Isp monopropellant system that expels hydrazine or a green
propellant and a low-thrust high-Isp electric propulsion system, usually electrospray, that
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ionises and accelerates the propellant. In the shared propellant shared thruster system, a
singular thruster is used. The propellant is either expelled in high-thrust mode by using the
storage pressure or it is expelled in a low-thrust mode by activating the electrodes required
to ionise the propellant and accelerate it using electrostatic force. The maximum specific
impulse yield is 1500 seconds while the maximum thrust yield is in the range of 0.5–1.6 mN.
The power consumption in the electric mode is 22–63 W.

Depending upon the mission characteristics, the usage of dual-mode propulsion can be highly
advantageous as the mass savings are significant. The system is simple and avoids many failure
points that are otherwise found in terms of separated propulsion systems. The limiting factors
include the maximum thrust and Isp yield combined with the ∆V .

3-4 Systems design strategy and trade-off

The full system strategy is illustrated in Figure 3-13.

The mission characteristics are established in section 1-4. Once Earth escape is achieved using
the chemical propulsion system and the spacecraft reaches Earth’s sphere of influence, the
deep-space cruise phase starts. A high-Isp electric propulsion system is utilised in this phase.
The cruise lasts for ∼3.5–4.5 years and culminates in ballistic capture [18]. Transfer to Mars
after Earth escape could be achieved either by thrusting continuously, thereby minimizing
flight time (time-optimal), or by thrusting intermittently to minimize propellant consumption
(fuel-optimal). Depending on the mission priority, one of the two techniques can be used.

The general system definition involves the detailing of rest of the subsystems on the space-
craft. Electric propulsion system needs the critical resource of power, which it shares with the
rest of the subsystems. Thus, the power consumptions of these subsystems should be defined
such that the electric propulsion consumption requirements can be set. The state-of-the-art
of electric propulsion systems are explored in section 3-2. In this section, the main require-
ments of the electric propulsion system and the heliocentric transfer are listed in Table 3-5.
The requirements pertain to the maximum transfer time, maximum power consumption and
system mass.

Table 3-5: Electric propulsion requirements

ID Requirement
EP-01 The maximum transfer time shall be 4.5 years for cruise and ballistic capture.
EP-02 The electric propulsion system shall have a maximum power consumption of 70 W
EP-03 The total mass of the chemical–electric propulsion systems shall be no more than

16 kg.

The rationale for EP-01 is to constrain the maximum transfer time such that valuable science
products can be obtained before the end of the mission lifetime, ∼6 years. Additionally,
CubeSats have a lower endurance to deep-space conditions, thus limiting their lifetime. The
science mission is scheduled for ∼6 months and the circularization maneuvers to attain the
orbit about Mars takes ∼195 days (see Section 3-7-5). If the transfer is achieved earlier
than the maximum requirement, the science mission can be prolonged, thereby increasing the
scientific output.

Karthik Venkatesh Mani Doctor of Philosphy Thesis



3-4 Systems design strategy and trade-off 59

6th Space Propulsion Conference

Mission characteristics definition

General system 
definition

Payload

OBC

ADCS

Propulsion

Thermal

Comms

Power Structure

Propulsion design concept 
exploration

Stabilisation burn 
∆𝑉𝑉, 𝑚𝑚𝑝𝑝,𝑠𝑠𝑠𝑠𝑠𝑠𝑠𝑠

Chemical Propulsion
final mass 𝑚𝑚𝑓𝑓,𝑒𝑒𝑒𝑒𝑒𝑒

Power Generation & 
Consumption Model 𝑃𝑃𝑖𝑖𝑖𝑖 v r

Establish requirements 
– TOF, 𝑃𝑃𝑚𝑚𝑚𝑚𝑚𝑚, 𝑚𝑚𝑚𝑚𝑚𝑚𝑚𝑚

Propellant analysis

Cell degradation 
model

Operational parameter 
limit selection 𝑚̇𝑚,𝑉𝑉𝑏𝑏

Performance calc 
𝑇𝑇, 𝐼𝐼𝑠𝑠𝑠𝑠, 𝐼𝐼𝑏𝑏, 𝜂𝜂𝑚𝑚, 𝜂𝜂𝑒𝑒 , 𝜂𝜂𝑡𝑡𝑡𝑡𝑡𝑡 vs 𝑃𝑃𝑖𝑖𝑖𝑖

EP Thruster 
global model 

simulation

Initial mass 𝑚𝑚𝑜𝑜,𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒

Time-optimal / fuel-optimal 
trajectory simulation

Performance calculation  
Δ𝑉𝑉,𝑚𝑚𝑝𝑝,𝑇𝑇𝑇𝑇𝑇𝑇,𝑚𝑚𝑓𝑓,𝑙𝑙𝑙𝑙

SPICE ephemeris & Real Solar 
System Dynamics

Ballistic capture targeting 
parameters

Circularisation strategy 
definition

Low-thrust circularisation 
∆𝑉𝑉, 𝑚𝑚𝑝𝑝,𝑐𝑐𝑐𝑐𝑐𝑐𝑐𝑐

System sizing and overall 
design calculation

Total 𝑚𝑚𝑝𝑝,𝑒𝑒𝑒𝑒𝑒𝑒𝑒𝑒

Design trade-off & 
system selection

𝑚𝑚𝑒𝑒𝑒𝑒 <
𝑚𝑚𝑚𝑚𝑚𝑚𝑚𝑚?

Physical design 
parameters selection

𝑟𝑟, 𝐿𝐿 etc.

Consolidate design parameters

No

Yes

Figure 3-13: Electric propulsion system design strategy

Owing to the restricted power availability, EP-02 imposes a maximum limit on the power
consumption of the thruster. Both thrust and Isp vary with thruster input power Pin. The
power available to the electric propulsion system is calculated as a function of the distance
between the spacecraft and the Sun. Figure 3-14 illustrates the available and consumed power
for the MARIO mission. The total power available at 1 AU at BOL is 202 W and at 1.5 AU at
EOL is 85.75 W. Critical subsystems such as communications, on-board computer, attitude
control, and electrical power system operate continuously during the transfer. The combined
power consumption of these subsystems is ∼40 W. Cell degradation, neutralization losses
and the power processing and control unit (PPCU) consumption (3 W) are included in the
thruster input power calculations. The minimum power supplied to the thruster (at ∼1.5
AU) is 37.9 W.

The choice of the electric propulsion system is very crucial as the thrusts, power consumptions,
and the specific impulses vary significantly among system types. The requirements listed in
Table 3-5 indicate that to achieve the transfer, the thruster needs to have a high thrust, high
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Figure 3-14: Generated and consumed powers variation with the Sun-spacecraft distance for
MARIO mission

specific impulse, and high lifetime all while being severely power restricted. Thus, for the
system trade-off, these parameters need to be compared. Considering the state-of-the-art, a
brief comparison is shown in Table 3-6.

Gridded ion thrusters applicable for small spacecraft have an Isp in the range of 1200-3200
seconds and a propulsion lifetime in the order of 30,000 hours [94, 142]. The power con-
sumption is in the range of 14–80 W, which is highly desirable considering the maximum
power requirement EP-02 for the MARIO mission. Hall thrusters yield high thrusts com-
pared to ion thrusters, 1.8–18 mN. However, the Isp yield is lower and the corresponding
power consumptions are excessive (90–250 W), which makes it unsuitable in terms of the
current mission requirements. Hall thruster lifetime is in the order of 10000 hours. Con-
sidering a ∼4.5 year transfer with continuous thruster operation, Hall thrusters will not be
able to deliver the spacecraft to the desired target. Down scaling of Hall thrusters is also a
complex issue and dedicated development for CubeSats have not been pursued [13]. Field
emission electric propulsion (FEEP) thrusters have very high Isp but also have a considerably
high power consumption for the thrust produced, ∼80 W/mN [94, 112]. Additionally, FEEP
lifetime is restricted to <10000 hours [113]. Pulsed Plasma Thrusters (PPTs) have low Isp
and have a limit on propellant loading. The efficiency of PPTs is ∼10%, which is very low
[13]. Lifetime of PPTs are in the order of 1000 hours. While considering the heliocentric
transfer time and the corresponding thruster operation time (EP-01), both FEEP and PPT
are unsuitable for this mission application. Helicon thrusters, although simple in architec-
ture, have low Isp, thrust, efficiency and lifetime [94]. Dual mode thrusters are similar to
that of electrospray propulsion systems in terms of electric mode operation. Thus, lifetime
and specific impulse play a crucial role. Considering the lifetime, specific impulse and power
consumption, the gridded ion thruster is chosen for the analysis and is well suited for MARIO
mission application.
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Table 3-6: Comparison of electric propulsion options

Type Thrust [mN] Isp [s] Power [W] Life
[hours]

Gridded Ion 0.1-1.6 1200-3200 14–80 ∼30000
Hall 1.8-18 800-1600 90–250 ∼10000
FEEP 0.07-1.5 1500–6000 20–100 <10000
Pulsed Plasma 0.01-0.9 500-1000 0.5–100 ∼1000
Helicon 0.3–0.9 900–1000 50–70 ∼1000
Dual mode 0.6–1.6 250–1500 25–65 ∼1000

3-5 Propellant analysis

3-5-1 Xenon vs Iodine

Most common propellant for ion thruster applications is xenon. It is a noble gas with a
high molecular mass (131 amu) and a low ionization potential (12.13 eV). The density of
xenon gas is 5.76 kg/m3 at standard atmospheric conditions. However, Xenon occurs only in
trace amounts in the atmosphere and it is extracted as a byproduct in the oxygen separation
process, thus making it very expensive (∼$1140 per kg). A move towards an alternative
propellant that has a similar molecular mass and ionization potential is necessary to reduce
the costs while achieving similar performances to xenon.

Iodine (I2 or I), which is located adjacent to Xenon in the periodic table, is a good candidate
and has a molecular mass 126.9 kg/kmol (monoatomic). It is a solid in standard atmospheric
conditions with a density of 4940 kg/m3. This eliminates the need for high pressure tanks,
plumbing, and sophisticated thermal control systems, which are otherwise required in the
case of Xenon. Iodine stored in a solid state in compact lightweight tanks can be moderately
heated to sublimate and form I2 vapour. This makes it highly suitable for deep-space CubeSat
missions with high ∆V and subsequently large propellant mass requirements. Compactness
of iodine makes it highly suitable for such CubeSat missions since the propellant can be easily
accommodated within the structure. The ionization potentials (Eiz) for I2 and I are 9.3 eV
and 10.45 eV, respectively, which are lower than that of Xenon. This contributes to a higher
electrical efficiency. Additionally, the cost of pure Iodine is ∼$400 per kg. Although Xenon
ion thrusters have a great flight heritage, Iodine ion thrusters are well suited for the current
mission application. Multiple Iodine ion thrusters have been developed, such as Busek BIT-3,
which will be demonstrated in space on-board Lunar IceCube 6U CubeSat launched by NASA
SLS Artemis-1 in 2020 [142].

One disadvantage of Iodine is its corrosive nature. However, using corrosion-resistant mater-
ials like MACOR or Alumina in plasma-generation chambers makes ion thruster compatible
with Iodine. Thruster grids made out of Nickel–Chromium alloys like Hastelloy or Inconel
have high resistance towards Iodine corrosion [143, 144]. Solar panels and other external
surfaces do not suffer from Iodine corrosion due to the high vapour pressure of I2, therefore
its condensation is highly unlikely [145].
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3-6 Radiofrequency ion thruster principles and performance model

Characterization of the electric propulsion system for a stand-alone CubeSat to Mars requires
a performance model of the thruster and its corresponding application in a low-thrust traject-
ory optimisation framework. Gridded ion thrusters have a plasma generator, accelerator grids
and a neutralizer cathode. The principle of operation of GITs are expounded in section 3-2-1.
Plasma generation is achieved by three different mechanisms, a) Direct current (DC) elec-
tron discharge, b) Radio frequency (RF) discharge, c) Microwave discharge. Although each
mechanism has its own intricate advantages and disadvantages, the radiofrequency scheme
is chosen for the ion thruster modelling. This is due to the several advantages that RF ion
thrusters offer.

In comparison to the other plasma generation mechanisms, the RF thrusters yield the highest
specific impulse and therefore contribute to significant mass savings. Also, the mass required
for the Power Processing and Control Unit (PPCU) that supplies the power for the RF coils
to generate the plasma is low. The complexity of the RF system is low and the lifetime is high.
Electric propulsion systems have beam divergence which cause a reduction in thrust. RF ion
thrusters nominally have a narrow beam divergence, thereby avoiding significant thrust loss.
The operational domain is large and the stability of plasma as well the thrust is excellent
throughout. RF ion thrusters provide excellent thrust control in terms of resolution, response,
and reproducibility along with very low thrust noise [97, 146]. Additionally, it has the highest
growth potential in the near future.

A performance model of an iodine-fueled inductively coupled miniature radiofrequency grid-
ded ion thruster is implemented following Grondein et al [147] and Chabert et al [148] to
determine the thrust, specific impulse, beam current and efficiencies.

A heat source is utilised to sublimate the solid iodine and generate the I2 vapour, which is
then injected into the chamber. A cylindrical coil is wound around the plasma chamber and
is excited with a radiofrequency (RF) power source. Electromagnetic fields are used to heat
the plasma electrons which in turn ionize the neutral gas [88]. A magnetic field is induced in
the chamber by the RF coils and there is no permanently applied field. The generated ions
are accelerated by a set of DC biased grids.

The design and operational parameters for the performance model are listed in Table 3-7.
The thruster diameter considered here is similar to that of the BIT-3 thruster [142]. A total
mass flow rate of 48 µg/s is chosen and the mass flow to the neutralizer cathode is fixed at
10%. The DC grid voltage Vgrid is set at 2000 V.

Table 3-7: RF thruster performance model parameters

Parameter Value Parameter Value
Thruster radius, R 1.25 cm Grid transparency, β 0.6 (ion) & 0.3 (neutral)
Thruster length, L 2.2 cm Mass flow rate, ṁ0 48 µg/s
Chamber volume, V 10.792 cm3 Particle flow rate, Q0 1.14× 1017 s−1

RF coil radius, Rc 1.3 cm Molecular mass, M 253.8 (I2) & 126.9 (I)
No. of coils, N 5 Grid voltage, Vgrid 2000 V
Grid separation, s 1 mm Coil resistance, Rcoil 0.7 Ω
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3-6-1 Plasma generation and acceleration

3-6-1-1 Collision types and particle balance

The neutral gas I2 is injected with a flow rate of Q0. The ionization process produces positive
ions I+ and I+

2 , and negative ions I−. Thrust is produced by the acceleration of I+
2 and I+

through the grids and I− does not have any direct thrust contribution. Neutral gas thrust
is produced by the fluxes of I2 and I. A set of particle balance equations are written for all
species in the model: e−, I2, I, I−, I+, I+

2 to calculate their densities (n) as multiple processes
take place in the plasma.

The processes that take place inside the plasma chamber are: elastic collisions between elec-
trons and neutrals (el), excitation of neutrals by electrons (exc), ionization (iz), dissociative
ionization (dissiz), dissociation (diss), dissociative attachment (dissatt), charge exchange
(cex), ion recombination (ionrec), and surface recombination (sr). The collision rate factors,
K, for each of these processes as functions of the electron temperature Te are taken from
Grondein et al [147].

The particle balance equations represent the evolution of particle number densities in the
plasma chamber that occur due to the plasma processes. The chemical production rates due
to plasma processes appearing in the species balances are:

I I ionization - I + e− → I+ + 2e− : wiz,I = Kiz,I ne nI

I I2 ionization - I2 + e− → I2
+ + 2e− : wiz,I2 = Kiz,I2 ne nI2

I I2 dissociative ionization - I2 + e− → I+ + I + 2e− : wdissiz = Kdissiz ne nI2

I I2 dissociation - I2 + e− → 2I + e− : wdiss = Kdiss ne nI2

I e−–I2 dissociative attachment - I2 + e− → I− + I : wdissatt = Kdissatt ne nI2

I I−–I+
2 charge exchange - I2 + I+ → I2

+ + I : wcex = Kcex nI− nI+
2

I I−–I+ recombination : wionrec = Kionrec nI− nI+

I I surface recombination - I→ 1
2 I2 : wsr = 1

8nIvI
γsr

1−γsr

Asr
V

The surface recombination factor γsr is assumed be 0.02 [147]. The particle balance equations
are expressed in equations. 3-23–3-28.

ṅe = wiz,I + wiz,I2 + wdissiz − wdissatt −
(ΓI+ + ΓI+

2
)Aeff

hL V
(3-23)

ṅI2 = Q0
V
− wdissiz − wdissatt − wiz,I2 − wdiss + wcex + wsr +

ΓI+
2
Aeff1

hL V
− 1

4 nI2 vI2
Ag
V

(3-24)
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ṅI = wdissiz + wdissatt − wiz,I + 2wdiss + 2wionrec + wcex − 2wsr + ΓI+Aeff1
hL V

− 1
4 vI nI

Ag
V

(3-25)

ṅI− = wdissatt − wionrec − wcex (3-26)

ṅI+ = wiz,I + wdissiz − wionrec −
ΓI+Aeff
hL V

(3-27)

ṅI+
2

= wiz,I2 − wcex −
ΓI+

2
Aeff

hL V
(3-28)

Here, the effective area for positive ion and electron wall losses Aeff is expressed in equa-
tion (3-29).

Aeff = 2πR2hL + 2πRLhR (3-29)

The quantities hL and hR are edge-to-centre plasma denstiy ratios, which are expressed in
equation (3-30) [148].

hL = 0.86

√3 + L (nI2 + nI) σi
2

−1

hR = 0.8
[√

4 +R (nI2 + nI) σi
]−1

(3-30)

Where σi is the global collision cross section with a value of 10−18m2, The effective area for
positive ion wall neutralization Aeff1 and the area for I surface recombination are expressed
in equations (3-31)– (3-32).

Aeff1 = πR2 (2− βi)hL + 2πRLhR (3-31)

Asr = πR2 (2− βg) + 2πRL (3-32)

Electrons are produced by ionization of I2 and I, and are lost by dissociative attachment with
I2 and their flux to the chamber walls. Atomic I is produced by the dissociation, dissociative
ionization and dissociative attachment of I2 as well as ion-recombination between I+ and I−.
It is lost by the its ionization, wall recombination and ejection through the grids. Negative
ions I− are produced by dissociative attachment of I2 and lost by ion-recombination and
charge-exchange. Ionization of I and dissociative ionization of I2 produce I+ and they are lost
by ion-recombination and ion flux through grids. Similarly, I+

2 are produced by I2 ionization
and lost by charge exchange with I− [147].
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3-6-1-2 Gas heating

Neutral gas heating considers energy rates of elastic collisions of electrons–neutrals (Ωel) and
ions–neutrals (Ωin) as well as thermal diffusion (qth). The total gas energy Eg = 3

2(nI +
nI2)κBTg. The energy balance is given by equation (3-33).

Ėg =

Ωel,I︷ ︸︸ ︷
3me

MI
κB(Te − Tg)nenIKel,I +

Ωel,I2︷ ︸︸ ︷
3 me

MI2
κB(Te − Tg)nenI2Kel,I2

+ 1
4ne

(
nIMIu

2
Bohm,I+Kin,I + nI2MI2u

2
Bohm,I+

2
Kin,I2

)
︸ ︷︷ ︸

Ωin

−κ Tg − Tg0Λ0

Asurf
V︸ ︷︷ ︸

qth

(3-33)

Here, Asurf is the total surface area, κ is the thermal conductivity, κB is Boltzmann constant,
Λ0 is the heat diffusion length, and uBohm,I+

2
and uBohm,I+ are the ion Bohm velocities [147].

They are expressed in equations (3-34)– (3-35)

Λ0 =

√(2.405
R

)2
+
(
π

L

)2
−1

(3-34)

uBohm,I+
2

=
√
κBTe
MI2

; uBohm,I+ =
√
κBTe
MI

(3-35)

The ion-neutral collision rate factors Kin = σivi, where vi is the ion velocity expressed in
equation (3-36)

vi = 8κBTi
πM

(3-36)

3-6-1-3 Electron power balance

Power (PRF ) supplied to the RF generator is partly absorbed by the plasma and partly
dissipated at the coil. The absorbed power density pabs is expressed in equation (3-37) and
the coil power density pcoil is expressed in equation (3-38).

pabs = 1
2RindI

2
coil/V (3-37)

pcoil = 1
2RcoilI

2
coil/V (3-38)

Here Rind is the resistance of an equivalent circuit composed of plasma and the coil [148].
The resistances are obtained using a transformer model based on Chabert et al [148]. The
Rind is expressed using equation (3-39)
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Rind = 2πN2

Lωε0
Re

[
ikRJ1(kR)
εpJ0(kR)

]
(3-39)

Here, k is the wave number and εp is the plasma complex permittivity. Wave number
k = k0

√
εp and k0 = ω/c, where ω is the oscillation frequency in radians per second, cal-

culated using the signal frequency set at 13.6 MHz, and c is the speed of light. The complex
permittivity εp is expressed in equation. 3-40

εp = 1−
ω2
p

ω (ω − iνm) (3-40)

where ωp =
√
nee2/meε0 is the plasma frequency and νm = nIKel,I + nI2Kel,I2 . Quantities e

and me are electron charge and mass, respectively, while ε0 is the permittivity of free space.
The electron power balance is given by equation. 3-41. The positive contribution comes
from pabs. The electron power is lost due to plasma processes (ionization, dissociation etc.),
electron–neutral elastic collisions (Ωel,I and Ωel,I2), and ion losses at walls (pwall) and grids
(pgrid)[147].

Ėe = pabs − piz,I − piz,I2 − pdissiz − pdissatt − pdiss − pexc,I − Ωel,I − Ωel,I2 − pwall − pgrid
(3-41)

with, pwall = 7κBTe
(
uBohm,I+ nI+ + uBohm,I+

2
nI+

2

) Aeff − πR2hL
V

pgrid = 6κBTe
(
uBohm,I+ nI+ + uBohm,I+

2
nI+

2

) A(1− βi)
V

The power piz,I = Eiz,I wiz,I , where Eiz,I is the ionization potential of I. Similarly, the rest of
the terms are piz,I2 = Eiz,I2 wiz,I2 , pdissiz = Edissiz wdissiz, pdissatt = Edissattwdissatt, pdiss =
Edisswdiss and pexc,I = Eexc,I wexc,I . The terms Eiz,I2 , Edissiz, Edissatt, Ediss, and Eexc,I are
the potentials of the corresponding plasma processes expressed in Joule. [149]. Equations
3-23–3-41 are integrated to obtain plasma properties from which the performance values are
calculated. The particle densities and the electron temperature are illustrated in Figure 3-15

3-6-2 Performance

The thrust, Isp, and beam current Ibeam are calculated using ion and neutral fluxes (Γi and Γg),
ion beam velocities (vbeam,i =

√
2 e Vgrid/M), effective grid area of ions (Aβi) and neutrals

(Aβg), and the mass flow rate (ṁ0). The total thrust is the sum of the thrust imparted by
the accelerated ions and the thrust imparted by the neutrals that escape the grid. The total
thrust is expressed in equation (3-42). Correspondingly, the specific impulse Isp and the ion
beam current Ibeam are expressed in equation (3-43)
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Figure 3-15: Particle densities and electron temperature

T = ΓiM vbeam,iAβi + ΓgM vg Aβg (3-42)

Isp = T

ṁ0 g0
Ibeam = eΓiAβi (3-43)

The ion and neutral fluxes, Γi and Γg are expressed in equations (3-44) and (3-45), respect-
ively.

Γi = hL uBohm,i ni (3-44)

Γg = 1
4 vg ng (3-45)

They are calculated using positive ion and neutral densities (n), ion Bohm velocities (uBohm,i),
edge-to-centre plasma density ratio (hL), and neutral gas velocities (vg =

√
8κB Tg/πM)

[148]. The fluxes are calculated for ions I+
2 and I+, and neutrals gases I2 and I. The molecular

mass M is 253.8 amu for I2 and 126.9 amu for I.

The input RF power, PRF , supplied to the coils is adjusted according to the available thruster
input power, Pin (see Figure 3-14). Fluxes Γi and Γg, and subsequently the powers Pbeam,i
and Pg, depend upon PRF . A simplified neutralizer cathode model based on Richardson’s
Law of thermionic emission is implemented to calculate the power, Pcath, required for ion
beam neutralization [88]. The emitter is assumed to be composed of a tungsten filament
coated with barium oxide. The emitter temperature is set at Tem = 1300 K and the efficiency
is assumed to be ηem = 0.3 [150]. According to Richardson’s law, the emitter current density
for a barium oxide - tungsten (BaO–W) emitter filament is given by equation (3-46). The
corresponding cathode power is given by equation (3-47).
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Jem = 1.2× 106 T 2
em exp

[
−1.67 + 2.82× 10−4 Tem

κB,eV Tem

]
. (3-46)

Pcath = Ibeam
Jem

σsbT 4
em

ηem
(3-47)

Where, σsb = 5.67 × 10−8W/m2 K4 is the Stefan-Boltzmann constant. It has to be noted
that the Boltzmann constant here is κB,ev = 8.61× 10−5 eV/K . The ion beam power Pbeam,i,
the neutral gas thrust power Pg, and the total power Pth is expressed in equations (3-48)
and (3-49), respectively.

Pbeam,i = Ibeam,i Vgrid = eΓiAβi Vgrid ; Pg = 1
2 M v2

g Γg Aβg (3-48)

Ptot = Pbeam,i + Pg + Pcath + PRF (3-49)

The variations of thrust, Isp and η with power are illustrated in Figure 3-16. As the input
power increases, the power absorbed by the plasma increases. This results in an increase
in ion flux and consequently the thrust. The required neutralization power is 0.63–0.5% of
the total power. The mass utilisation efficiency increases and the thruster power efficiency
decreases with the increase in power. The thruster performance values are listed in Table 3-8.

Thruster power efficiency (ηp) is calculated using ion beam power Pbeam,i, neutral thrust
power Pg and neutralizer cathode power Pcath. The mass utilisation efficiency (ηm) is the
ratio of ejected ion flow rate (ΓiAβi) and injected gas flow rate (Q0). Total efficiency is the
product of ηp and ηm.

ηp = Pbeam,i + Pg
Pbeam,i + Pg + Pcath + PRF

ηm = ΓiAβi
Q0

ηtot = ηp ηm (3-50)

Table 3-8: RF thruster performance at maximum power (67 W)

Parameter Value Parameter Value
Max Thrust, Tmax 1.492 mN Mass utilisation efficiency, ηm 90.33%
Max Isp 3168 s Power efficiency, ηp 49.2%
Max Beam Current, Ibeam 16.5 mA Total efficiency, ηtot 44.44%
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Figure 3-16: Thrust, Isp and efficiencies vs total power
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3-7 Low-thrust trajectory optimisation

Earth–Mars transfer trajectory optimisation is performed to target a defined ballistic capture
point at a set epoch [18, 151]. As the Sun-spacecraft distance increases, the available power
decreases and the thruster performance is affected (see section 3-6-2). The spacecraft departs
from a distance of 0.01 AU from Earth (Hill sphere radius), outward on the Sun–Earth line.
An optimal control problem is solved to minimize a cost function, namely flight time (time-
optimal) or propellant consumption (fuel-optimal). Once the spacecraft reaches the capture
point, it acquires a highly irregular Mars orbit just by virtue of the natural attractions of Sun
and Mars [18]. Optimisation involves real solar system dynamics and solar radiation pressure
(SRP) [151, 152].

3-7-1 Statement of the problem

This section states the Earth–Mars transfer culminating in a ballistic capture as an optimal
control problem. The spacecraft uses the low-thrust electric propulsion system to manoeuvre.
The gravitational attraction of the Sun is the main force and other dynamics such as third
body perturbations and Solar Radiation Pressure (SRP) are considered as well. The force
of the engine will have the second largest magnitude behind that of the Sun, except in cases
where the spacecraft is near Earth or Mars.

3-7-1-1 Reference frames

The trajectory optimisation shall use different reference frames according to the scenario.
For the heliocentric transfer, the ephemerides will be retrieved from the Heliocentric Earth
Orbital frame at epoch td (HEO@td), where td is the departure epoch. This frame is an
inertial reference frame, centred at the Sun with its axes defined as:

I +x axis: aligned to the Sun–Earth line at td and points in the direction of the Earth.

I +z axis: aligned with the angular momentum of the Earth w.r.t the Sun at td and points
along this vector.

I +y axis: completes the right handed frame.

The ballistic capture at planets is analysed with reference frames that are directly related to
the orbital plane of the target planet. Thus, to study the movement of a spacecraft around
Mars, another reference frame called the Radial Tangential Normal frame is defined at epoch
t0 (RTN@t0), where t0 is the arrival time at the ballistic capture point. This frame is also
inertial and is centred at Mars. The axes are defined as:

I +x axis: aligned with Sun–Mars line at t0 and points in the direction opposite to the
Sun.

I +z axis: aligned to the angular momentum of the Sun w.r.t Mars and points along this
vector.
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I +y axis: completes the right handed frame.

The third reference frame called the Spacecraft Radial Tangential Normal (SRTN) is used
to define the velocity of the spacecraft (but not the position). It is similar to RTN@t0 but
rotates about the centre of the spacecraft.

I +x axis: aligned with Sun–spacecraft line and points in the direction opposite to the
Sun.

I +z axis: aligned to the angular momentum of the spacecraft w.r.t the Sun and points
along this vector.

I +y axis: completes the right handed frame.

The reference frames are illustrated in Figure 3-17. It also shows the definition of the spher-
ical coordinates that will be used for describing the position of the spacecraft in HEO@td.
Spherical coordinates and SRTN are used to ensure the slow variation of the state variables,
since it allows for a more efficient solution [153].

3-7-1-2 Spacecraft dynamics

Ballistic capture is a phenomenon that occurs due to the natural gravitational forces of
multiple bodied acting on the spacecraft. To design the ballistic capture at Mars, at least the
point mass gravitational influence of Mars and the Sun must be modelled. Luo et al [154]
utilised restricted n-body problem to generate the ballistic captures. Thus, one can use the
equations of motion of a massless particle under the influence of n−1 bodies in a non-rotating
reference frame centered at one of the bodies. To increase the accuracy of dynamics, the SRP
is added to the model. The equation of motion is expressed in equation (3-51).

d2~r

dt2 = −µ ~r
r3 −

∑
i∈P

µi

(
~ri
r3
i

− ~ri − ~r
‖~ri − ~r‖3

)
+ Q

z

~r − ~rs
‖~r − ~rs‖3

≡ ~f2B + ~fTB + ~fSRP (3-51)

Here, ~r is the position vector of the spacecraft w.r.t the body at the origin of the reference
frame, r is the magnitude of ~r, µ is the gravitational parameter of the central body, P is the set
of n− 2 bodies each referencing to a perturbing body (a body other than the central one), ~ri
is the position vector of body i w.r.t the origin of the reference frame, and ri is the magnitude
of ~ri, µi is the gravitational parameter of the body i. The parameter ~f2B is the 2-body
dynamics which is the main force on the right hand side and ~fTB refers to the summation of
the perturbation terms. The contribution of SRP is expressed in equation (3-52).

~fSRP = Q

z

~r − ~rs
‖~r − ~rs‖3

Q = LsCR
4πc z = m0

A
(3-52)

Here, Ls is the luminosity of the sun with a value of 3.8458 × 1026 W, CR is the reflectivity
constant, c is the speed of light, A is the exposed area of the spacecraft to the Sun, and m0
is the spacecraft mass.
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(a) HEO@td (b) RTN@t0

(c) HEO & SRTN (d) Spherical coordinates for
thrust in SRTN

Figure 3-17: Orientation of the HEO@td frame with OH as its origin is shown in Figure (a).
The RTN@t0 frame with the origin at OR is shown in Figure (b). The orientation of HEO@td
(origin OH) and the SRTN frames (origin at OS) are shown along with the spherical coordinates
of the spacecraft in HEO@td frame (r, θ, φ) are shown in Figure (c). The spherical coordinates
of the thrust in the SRTN frame is shown in Figure (d)

The only unknown parameter in equation (3-51) is the position of the spacecraft ~r. The
ephemerides of the rest of the bodies (n− 2) on the RHS of the equation (3-51), i.e. ~ri, will
be retrieved from the SPICE toolkit file SPK de430.bsp [155].

3-7-2 Optimal control problem

The equations of motion of the spacecraft are written in the HEO@td with the Sun as the
source of the main force acting on the spacecraft, along with secondary forces such as the
SRP and the gravitational attraction of the barycentre of all the planets. The equations of
motion are then represented using (3-53).
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d
dt

 r
θ
φ

 ≡
 ṙ

θ̇

φ̇

 =


vr
vθ

r cosφ
vφ
r

 (3-53)

d
dt

 vr
vθ
vφ

 ≡
 v̇r
v̇θ
v̇φ

 = P
(
~f2B + ~fTB + ~fSRP

)
+ S

 vr
vθ
vφ

 (3-54)

P ≡

 cosφ cos θ cosφ sin θ sinφ
− sin θ cos θ 0

− sinφ cos θ − sinφ sin θ cosφ

 S ≡

 0 θ̇ cosφ φ

−θ̇ cosφ 0 θ̇ sinφ
−φ̇ −θ̇ sinφ 0

 (3-55)

Here, ~f2B and ~fSRP are written in a non-rotating reference frame, thus their expression is the
same as in equations (3-51) and (3-52). The matrices P and S are transformation matrices.
Since the spacecraft uses the thrust of the electric propulsion system, this contribution should
also be included in the dynamics. The force per unit mass ~fT is expressed in equation (3-56).

~fT = T

m

 sinα cosβ
cosα cosβ

sin β

 (3-56)

where α and β are the azimuth and elevation angles of thrust, respectively, in the spherical
coordinates of the SRTN frame. Since it is already defined in the rotating frame, ~fT can be
added directly to the RHS of equation (3-54). The mass of the spacecraft depends upon the
thrust (T ) and specific impulse (Isp), which are calculated in section 3-6-2. It is expressed in
equation (3-57):

dm
dt = − T

Isp g0
(3-57)

The overall state vector ~x ≡ {r, θ, φ, vr, vθ,m} and the control ~u ≡ {T, α, β} . The full set of
equations of motion will then be:

d~x
dt =



vr

vθ
r cosφ

vφ
r

P
(
~f2B + ~fTB + ~fSRP

)
+ S

 vr
vθ
vφ

+ ~fT

− T

Isp g0



≡ ~F [~x(t), ~u(t), t] (3-58)
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3-7-2-1 Boundary conditions

The boundary conditions are also written in the reference frames expounded in section 3-
7-1-1. The spacecraft departs from Earth’s sphere of influence RSOI,E with a zero relative
velocity w.r.t the Earth at td and arrives at the ballistic capture target point at tf . The initial
point is aligned with the Sun–Earth line and in opposition to the Sun. The time at which
the spacecraft arrives at the first periapsis about Mars is designated as t0 (see Figure 3-18).
The time tf is free to be optimised.

td

tf

t0

E

C

Figure 3-18: Hypothetical low-thrust trajectory and ballistic capture

The departure and arrival boundary conditions are expressed in equations (3-59), (3-60) and
(3-61).

Ψd [~xd(td), td] ≡



td − [t0 −∆tTOF ]
r(td)− [rE(td) +RSOI,E ]

θ(td)
φ(td)

vr(td)− vrE(td)
vθ(td)− vθE(td)

vφ(td)
m(td)−mwet


= ~0 (3-59)

Ψf [~x(tf )] ≡



r(tf )− [rC(tf )]
θ(tf )− [θC(tf )− 2π∆n]

φ(tf )− φC(tf )
vr(tf )− vrC(tf )
vθ(tf )− vθC(tf )
vφ(tf )− vφC(tf )


= ~0 (3-60)

Ψt(tf ) ≡ tf − t∞ ≤ 0 (3-61)

Here, t0 is picked based on the capture sets generated by Aguiar [151]. The parameter ∆tTOF
is the total time of flight (TOF), which is [1200,2200] days chosen with a step of 50 days.
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It is defined as ∆tTOF = t0 − td and not tf − td. Earth and the capture point are defined
with subscripts E and C, respectively. The spacecraft hast to target the point C which shall
lead to the capture at Mars at t0. The position ~xE(td) is retrieved from the SPICE Satellite
and Panel Kernel de430.bsp file available in the toolkit [155]. The parameter ∆n controls the
number of extra revolutions that the spacecraft performs in the heliocentric orbit w.r.t the
ballistic capture point. This can be picked among [0,1,2,3]. The time tf is restricted to be
less than the time t∞ at which the spacecraft first enters the Mars sphere of influence. The
wet mass of the spacecraft at the beginning of the transfer is expressed as mwet. The final
mass of the spacecraft is free to evolve, however, it must not be less than that of the initial
mass.

3-7-2-2 Constraints and objective function

The path constraints of the bounds need to be specified for the optimisation problem. They
are expressed in equation (3-62).

G [~x(t), ~u(t)] ≡



T (t)− Tmax
T (t)− Tav(r)
α(t)− αmax
αmin − α(t)
β(t)− βmax
βmin − β(t)
m(t)−mwet


≤ ~0 (3-62)

The inequality constraints pertaining to the thrust are written separately because there is a
discontinuity in the maximum power supplied to the thrust, upon which the thrust depends
on (see Figure 3-14): once the thruster input power starts decreasing with the Sun-spacecraft
distance and drops below the maximum power line, the available thrust (Tav) also starts
decreasing and the second constraint kicks in. The variation of T with r can be directly
obtained by comparing the plots in Figures 3-14 and 3-16 and performing a polynomial
curve fit.
The optimisation of the trajectory is done to minimise either the time of flight or the fuel
consumption, as mentioned earlier in this section. The departure epoch td and the mass of
the spacecraft at the departure point md are fixed. The objective functions are expressed in
equation (3-63).

J =
{

tf time optimal
−mf fuel optimal (3-63)

In time-optimal solution, the thrust T = Tmax(r) always. In fuel optimal solution, thrust
switches between T = 0 and T = Tmax(r). It has to be noted that for transfers culminating
in ballistic capture, the minimisation index J = tf minimises the actual powered time of flight
rather than the total time of flight. The total time of flight ∆tTOF is fixed. The powered time
of flight ∆tTOF,pow = tf − td. To find the global minimum ∆tTOF solutions, a parametric
analysis needs to be done.
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3-7-3 Numerical scheme and solver

Topputo et al [153] have presented a method in which they utilise a direct collocation method
to transcribe the optimal control problem to a Non-Linear Programming (NLP) problem.
Since the amount of spirals for an Earth–Mars transfer is low, the use of a direct method to
transcribe the optimal control problem into an NLP requires less parameters for the repres-
entation of states and controls variation with time. Additionally, direct methods have a better
convergence properties. Further details regarding the methods are expounded in Topputo et
al [153] and Aguiar [151].
An in-house MATLAB code called DIRect colocation Tool for Trajectory Optimization (DIRETTO)
is utilised for transcription of the problem and supply the NLP solver with the desired inputs
[153]. The time interval [td, tf ] is discretized into N nodes (interval) and the control ~u is
approximated by a linear function at each subinterval (k). States ~x are approximated by
defect constraints ζ. The transcribed NLP problem is expressed in equations (3-64)– (3-69)

td = t1 < t2 < t3.... < tN−1 < tN < tf (3-64)

u(tk) ≡ uk (3-65)

x(tk) ≡ xk (3-66)

tk ≤ t ≤ tk+1 (3-67)

u(t) ≡ uk + t− tk
tk+1 − tk

(uk+1 − uk) (3-68)

ζk (xk, xk+1, uk, uk+1, tk, tk+1, ) = 0 (3-69)

Hermite-Simpson method is then used to construct the defect constraints [153].

ζk ≡ xk+1 − xk −
hk
6 (Fk + Fc + Fk+1) (3-70)

Fk ≡ F (xk, uk, tk) (3-71)

Fc ≡ F (xc, uc, tc) (3-72)

Fk+1 ≡ F (xk+1, uk+1, tk+1) (3-73)

xc = 1
2 (xk + xk+1) + h

8 (Fk − Fk+1) (3-74)

tc ≡ tk + h

2 (3-75)

h ≡ tk+1 − tk (3-76)

uc ≡ u(tc) = 1
2 (uk + uk+1) (3-77)
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The NLP problem is solved using an interior point method. The number of nodes used in the
NLP problem will be N = 400. This interior point algorithm is particularly suited for solving
this problem since it is large and sparse. Tolerances are set for steps, constraints and first
order optimality. Step tolerance is 10−6, constraints tolerance is 10−12, and the first order
optimality and function value tolerances are 10−6.
Since the difference is the order of the optimisation variables is large, some scaling parameters
are used. Distances are scaled with length unit LU = 1 AU. The time is scaled using the time
unit TU =

√
LU3/µsun, and the mass is scaled using the mass unit MU = m0.

3-7-4 Heliocentric trajectory

The mass of the spacecraft after high-thrust Earth escape is 27.447 kg (see Table 2-10). For
the time-optimal transfer, the ∆tTOF value is set at 1250 days and for the fuel-optimal transfer
the ∆tTOF is set at 1350 days. It has to be mentioned again that the optimized value of the
time is the powered time of flight ∆tTOF,pow = tf − td. The thruster performance obtained
in section 3-6-2 is utilised in the dynamics and subsequently in the optimisation.
The transfer trajectories and the variations of heliocentric eccentricity and semi-major axis
for time-optimal and fuel-optimal transfers are illustrated in Figure 3-19. In the time-optimal
solution, the transfer is achieved within 1250 days (∼ 3.28 years) and the powered time of
flight ∆tTOF,pow is 1186.83 days (∼3.234 years) with a propellant consumption of 4.892 kg.
The fuel-optimal solution is achieved within the total transfer time of 1350 days (3.83 years)
and the ∆tTOF,pow is 1334.48 days. The total thrusting time (where the thruster is operating
at Tmax(r)) is 1090.9 days and the corresponding propellant consumption of 4.492 kg.
The variations of T and Isp for time-optimal and fuel-optimal transfers are illustrated in
Figure 3-20. The quantities α and β pertain to the azimuthal and elevation thrusting angles,
defined in the SRTN frame (see Figure 3-17). In the fuel-optimal transfer, the thruster is
intermittently switched on and off to save propellant mass. It has to be noted that this
bang-bang profile is not imposed apriori but rather found ex-posteriori, thus confirming the
appropriateness of the solver. The overall parameters for the time-optimal and fuel-optimal
solutions are shown in Table 3-9.

Table 3-9: Comparison of time-optimal and fuel-optimal heliocentric transfers

Time-optimal Fuel-optimal
∆V 5.837 km/s 5.330 km/s
Propellant mass, mp 4.892 kg 4.492 kg
Total time, ∆tTOF 1250 days 1350 days
Powered flight, ∆tTOF,pow 1186.83 days 1334.48 days
Thruster operation time 1186.83 days 1090.9 days

The state variables of the time-optimal and fuel-optimal solutions are illustrated in Figure 3-
21.
For the given total transfer time requirements, the mass savings of the fuel-optimal technique
is 0.4 kg for an additional 100 day flight time. The penalty in flight time is considered quite
high for the achieved mass saving. Thus, time-optimal transfer is selected.
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Figure 3-19: Spacecraft heliocentric trajectory, eccentricity e and semi-major axis a variation in
time-optimal and fuel-optimal solutions.

3-7-5 Ballistic capture and circularization

The spacecraft enters a highly irregular orbit about Mars after ballistic capture, which is
temporary and some energy needs to be dissipated to stabilise it. The ballistic capture
sets are generated using an in-house MATLAB tool, GRAvity TIdal Slide - GRATIS [152].
The mass of the spacecraft after time-optimal heliocentric transfer is 22.555 kg. The orbit
parameters at the point of capture are listed in Table 3-10 and are obtained from Aguiar
[151].
This orbit is highly inefficient for the scientific observation mission. Energy dissipation,
stabilization, and circularization to a 60000 km orbit are pursued to perform the science
mission. The start epoch is set and the chemical propulsion module, with 3 N thrust, provides
a retrodirectional ∆V of 45 m/s for stabilization and initial eccentricity reduction. This is
done to reduce the overall circularization time since low-thrust propulsion alone would take
several years. The orbit parameters after the chemical burn are {a, e, i, Ω, ω, θ} = {86876
km, 0.9499, 22.5°, 360°, 325.8°, 17.88°}. The chemical propellant mass consumption for this
stabilization manoeuvre is 0.418 kg (Table 2-10). This serves as the initial point for low-thrust
circularization.
To circularize to a 60000 km orbit, multiple techniques can be used. The simplest technique
to decelerate the spacecraft when closer to Mars (i.e., r < a) to reduce the apoapsis and
accelerated when farther away from Mars (r > a) to increase the periapsis. This is done until
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Figure 3-20: Thrust and Isp variations over time for time-optimal and fuel-optimal solutions of
heliocentric transfer

Table 3-10: Parameters at Mars after ballistic capture

Parameter Value
Periaerion rp0 4346 km

a0 434600 km
e0 0.99
i0 22.5°
Ω0 0°
ω0 326°
θ0 0°

Epoch t0 08 May 2024 12:36:08.640 UTC
m0 22.555 kg (time-opt) & 22.955 kg (fuel-opt)

the orbit is circularized at a certain semi-major axis. Then the semi-major axis is reduced
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Figure 3-21: Variation of state variables with time for time-optimal and fuel-optimal solutions

to the desired value through a constant deceleration and finally, the eccentricity is corrected
[156]. The results of this technique were presented in Mani et al [28].

However, a more efficient control law was required such that the circularization time and
subsequently the propellant mass required are reduced. A law that uses a proximity quotient
Q, which measures the similarly of the current osculating orbit and the target orbit is utilised.
The implementation of the Q-law follows the description given by Petropoulos [157]. The
proximity quotient is expressed in equation (3-78).
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Q = (1 +Wp P )
∑
oe

Woe Soe

∣∣∣∣d(oe, oet)
˜̇oe

∣∣∣∣2 for oe = a, e, i (3-78)

For the circularization, only three parameters are of interest, the semi-major axis a, the
eccentricity e and the inclination i. Naturally, equation (3-78) could be extended to right
ascension of the ascending node and the argument of periapsis. The values Wp and Woe are
weights whose values are Wp = 1, Wa = 10, We = 3, and Wi = 1.
P is the penalty function that prevents the spacecraft from reaching infeasible periapsis radius
values, for example, Mars atmospheric entry. It is expressed in equation (3-79)

P = exp
[
K

(
1− rp

rp,min

)]
(3-79)

Here, K is a scalar and rp,min is the minimum value of the periapsis radius. In equation (3-78),
Soe is the scaling function that prevents discrepancies among the weights of orbital elements.
It especially prevents the semi-major axis from reaching values that are far greater than the
rest of the elements.

Soe =


[
1 +

(
a−a

T
p a

T

)q]1/s
for a

1 for e, i
(3-80)

Here, p = 3,q = 4, and s = 2 are constants. The distance function d(oe, oeT = oe − oeT for
oe = a, e, i. The maximum rate of change of orbital elements oe over the thrust direction and
true anomaly are measured by ˜̇oexx

˜̇oexx = max(ȯe)
α,β,θ

(3-81)

where θ is the true anomaly, and α and β are the azimuth and elevation angles of thrust,
respectively.
Gauss’s form of variational equations of motion are used to express ˜̇oexx. The corresponding
variations of a, e and i are expressed in equations (3-82), (3-83), and (3-84), respectively[157].

ȧxx = 2T
√
a3(1 + e)
µ(1− e) (3-82)

ėxx = 2 p T
h

(3-83)

i̇xx = p T

h
√

1− e2 sin2 ω − e| cosω|
(3-84)

The thrust magnitude is represented by T , p is the semilatus rectum, and h is the specific
angular momentum of the spacecraft. The quotient Q is constructed in such a way that it
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takes positive values always except at the target orbit, where it is zero. It is a measure of how
long a given thrust profile will take to reach the target orbit. An optimal thrust profile will be
the one that minimizes Q at each step. The rate of change of Q is given by equation (3-85).

dQ
dt =

∑
oe

∂Q

∂or
ȯe (3-85)

Finally, the variation of the orbital elements is given by Gaussian orbital equations.

da
dt = 2a2

h

(
e sin θ Tr + p

r
Tθ

)
(3-86)

de
dt = 1

h
{p sin θ Tr + [(p+ r) cos θ + re] Tθ} (3-87)

di
dt = r cos θ + ω

h
Th (3-88)

The parameters Tr, Tθ, and Th are the thrust forces along the radial, tangential, and angular
momentum directions. They are represented as follows:

Tr = T cosβ sinα (3-89)

Tθ = T cosβ cosα (3-90)

Th = T sinα (3-91)

Once all the elements are defined, ne could obtain the thrust angles α and β at each step that
minimizes the Q̇ in equation (3-85). This minimisation problem needs to be solved at every
integration step. This requires substantial amount of computational resources. Thus, to avoid
excessive memory storage and computational time, an analytical expression for Q̇ is obtained
as a function of α and β using MATLAB’s symbolic toolbox. The minimisation problem is
solved using MATLAB’s fminsearch which uses Nelder-Mead simplex direct search method
to find the minimum of unconstrained multi-variable functions.

From the initial orbit, defined in Table 3-10, the chemical propulsion burn is performed to
provide a ∆V = 45 m/s to stabilize the orbit and the target of the circularization is a near
circular orbit with r = 63, 390 km and e = 0.05. Figure 3-22 illustrates the circularization to
the desired orbit. The Q-law circularization is compared after time-optimal and fuel-optimal
transfers, which have different initial masses.

An overall comparison of of parameters of heliocentric transfer, ballistic capture, and circu-
larization is shown in Table 3-11.

Comparing the two solutions, time-optimal heliocentric transfer and subsequent circulariza-
tion is selected for electric propulsion system design.
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Figure 3-22: Circularization orbits after time-optimal and fuel-optimal heliocentric transfers

Table 3-11: Circularization parameters after time-optimal and fuel-optimal heliocentric transfers

Circularization after
time-opt transfer

Circularization after
fuel-opt transfer

Initial spacecraft mass, m0 22.555 kg 22.955 kg
Chemical prop. burntime (∆V = 45 m/s) 335 s 341 s

Electric prop. circularization time 159.66 days 163.02 days
Electric prop. mp 0.178 kg 0.182 kg

Overall transfer time 1359.66 days 1513.02 days
Overall electric prop. mp 5.07 kg 4.674 kg

3-8 Systems design and sizing

The time-optimal heliocentric transfer and circularization require an overall propellant mass
of 5.07 kg. A ∼11% margin is applied on this mass for contingency and an extra 5% is applied
for station-keeping costs at Mars, which brings it to 5.87 kg. Iodine solid state density is 4940
kg/m3 and corresponding propellant volume is ∼1190 cm3.

Doctor of Philosphy Thesis Karthik Venkatesh Mani



84 Electric propulsion

The electric propulsion feed system consists of a propellant reservoir where Iodine is stored
and sublimated to gas phase (I2) using a low-power heat source. The resulting vapour is
delivered to the thrust chamber using a latch valve and a proportional flow control valve
(mass flow control unit) [158]. The vapour pressure of Iodine is 0.3 Torr at 25°C. The flow
line must be heated to keep the Iodine in the vapour state, although it requires <1W power
to maintain a 10 mg/s flow of I2 [159]. Owing to the low storage pressure, the reservoir tank
is thin walled and made of a thermoplastic material [142].

The propellant tank is sized to contain solid Iodine and the low-power heat source. The latter
occupies 5% of the volume. Additionally, a 5% ullage volume is allocated for the sublimated
gas. A tank volume of 1308 cm3 is utilised and the dimensions are 20 cm × 10 cm × 6.54 cm,
which is ∼1.3U. The tank mass amounts to 0.02 kg. Inclusion of the feed lines, valves, and
PPCU volumes brings the total volume to 3U. The electric propulsion system schematic is
illustrated in Figure 3-23. The overall design parameters of the electrical propulsion system
are summarized in Table 3-12.

Figure 3-23: Schematic of the electric propulsion system

Table 3-12: Electric propulsion design parameters

Parameter Value Parameter Value
Propellant mass, mp,mg 5.87 kg Feed sys. mass, mfeed 0.5 kg
PPCU Mass, mPPCU 0.2 kg Thruster mass, mT 0.2 kg
Tank volume 1308 cm3 Tank dimension 20× 10×6.54 cm3

EP total mass, mep,sys 6.57 kg EP total volume, Vep,sys 3U
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Chapter 4

MARIO Systems Design

The design of the propulsion system of MARIO has been presented in chapters 2 and 3. This
chapter highlights the overall systems design of MARIO with some details on the rest of the
subsystems. The content presented in this chapter is partially based on the work published in
Mani et al Systems Design of MARIO: Stand-alone 16U CubeSat from Earth to Mars [160].
The system design pursued here is in its preliminary phase and higher maturity is envisioned
during further development. The detailed systems design is out of scope of this work since the
objective is not the development of a full mission but the design of combined chemical–electric
propulsion. However, the preliminary systems design that has been presented here provides
an overview of the mission and the context of the research work pursued. The mission at a
glance is illustrated in Figure 4-1.

Figure 4-1: MARIO mission at Mars

Doctor of Philosphy Thesis Karthik Venkatesh Mani



86 MARIO Systems Design

The MARIO mission seeks to characterise the thermal environment of the Mars upper atmo-
sphere using a payload that detects radiation in the visual and near-infrared ranges. The sci-
entific mission of MARIO is fairly straightforward and open for further iteration. The primary
challenge of MARIO is the technological demonstration of activities that have never before
been achieved by CubeSats: escaping Earth, autonomous heliocentric transfer, achieving bal-
listic capture, and circularizing onto an operational orbit at Mars. The science objectives
are achieved in conjunction with these. In the overall context, MARIO performs significant
science at very low costs.

The major engineering objectives of MARIO are:

1. Demonstrate the feasibility of a stand-alone CubeSat to escape Earth, perform autonom-
ous heliocentric transfer, achieve ballistic capture, and enter an operational orbit at
Mars.

2. Demonstrate the feasibility of a CubeSat to establish communication with Earth from
Mars operational orbit and transmit scientific data during science operations.

3. Demonstrate the usage of combined chemical–electric propulsion to achieve a stand-
alone high-thrust–low-thrust Earth to Mars transfer.

4. Demonstrate the ability of a stand-alone CubeSat to withstand and operate effectively
under high radiation conditions near Earth and in the interplanetary space.

4-1 Systems architecture

Figure 4-2: MARIO system physical and functional architecture
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MARIO system physical and functional architecture is illustrated in Figure. 4-2. The systems
present are the thermal imaging camera payload (P/L-CAM), chemical and electric propul-
sion (CP & EP), reflectarray communications system with high-gain and low-gain antennas
(COMT-HGA & COMT-LGA), attitude determination and control systems (ADCS), a flex-
ible electrical power system (EPS), a semi-active thermal control system (TCS), navigation
camera (GNC CAM), a platform on-board computer (OBC), and a high speed processor for
processing of payload data, ADCS data, and navigation data as well as on-board propagation
of orbits for guidance.

4-2 Flight system design

4-2-1 Combined propulsion

The combined chemical–electric propulsion system design has been presented in chapters 2
and 3. The combined characteristics of the propulsion system are presented in Table 4-1.

Table 4-1: Combined propulsion characteristics

Parameter Chemical Electric
Flight Time [days] 33.03 a 1359.66
Prop. Mass [kg] 5.725 5.87
System Mass (wet) [kg] 6.91 6.57
Size [U] 8 3
∆V (real) [km/s] 408 6.9
Peak Power [W] 14 70
Overall propulsion mass [kg] 13.38
Overall propulsion volume [U] 11
a This flight time is counted as the Earth orbiting time until eccentricity
e = 1, and not the time to reach the Earth sphere of influence. An
additional ∼30 days coasting period could be considered for reaching
the Earth sphere of influence.

4-2-2 Power

Steady power generation is ensured using two solar arrays connected to SADA mechanisms for
continuous Sun pointing. Table 4-2 contains Electrical Power System (EPS) requirements.
The solar array sizing is determined by the the power required by the electric propulsion
during the heliocentric transfer as well as the power demand while communicating from Mars
orbit. Table 4-3 details the power consumption of individual subsystems and Table 4-4 shows
the power consumption during different operational modes of the mission. MARIO systems
consume 101 W (111 W with 10% margin) while it is in ‘full’ low-thrust manoeuvre (LTM)
mode. This mode is active in the interplanetary phase. However, the power generation varies
with the Sun-spacecraft distance by the inverse square law. A trade-off is performed to size the
solar arrays considering: a) the need of sufficient power for EP to execute the interplanetary
transfer and the circularization manoeuvre at Mars, and b) the power consumed by the
payload and the rest of subsystems when EP is not in use, i.e, science operational mode
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(see 4-4). SCM mode is significantly less demanding than the LTM mode. The system will
be infeasible in terms of system mass and volume if the solar arrays are sized for the LTM
mode at Mars and there would be a significant waste in power during SCM. The result of the
trade-off is that the power system shall deliver 80 W to spacecraft units at Mars distance.

Table 4-2: Power system requirements

ID Requirement
EPS-01 The system shall have Sun pointing capabilities.
EPS-02 The system shall provide at least 80 W to MARIO subsystems at 1.5 AU

distance from the Sun after heliocentric transfer.
EPS-03 The battery shall provide at least 31 W for spacecraft survival for an eclipse

duration of 3 hours on Earth orbit.
EPS-04 The EPS shall be able to dissipate the excess power generated to avoid space-

craft overheating

Table 4-3: MARIO subsystems power consumption

Subsystem
Nominal 

Power [W]

P/L-CAM 7,0

P/L-PROC 10,0

EPS 1,0

COMT HGA 41,2

COMT LGA 33,2

COMR 12,6

OBC 0,8

AOCS 16,1

EPROP 70,0

CPROP 14,0

TCS 10,0

MECH 2,0

GNC CAM 0,7

RW, STR, Sun sensor, IMU, PLCPROC/2

Could be reduced affecting performance

Could be addapted

Deployment and Solar Array orientation

Remarks

Also used in AOCS

Supply and distribution

Transmit and Receive 10 W feeding

Transmit and Receive 2 W feeding

Only Receive

Main Computer and Data Handler

Figure 4-6 depicts MARIO solar arrays. Each one consists of 4 panels (22 × 45 cm) with
25 solar cells. The selected solar cells are the Azurspace 3G30C 30% efficiency cells. This
means a total cell area of 0.6 m2. Assuming a 10% inherent degradation and a 0.9% yearly
degradation, the power generation capability will be 220 W BOL at Earth distance and 95 W
EOL at Mars distance after 6 years. Taking into account an average 92% power distribution
efficiency and 5 deg cosine losses, the power available to the subsystems will be 202 W at 1
AU at BOL and 85.75W at 1.5AU at EOL.

The estimated maximum eclipse duration in Earth phase is 3 hours while the eclipse in a
60,000km Mars circular orbit lasts 1.1 hours. Hence, the Earth phase is the most restrictive
case from the battery point of view. The power required by the system in eclipse mode is
31 W including a 10% margin. Considering 95% battery efficiency and a Depth of Discharge
(DoD) of 65%, the energy required from the battery is 150 Wh. Two GOMspace Nanopower
BPX 77Wh batteries will be used as secondary power source to cover those eclipse phases and
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Table 4-4: MARIO power operational modes

Mode Acronym Peak Power [W] 
w/ 10% margin

Active systems

Commissioning CMS 70
EPS, OBC, AOCS, COMT-

LGA, MECH

Chem Man. Mode HTM 49
EPS, OBC, AOCS, CPROP, 

MECH

Cruise Mode CRU 34
EPS, OBC, AOCS, MECH, 

GNC-CAM, TCS
Near Earth Comm 
Mode

NEC 70
EPS, OBC, AOCS,  COMT-

LGA, MECH, TCS
Elec Manoeuvre 
Mode

LTM 111
EPS, OBC, AOCS, EPROP, 
MECH, GNC-CAM, TCS

Deep-space Comm 
Mode DSC 79

EPS, OBC, AOCS, COMT-
HGA, MECH, GNC-CAM, 

TCS

Science Mode SCM 46
EPS, OBC, AOCS, PL-CAM, 

PL-PROC, MECH, TCS

Safe Mode SFM 45
EPS, OBC, AOCS, COMR, 

TCS

OptNav Mode NAV 37
EPS, OBC, AOCS, PL-CAM 
(Nav-mode), MECH, TCS

Eclipse Mode ECL 31 EPS, OBC, AOCS, TCS

peaks demand (see Figure 4-5). Besides, the GOMspace Nanopower P60 serves as PMAD
(Power Management And Distribution) unit and equips two PDU (Power Distribution Unit)
and two ACU (Array Conditioning Unit). This PMAD units will enable a flexible electrical
power system architecture to enhance power management. On the one hand, each ACU is
connected with several lines to a solar array. On the other hand, the PDUs distribute the
power among the different subsystems using suitable lines. Figure 4-3 represents a schema of
the electrical interfaces of MARIO CubeSat.

4-2-3 Communications

Table 4-5 lists communications subsystem requirements. Establishing a direct communica-
tion link from MARIO to Earth at more than 1 AU distance is one of the most important
challenges of this mission. CubeSats cannot equip conventional parabolic reflectors as larger
interplanetary spacecraft do and the power available is much more limited. These facts com-
pels us to pursue an innovative solution for interplanetary CubeSat communications. The
deep-space communications strategy for MARIO is based on a deployable reflectarray high
gain antenna (HGA) combined with IRIS transponder. MarCO mission used this technology
serving as a data relay for Insight lander [161] successfully. Furthermore, in 2018, ISARA
mission transmitted to Earth with a reflectarray from LEO and M-ARGO ESA CubeSat
is designed to employ this antenna for interplanetary communications [23, 162]. MARIO
communications subsystem is completed with a low gain patch antenna (S-Band) that will
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Figure 4-3: MARIO electrical interface

be utilized to establish first contact with the Earth after launch and during the Earth orbit
raising manoeuvre.

Table 4-5: Communications system requirements

ID Requirement
COM-01 The system shall provide direct link to Earth to transmit telemetry.
COM-02 The system shall communicate with G/S using X-Band in Mars phase

and in interplanetary phase.
COM-03 The system shall communicate with G/S using S-Band in Earth orbit.
COM-04 The system shall be able to transmit 2 kbps data rate from 1.5AU by

means of a direct link to the Earth.
COM-05 The system shall BER shall be below 10−6.
COM-06 The stack size of the HGA shall be below 45x23x4 cm.

The deployable reflectarray is designed to fit on the 16U CubeSat configuration so it consists
of three 20x44 cm panels. During the launch phase, the three panels are folded down forming a
one single panel configuration. Later, the stack panel is deployed and then unfolded. Finally,
the reflectarray feeder is also deployed, ending in a configuration that can be observed in
Figure 4-6.

The HGA antenna will operate in the X-Band frequency (8.4GHz) and will transmit data
to the DSN. The estimated maximum gain for this antenna is about 29.95 dB taking into
account a 42% efficiency. The power provided to the feeder is set to 10 W but it could be
increased if there is enough power available to improve transmission performance. On the
other side of the link, a 70 m DSN antenna will receive the data from MARIO.
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The path losses are the main source of losses because of the huge distance that waves have to
travel. From 1.5AU and with the selected frequency, the free space losses are 278 dB. On top
of that, 1 dB loss is added to account for rain and atmospheric gases attenuation. Besides,
the system noise temperature, which is the other main contributor to the attenuation of the
signal is estimated at 140 K. Finally, average values for antenna pointing, polarization and
modulation losses are taken. The required BER is set at 10−6 and the selected modulation is
BPSK. The corresponding required energy per bit noise ratio is 5 dB [62]. Under the described
conditions, MARIO is able to transmit more than the required 2.0 kbps from 1.5AU distance
(2.4 kbps). Table 4-6 summarises the main parameters involved in the link computation and
the achieved performances.

Table 4-6: HGA link budget from 1.5AU

DSN 70 m station - -

Madrid Avg. Rain - -

1 AU = 1,5·10E8 km - -

Distance 1,50 AU

Data Rate 2000 bps

Frequency 8420 MHz

Feed power 10 W

Gain 30,0 dBi

Pointing Loss (1° pointing error) -1,9 dB

Gain 74,8 dBi

Pointing Loss -0,1 dB

Polarization Loss -0,2 dB

Total Path Loss -279,0 dB

System Noise Temperature 140,0 K

Transmitter Feeder Loss -1,0 dB

Equivalent Isotropic Radiated Power (EIRP) 39,0 dBm

Gain to Noise Temperature Ratio (G/T) 53,4 dB/K

Carrier to Noise Spectral Density Ratio (C/N0) 39,3 dBHz

Energy per Bit to Noise Ratio (Eb/N0) 5,81 dB

Modulation

(Eb/N0)req 5,0 dB

Recovery Margin 0,80 dB

Performance Parameters

BPSK + R-1/2 Vitervi

DOWNLINK BUDGET

Assumptions

Frequency

Tx Antenna

Rx Antenna

Losses

Since the distance from Earth to MARIO will vary along the mission, the maximum data rate
that can be transmitted will also vary. Figure 4-4 illustrates the maximum data rate that could
be transmitted as a function of MARIO–Earth distance and feeder input power taking into
account the above-mentioned considerations for the link budget. The maximum data rate
decreases significantly from 0.5 AU to 1.5 AU. Therefore, during Earth-Mars conjunction
(0.5 AU distance), MARIO will be able to transmit about 25 kbps for 10 W feeder power.
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Nevertheless, the distance from the Earth to Mars increases up to 2.5 AU (planets opposition)
which reduces dramatically the maximum data rate. In such case, MARIO can use its low
gain antenna to transmit information to a larger Mars orbiter spacecraft which then would
relay it to the Earth.

IRIS v2 transponder currently works with X-band and UHF bands. It is planned to extend
its capabilities to other frequency bands like the S-Band. The transponder weights 1.2 kg and
its nominal power consumption for X-band transmit/receive is 35 W for 3.8 W feeder power.
Finally, ISM S-Band antenna manufactured by Endurosat is selected as the low gain patch
antenna because of its low mass and performance.

Figure 4-4: Maximum data rate transmission as a function of distance and feed input power

4-2-4 Other subsystems

Semi-active thermal control system is designed to preserve the payload, propellants, and
other subsystems within their operational temperature limits at near-Earth and interplanetary
environments. This task will be performed by means of heaters, MLI and different surface
finishes. To cool down the payload, the possibility of adding a dedicated radiator is considered.

Attitude determination and control will be carried out by the combination of several COTS.
Two ST400 star trackers are installed in MARIO. They only consume 0.7 W in nominal
operation and they have competitive attitude determination accuracy: 10 arcseconds in pitch
and yaw and 120 arcseconds in roll (3σ). To compensate the lower of accuracy in roll axis,
the two STR are oriented along different axis. Both of them are equipped with baffles to
reduce straylight and protect them against thrusters’ plume impingement. The update rate
of ST400 STR is 5Hz, which is compatible with IMU performance. In addition, four fine Sun
sensors (nanoSSOC-D60) pointing towards different directions serve as a backup for attitude
determination. These Sun sensors have a 60 deg FOV and an accuracy of 0.5 deg. Finally,
STIM300 IMU measures angular acceleration and velocity with 2000 SPS and with a 0.3 deg/h
gyro bias instability. In the actuators side, 3 RW400 reaction wheels are responsible for the
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attitude control. Owing to their 50 mNms momentum storage capacity and their relatively
low power consumption (1.9 W), RW400 are suitable for MARIO. Finally, four small 0.1 kg
cold gas thrusters for reaction wheels desaturation and course correction complete the ADCS.
Skylab NanoOBC is the main On-Board computer. It is a light (about 60g) and robust device
against SEE. The main OBC is in charge of general housekeeping and command transmission
in MARIO. On the contrary, the dedicated and more powerful payload processor deals with
science data processing, attitude determination and orbit control and is also responsible for
processing navigation information. The selected COTS is the Unibap e20xx. Despite it high
power consumption, the performance is quite high.
The payload system consists on a customized VIS and IR camera and the above-mentioned
payload processor. The maximum available weight for the payload camera to comply with
spacecraft total mass requirements is about 1.8 kg and the maximum power consumption
shall be below 7 W. The PL camera shall occupy less than 1.2U inside the CubeSat. The
overall system characteristics are listed in Table 4-7.

4-3 Structure and system configuration

MARIO is a 16U CubeSat whose primary structure consists on 4 ‘decks’ of 4U each. A 16U
COTS structure does not exist at the moment (12U is the maximum) but several manufac-
turers could provide customized structures. The structure has to allow visibility access to
the cameras and sensors as well as room for internal harnesses and feed system pipings of the
thrusters. In addition to the structure, the different sides or panels have to be covered by
an aluminum shielding layer (2.5mm thickness) to protect the spacecraft against radiation.
The total mass of aluminum thickness is 2 kg and has been scaled from the result of LUMIO
mission [67]. Hereinafter, the sides of the CubeSat are referred as the PL panel (where is
the PL camera), the Anti-PL panel (the opposite side), the bottom panel, the top panel, the
right panel and the left panel.
The main drivers for the configuration are: a) accommodation of 2 different types of propul-
sion, b) power generation strategy, c) having a unobstructed side for the PL camera, and d)
communications with reflectarray.
The CP and the EP modules are placed on opposite sides of the CubeSat. The primary
reason is that there is not enough space to hold both on one side. Besides, the center of mass
with them placed on opposite sides is kept closer to the geometrical center of the spacecraft.
Hence, the CP module is placed close to the the bottom panel, with the 2 CP thrusters
outside the structure, while the EP module is placed close to the top panel, with the ion
engines outside (see Figure 4-5 and Figure 4-7). On the one hand, the four CP propellant
tanks are located just above the bottom panel. The tanks itself occupy about 1.8U. The
pressuriser tank position takes advantage of the shape of the CP propellant tanks and is
installed in the central axis of the CubeSat. Therefore, above each CP propellant tank up to
the upper half of the CubeSat there is 0.2U available space for piping. On the other hand,
the iodine tank is placed centered on the top part of the structure. The PPCU is located
close to it facing the PL panel.
The Solar Drive Actuators mechanisms (SADA) divide the CubeSat in two halves. The rota-
tion axis of SADA is orthogonal to the right and left panels. The majority of the components
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Table 4-7: Overall system characteristics

Chemical Propulsion:

- 2 1,5N range thrusters 

- FLP-106 Propellant

- High thrust maneuvers

- Gaseous Nitrogean pressurant

Electric Propulsion:

- Gridded Ion Thruster

- Iodine solid propellant

- Low thrust trajectory and ballistic capture

Power

- 2 Deployable solar arrays with SADA

- 30% Eff. Azurspace 3G30C solar cells

- 2 GOMSpace BPX 77W/h batteries

- PMAD: GOMSpace P60

Communications

- IRIS V2 Transponer

- Reflectarray HGA X-Band

- LGA S-Band

ADCS

- 3 RW: RW400 50mNms Hyperion Tech.

- IMU STIM300

- 2 STR: ST400 Hyperion Tech.

- 4 Sun Sensors: nanoSSOC-D60 Solar MEMS

- 4 ADCS Cold gas thrusters

Data Handling - Main OBC: NanoOBC Skylab

Structure
- 16U COTS modification

- Aluminum shielding

Thermal Control
- 10W heaters power

- MLI and coatings

Navigation - NAV Camera: IM200 Hyperion Tech.

Payload Camera:

- Customized VIS and IR Camera

- 7W consumption and 1,8kg

Payload Processor:

- UNIBAP’s e20xx/e21xx

- Performs AOCS tasks too

Subsystems and Payload summary

Payload

Propulsion

of MARIO are located on the third deck of the structure. The PL is placed along the PL
panel for Mars centre pointing and the PL processor is below it. The 3 RW are oriented in 3
different axis and the IMU and 1 Sun sensor are just above one of them. The Iris transponder
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and the OBC are stacked behind the PL so they are hidden in Figure 4-5. Finally, one STR,
a navigation camera and the PMAD can be found in the remaining 1U space.

Figure 4-5: MARIO internal configuration

Figure 4-6: MARIO external configuration w/o shielding

On the upper deck, apart from the EP module, batteries are symmetrically located with re-
spect to the EP tank. In addition, another STR is placed tilted with respect to the orthogonal
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direction of the top panel. They are tilted because, primarily from the performance point
of view, it is worse to have the STR along the same axis. That is the reason why the PL
panel was discarded as a location. Besides, if the STR is oriented towards the right panel, it
would be obstructed by the solar array eliminating that direction as an option. The direction
orthogonal to the top panel would be suitable from performance point of view but not for
potential plume impingement, which is the second driver. To reduce the plume impingement,
the STR is tilted and a baffle is used to protect it.

In the outer part of the spacecraft, the rest of Sun sensors (one on the top panel and two on
the bottom panel) are installed. Besides, the 4 ADCS thrusters are placed symmetrically in
the top and bottom panels. Reflectarray and its deployment mechanism are located on the
outer side of the Anti-PL panel. Therefore, the feeder is also located in that panel. Finally,
each solar array is attached to their corresponding SADA mechanism on the left and right
panels. In stack configuration, both solar panels and reflectarray will be folded. The same
applies to the feeder of the HGA antenna. Therefore, the outer envelope of the whole CubeSat
will be 25x25x50cm.

Figure 4-7: MARIO external configuration Detail

Currently, ISIS has a commercial 16U deployer that is yet to be flight tested. However, owing
to the overall size, dimensions, and configuration of the MARIO CubeSat, the existing 16U
CubeSat deployer, such as the one of ISIS, would need to be customized to accommodate
primarily the thrusters and the solar panels.

4-3-1 Mass Budget

Table 4-8 shows the mass budget of MARIO CubeSat grouping components by subsystems.
Figure 4-8 is a pie chart that represents the distribution of dry mass among subsystems.
The table includes the subsystem level margin that depends on the design maturity of each
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subsystem/component (5, 10 or 20%) and the dry mass system margin which is set to 5%.
On top of that, chemical propellant, pressuriser and iodine masses are added, obtaining the
total wet mass. Propellant and pressuriser masses already include a margin through the ∆V.

Table 4-8: Mass Budget of MARIO including unit and system margins

Figure 4-8: Relative contribution of different subsystems to MARIO CubeSat dry mass
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Chapter 5

Concurrent propulsion–trajectory
optimisation

Traditionally, low-thrust trajectory optimisation is done by establishing an optimisation
framework in which the thrust T is utilised as a control variable. The specific impulse Isp is
also utilised in the optimisation as it influences the variation of spacecraft mass. However,
these performance variables are considered with a set of defined thruster operational charac-
teristics. No insight is usually provided into how the thruster is actually controlled. Indeed,
only recently have there been analyses which consider the variations of T and Isp with the
thruster input power [163]. However, the rest of the parameters that influence the thruster
performance are discarded.

A new paradigm is required for a more comprehensive mission design. In this approach,
the crucial parameters that influence the thruster performance are incorporated into the
optimisation framework such that the thruster operation and the low-thrust trajectory are
concurrently optimised. The thruster physics are directly taken into account through the
inclusion of the control parameters. This allows for a higher level of control capability and
autonomy since by knowing the parameters that are real-time controllable and those that
influence the thruster performance, we can incorporate them into the control law algorithms
uploaded on the on-board processor.

5-1 Thruster performance envelope

The radiofrequency ion thruster performance and design parameters applicable to MARIO
mission are calculated in section 2-5. The iodine plasma thruster model is implemented to
calculate the thrust T , specific impulse Isp and efficiencies ηm, ηp and ηtot as functions of the
total power Ptot. The mass flow rate ṁ0 is fixed at 48 µg/s and the grid voltage Vgrid is fixed
at 2000 V. The low-thrust trajectory optimisation is performed and the heliocentric transfer
trajectory is calculated using this thruster performance.
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The Ptot, which drives the performance, is ensured to be always equivalent to the thruster
input power Pin, i.e., the thruster utilises all the power available to it to generate the thrust
and specific impulse. The distance between the Sun and the spacecraft r determines the
power available to the overall system, and therefore Pin, based on the inverse square law, i.e.,
P ∝ 1/r2. The relationship between r and Pin is illustrated in Figure 3-14.

Revisiting equation 3-49, we have

Ptot = Pbeam,i + Pg + Pcath + PRF (5-1)

The Power Processing and Control Unit (PPCU) supplies the RF coils with PRF which
directly influences the production of ions in the plasma chamber, i.e, the ion beam current
Ibeam,i, and subsequently the thrust T and Isp (see equations (3-42) and (3-43)). The DC
grids are maintained at Vgrid, which when multiplied with Ibeam,i yields Pbeam,i. Thus, both
PRF and Vgrid influence Pbeam,i and consequently Ptot. The grid voltage Vgrid also determines
the ion beam velocity vbeam,i, which then contributes to T . Additionally, the mass flow rate
ṁ0 determines the particle densities and subsequently the ion flux Γi, which contributes to
the Ibeam,i and hence Pbeam,i. The ṁ0 also contributes to the neutral gas thrust power Pg
through neutral gas flux Γg. Thus, Vgrid, ṁ0 and PRF influence T and Isp. This is illustrated
in Figure 5-1.

𝑃𝑃𝑅𝑅𝑅𝑅 𝐼𝐼𝑏𝑏𝑏𝑏𝑏𝑏𝑏𝑏

𝑉𝑉𝑔𝑔𝑔𝑔𝑔𝑔𝑔𝑔

𝑃𝑃𝑏𝑏𝑏𝑏𝑏𝑏𝑏𝑏

𝑃𝑃𝑐𝑐𝑐𝑐𝑐𝑐ℎ

𝑚̇𝑚0 𝑃𝑃𝑔𝑔

𝑃𝑃𝑡𝑡𝑡𝑡𝑡𝑡

𝑇𝑇

𝐼𝐼𝑠𝑠𝑠𝑠

Figure 5-1: Relationship between parameters PRF , Vgrid, ṁ0 and total power Ptot as well as
performance T and Isp

These three parameters, Vgrid, ṁ, and PRF are real-time adjustable independently, and can
be used as the main control parameters that influence the performance of the thruster. Thus,
to broaden the scope of the analysis, the thruster performance is analysed over a range of
Vgrid, ṁ0, and PRF to create a thruster performance envelope. Figure 5-2 represents T , Isp,
and Ptot as functions of the control parameters. PRF is varied from 5 to 40 W, ṁ0 from 45
µg/s to 60 µg/s and Vgrid from 1900 to 2100 V. The thruster performance model presented
in section 3-6 is utilised to create the envelope.

Over these ranges of control parameters, the maximum T 2.0253 mN the minimum T is 0.3154
mN, maximum Isp is 3441.7 s and the minimum Isp is 714.56 s, and the maximum Ptot is 86.8
W and the minimum Ptot is 11.3 W. The trends of T , Isp and Ptot are such that they increase
with the increase in Vgrid, ṁ0, and PRF . A single ‘slice’ of Figure 5-2, the T and Isp variation
with ṁ0 and PRF for Vgrid = 2000 V is shown in Figure 5-3.
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(a) Thrust

(b) Isp

(c) Total Power

Figure 5-2: Thrust, Isp and total power variations with grid voltage Vgrid, mass flow rate ṁ,
and RF power PRF

The T and Isp performance envelope measured as a function of total power Ptot at Vgrid =
2000 V is illustrated in Figure 5-4. It can be inferred that for the same Ptot (same contour
level), multiple values of T and Isp can be obtained depending upon the values of the control
parameters.

Thus, by varying the control parameters real time, we can adjust the performance values
and therefore provide the spacecraft with a higher control capability. Since the T and Isp
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(a) Thrust (b) Isp

Figure 5-3: Thrust and Isp variation with mass flow rate ṁ0 and RF power PRF for a single
grid voltage Vgrid = 2000 V.

Figure 5-4: Thrust and Isp vs Ptot for Vgrid = 2000 V

performance directly influences the trajectory of the spacecraft, incorporating the thruster
controls into the trajectory optimisation increases the flexibility of operations.

5-2 Statement of the problem

5-2-1 Spacecraft dynamics

The spacecraft dynamics used in this work until now is presented in section 3-7-1-2. The
equation of motion considers the 2-body dynamics, third body perturbations, and the solar
radiation pressure. An ephemeris model that incorporates the real time positions of the
celestial bodies is used. In section 3-7, the in-house MATLAB code DIRect colocation Tool for
Trajectory Optimization (DIRETTO) is introduced. The non-linear optimal control problem
is solved by direct transcription through collocation to a Non-Linear Programming (NLP).
Then, an interior point method is used to solve the NLP problem [153].

However, DIRETTO was not created to handle the incorporation of thruster physics and the
subsequent optimisation of thruster control parameters along with trajectory optimisation.
The complexity involved in the concurrent optimisation through DIRETTO is enormous in
terms of computational resources and time.
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For the purpose of demonstrating the incorporation of thruster control into the trajectory
optimisation problem, a simple but effective method is introduced. First, the dynamics have to
be redefined. A simple 2-body problem is considered for this application and the complexities
such as solar radiation pressure and third body perturbations are removed. The reference
frame is an inertial frame centered at the Sun since the heliocentric transfer trajectory is
simulated.

The state vector and the control are expressed in equations (5-2) and (5-3), respectively.

~x ≡


~r
~v
msc

 (5-2)

~u ≡



Vgrid
ṁ0
PRF
α
β


(5-3)

The state vector ~x comprises the position vector ~r, the velocity vector ~v, and the spacecraft
mass msc. The control comprises the thruster control parameters Vgrid, ṁ0 and PRF , and
the thrust directional control angles α and β, which are the azimuth and elevation thrusting
angles. The angles α and β are the control parameters for the trajectory. Thus, by incorpor-
ating all the control parameters, we make way for a concurrent optimisation problem.

The equations of motion are,

d~x

dt
=


vr

~f2B + ~fT

−ṁ0

 ≡ ~F [(~x(t), ~u(t), t] (5-4)

The thrust contribution ~fT is,

~fT = T (Vgrid, ṁ0, PRF )
msc

 sinα cosβ
cosα cosβ

sin β

 (5-5)

Here, the thrust T magnitude is a function of the control parameters Vgrid, ṁ0 and PRF ,
obtained from the thruster performance envelope. The multiplier term that consists of α
and β determines the direction of thrust. The rate of change of the spacecraft mass ṁsc is
essentially the propellant consumption represented by −ṁ0.
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5-2-2 Boundary conditions

The spacecraft departs from the Earth’s sphere of influence RSOI,E that is farthest from the
Sun on the Sun–Earth line at td and arrives at the ballistic capture target point at tf . This tf
is free to be optimised. Since the ephemeris model is not utilised, the model is autonomous and
td is set to zero without any loss of generality. The departure and arrival boundary conditions
are expressed in equations (5-6)– (5-8). They are expressed in Cartesian coordinates.

Ψd [~xd(td), td] ≡



td
rx(td)− [rx,E(td) +RSOI,E,x]
ry(td)− [ry,E(td) +RSOI,E,y]
rz(td)− [rz,E(td) +RSOI,E,z]

vx(td)− vx,E(td)
vy(td)− vy,E(td)
vz(td)− vz,E(td)
msc(td)−mwet


= ~0 (5-6)

Ψf [~x(tf )] ≡



rx(tf )− rx,C(tf )
ry(tf )− ry,C(tf )
rz(tf )− rz,C(tf )
vx(tf )− vx,C(tf )
vy(tf )− vy,C(tf )
vz(tf )− vz,C(tf )


= ~0 (5-7)

Ψt(tf ) ≡ tf − t∞ ≤ 0 (5-8)

The settings of the departure point and capture point are obtained from the analysis per-
formed in section 3-7.

5-2-3 Constraints and objective

The control parameters serve as the optimisation variables. This flight time tf corresponds
to the time of flight from the departure point at RSOI,E to the target point at which the
ballistic capture initiates. The constraints are shown in in equation (5-9).
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G [~x(t), ~u(t)] ≡



Vgrid(t)− Vgrid,max
Vgrid,min − Vgrid(t)
ṁ0(t)− ṁ0,max
ṁ0,min − ṁ0(t)
PRF (t)− PRF,max
PRF,min − PRF (t)
α(t)− αmax
αmin − α(t)
β(t)− βmax
βmin − β(t)
Ptot − Pin(r)
Ptot − Pin,max
m(t)−mwet



≤ ~0 (5-9)

The constraints are defined such that the control parameters do not exceed their upper and
lower bounds. The bounds for Vgrid are 1900 V and 2100 V, for ṁ0 are 45 µg/s and 60 µg/s,
and for PRF are 5 W and 40 W, which are in accordance with the thruster performance
envelope defined earlier in section 5-1. The quantities α and β essentially are free of bounds
but one can decide to impose limits if required. The most crucial constraint here is the one
placed on total power Ptot. Considering the system requirements (EP-02 in Table 3-5), the
maximum power available to the system is 70 W, out of which 3 W go to the PPCU. Thus,
the thruster operates with a maximum power of 67 W. Additionally, as the Sun–spacecraft
distance increases, the power available to the thruster Pin reduces and depends upon r. The
power constraint is a non-linear inequality constraint. However, if one chooses to maximise
the power utilisation, this constraint can be set as a non-linear equality constraint.

The objective of the optimisation is the minimisation of time. It is expressed as,

J = tf (5-10)

5-3 Numerical simulation

In the simulations presented in section 3-7-4, the departure and capture points are defined in
spherical coordinates in the heliocentric reference frame HEO@td. These points are retrieved
and expressed in Cartesian form to speed up the simulation. A simple shooting technique is
used to transcribe the optimal control problem to an NLP problem.

1. The time span tf is discretized into nodes.

2. Initial guesses for the control parameters at each node are supplied.

3. The spacecraft dynamics equations are propagated until tf , i.e., ‘shooting’ performed.

4. The error in the boundary conditions are evaluated.
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5. The control variables are adjusted to satisfy the constraints using an NLP solver. Steps
1–4 are repeated until the optimal solution is found that satisfies the constraints and
meets the boundary conditions.

The time span tf is divided into several nodes and random values for the control parameters
Vgrid, ṁ0, PRF , α, and β are supplied as initial guesses at each node. The time of flight tf is
also passed as an optimisation parameter with an initial guess value of 1250 days. The initial
mass at departure md is fixed at 27.447 kg, the same value used in section 3-7-4.

The equations of motion are integrated until tf and the control parameters are interpolated
using piecewise cubic hermite polynomial (PCHIP) method between the nodes at each integ-
ration step. Thus, at each integration step, the interpolated control parameters are utilised
to calculate the thrust magnitude T (see equation (5-5)). This influences the dynamics and
consequently the spacecraft position and velocity. The position in turn affects the power.
The loop is closed as the power influences T and Isp.

The relationships between the control parameters Vgrid, ṁ0 and PRF , and T , Isp and Ptot are
obtained from the thruster performance envelope by using a multivariate polynomial regres-
sion [164, 165]. Polynomial expressions for T , Isp and Ptot with the 3 control parameters as the
variables are generated and the interpolated values are supplied to calculate the corresponding
magnitudes.

The final states after each integration are retrieved and the boundary conditions are checked.
The final position and velocity must match the target position and velocity within a tolerance
value of 10−6. The initial state vector ~xd and final state vector ~xf are expressed in equa-
tion (5-11). The positions are in kilometre, the velocities are in kilometre per second, and
the mass is in kilogram.

~xd ≡



rx,E
ry,E
rz,E
vx,E
vy,E
vz,E
msc


=



1.5296× 108

0
0

0.0894
29.2873

0
27.447


~xf ≡



rx,C
ry,C
rz,C
vx,C
vy,C
vz,C
mf


=



−1.7867× 108

1.311× 108

9.2324× 105

−16.4623
−18.3460

0.0347
free


(5-11)

The minimisation problem is solved using an interior point method through MATLAB’s
fmincon to find the minimum of the constrained multi-variable functions. The objective
function J = tf is minimised . The non-linear constraints are evaluated at each iteration and
the optimisation procedure runs until they are satisfied. One of the key non-linear inequality
constraints is the power constraint, i.e., Ptot ≤ Pin(r). The number of non-linear constraints
constructed for power is equal to the number of nodes, and Ptot and Pin(r) are evaluated at
each node and checked whether they satisfy the constraint.

The position vectors (rx, ry and rz) in the Cartesian form are evaluated at each node and their
norm is calculated to obtain the magnitude of the Sun–spacecraft distance. Using the inverse
square law and considering the power production capabilities of MARIO solar panels, the
maximum power availability to the thruster at that distance Pin(r) is calculated. Of course,
the maximum input power requirement of 67 W is applied if Pin(r) > 67. The value of Ptot
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at each node is obtained by evaluating the polynomial expression obtained using multivariate
polynomial regression. Satisfying this constraint ensures that the thruster is operating within
its performance envelope.

The optimisation procedure completes when the constraints are satisfied and the boundary
conditions are met. The results contain the optimised values for the control parameters Vgrid,
ṁ0, PRF , α and β. The values of T , Isp and Ptot along the trajectory are calculated using the
optimised control parameters. The results of the optimisation are presented in Figure 5-5.

From Figure 5-5, it can be observed that the mass flow rate ṁ0 reaches the maximum value.
The inference is that the minimisation of time leads to the thrust being increased. Since the
problem is power constrained, the parameter Vgrid is adjusted until this constraint is satisfied
and the ṁ0, which also influences the thrust through the neutral gas, is increased as much
as its maximum value to yield the highest attainable thrust. The variations of α and β are
between -200° to +200°. The parameter β reaches zero near the end. The values of Ptot
is maximum until near the end where the Sun–spacecraft distance increases and the value
decreases to the reduced availability of power. The thrust T is high and continuous since
time-optimal problems require such continuous thrusting operations.

The overall time of transfer tf is 1485.5 days and the overall propellant consumption is 7.69
kg, which are higher than the results obtained in section 3-7-4. There are multiple reasons
to this. The numerical scheme and the dynamics used in the previous simulations are much
more robust compared to the schemes used in this analysis. Thus, the results are bound to
be ’more optimised’ in the case of DIRETTO simulations. The specific impulse Isp value
obtained in the current analysis is lower than that of the results obtained by DIRETTO. The
thruster was operated at a fixed flow rate of 48 µg/s in the previous case whereas it stays
around 60 µg/s. The increase in ṁ0 leads to a decrease in Isp, and given the thrusting time,
the propellant consumption is higher.

The techniques used in this analysis are crucial for the future implementation of a more robust
framework that concurrently optimises the thruster operation and the low-thrust trajectory.
This introduces a direct and a flexible control capability to the spacecraft. The thrusting
performance of the thruster is determined by these control parameters. The knowledge of the
control parameters that directly control the thrusting performance is crucial as this informa-
tion can be fed into the control algorithms in the on-board computer such that the spacecraft
can be operated autonomously and with flexibility.
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Figure 5-5: Concurrent thruster–trajectory optimisation. Figure (a) represents the optimised
thruster control parameters Vgrid, ṁ0, and PRF . Figure (b) represents the optimised trajectory
control parameters α and β. The final values at the nodes are indicated with a Figure (c)
represents the optimised heliocentric transfer trajectory. Figure (d) represents the heliocentric
semi-major axis a and eccentricity e. Figure (e) represents the thrust T , specific impulse Isp, and
total power Ptot along the heliocentric trajectory.

Karthik Venkatesh Mani Doctor of Philosphy Thesis



Chapter 6

Closure

6-1 Summary

The first chapter introduced the basics of interplanetary CubeSat missions and their corres-
ponding challenges. The need for primary propulsion for stand-alone deep-space CubeSat
missions is established since orbital manoeuvring and precise trajectory control capabilities
are indispensable to ensure mission success. The motivation for the research work is estab-
lished and the key concept of combined chemical–electric propulsion is introduced. Hybrid
transfer solutions that utilise chemical–electric propulsion achieve a balance between system
mass and transfer time. The main objectives are then established:

1. Provide design solutions for combined chemical–electric propulsion systems
that enable stand-alone CubeSat missions on a deep-space cruise.

2. Develop a methodology for concurrent systems–trajectory design and estab-
lish an overall design framework for an interplanetary CubeSat mission.

3. To transpose the knowledge of combined propulsion design, concomitant
with optimal trajectories for future interplanetary CubeSat designers and
propulsion system developers to enhance solar system exploration efforts at
high science-to-investment ratio.

MARIO mission application case is defined with its four key phases: a) orbit raising & Earth
escape, b) low-thrust deep-space cruise c) ballistic capture at Mars and d) acquisition of the
final operating orbit at Mars. The high-thrust chemical propulsion is used in orbit raising and
Earth escape as well as Mars orbit stabilisation. The low-thrust electric propulsion is used
in deep-space cruise and final circularization to an operational orbit. The propulsion design
solutions are pursued by considering the mission context. To achieve the research objectives,
the corresponding research questions that need to be answered are listed.
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Chapter 2 deals with the chemical propulsion system and the high-thrust trajectory. The
state-of-the-art chemical propulsion systems applicable for CubeSats, such as solid rocket
motors, liquid monopropellant and bipropellant engines as well as cold gas propulsion sys-
tems, are studied and analysed. The system design strategy is elaborated and a trade-off is
performed to select the best suited system type based on the requirements. Green monopro-
pellant systems are chosen for the design. Propellant properties are evaluated and thermo-
chemical analysis is pursued to characterise the propellant performance. Green propellants
such as blends of Ammonium Dinitramide (ADN) and Hydroxlammonium Nitrate (HAN) are
compared. Chemical thruster design is pursued and overall system sizing and feed system
design is done to deliver the ∆V requirements of the high-thrust trajectory.

Chapter 3 focuses on the electric propulsion system and the low-thrust trajectory. The state-
of-the-art of electric propulsion that is applicable for CubeSats is documented. A comparison
between gridded ion thrusters, Hall effect thrusters, field emission electric propulsion, pulsed
plasma thrusters and helicon thrusters are made and a trade-off based on the system require-
ments is performed. Gridded ion thrusters excited with a radiofrequency power source is
chosen for the design. An analysis of propellants, xenon and iodine, is done and iodine is
chosen for its compactness, cost effectiveness and high performance yield. The physics behind
the operation of a radiofrequency ion thruster are highlighted and a performance model is
implemented to obtain the variations of thrust and specific impulse with input power. A
power constrained low-thrust trajectory optimisation using the thruster performance model
is pursued to calculate the transfer time, ∆V , and the required propellant mass for the helio-
centric transfer and ballistic capture. Circularization onto an operational orbit about Mars
is also detailed. Finally, the system sizing is presented.

Chapter 4 presents the overall system design of MARIO. The system architecture and flight
systems design that includes information on subsystems such as power, communications etc.
are presented. The focus is on preliminary systems design in order to provide an overview
of the mission and a context for the propulsion systems design. The configuration of the
MARIO spacecraft and the system budgets are also presented.

Chapter 5 deals with the concurrent propulsion–trajectory optimisation. Thruster perform-
ance envelope is established and a novel framework for the concurrent optimisation of the
thruster and the low-thrust trajectory control parameters is set up. The heliocentric transfer
trajectory is simulated and the control parameters are optimised to yield a minimum flight
time. The knowledge of these parameters allows for a direct implementation into the control
law algorithms on the on-board processor for flexible, autonomous and responsive operations
during flight and shall enable a prudent design of autonomous interplanetary CubeSats.
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6-2 Conclusion

This section highlights the main findings and conclusions derived from this work. The research
questions that were posed in the beginning are answered and the rationale behind them are
expounded.

6-2-1 On the combined chemical–electric propulsion design and hybrid trajectory

This section aims to answer three research questions:

1. What is the design strategy for combined chemical–electric propulsion for a stand-alone
CubeSat to Mars?

2. What are the design and performance characteristics for combined chemical–electric
propulsion that enable a stand-alone CubeSat to Mars?

3. What are the trajectory characteristics of a stand-alone CubeSat mission to Mars?

Short answer: Combined chemical–electric propulsion systems are separate systems present
in the same spacecraft, and are operated alternatively. The overall system design strategy
is illustrated in Figure 6-1. The chemical propulsion system is utilised in orbit raising and
Earth escape as well as Mars orbit stabilisation. The electric propulsion system is used in
low-thrust deep-space cruise and ballistic capture as well as final circularization. The design
solution for the chemical propulsion system yields a thrust of 3 N and an Isp of 241.2 seconds
while using ADN-blend propellant called FLP-106. The propellant mass is 5.725 kg, which
corresponds to a margined ∆V of 445 m/s. The overall chemical propulsion system mass is
6.91 kg and it occupies a volume of 8U. The design solution for the electric propulsion system
yields a max thrust of 1.492 mN and a max Isp of 3168 seconds. The thrust and Isp vary
with input power. The propellant mass is 5.87 kg. The overall electric propulsion system
mass is 6.57 kg and it occupies 3U volume. The systems are designed to execute a hybrid
high-thrust–low-thrust trajectory. The sequence is high-thrust orbit raising and Earth escape,
low-thrust deep-space cruise and ballistic capture, high-thrust Mars orbit stabilisation, and
low-thrust circularization. The overall transfer time is 1472.69 days.
Explanation: Fully-chemical transfers are fast but lead to an excessive system mass. Fully-
electric transfers save mass but have untenable escape times. Hybrid transfer solutions that
utilise chemical–electric propulsion achieve a balance between system mass and transfer time.
The mission characteristics are defined such that the spacecraft has to escape Earth, pursue
low-thrust deep-space cruise, achieve ballistic capture and acquire an operational orbit at
Mars. The system characteristics are defined and the requirements and initial parameters for
the propulsion system are set. The state-of-the-art technologies and concepts applicable for
CubeSats are explored and a trade-off analysis is done to select the suitable systems, each
for chemical and electric propulsion. Propellant analysis and characterisation is then done.
Thruster design parameters are predicted and iterated until the performance requirements
are delivered.
The design of the chemical propulsion system is based on the total ∆V requirement for Earth
escape and Mars orbit stabilisation. Considering a 10% margin on each of those, ∆Vtot,mg =
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445 m/s. Additionally, constraints on thrust, burntime and total system mass were also
placed. The design strategy is illustrated in Figure 6-1 (red part). The chemical propulsion
system selected for design is the green monopropellant system that uses the propellant FLP-
106, which is a blend of ammonium dinitramide (ADN). Compared to hydrazine, FLP-106
has a higher density (1357 kg/m3), very high Isp and is non-toxic. Thruster design and
performance analysis is performed to calculate the size of the thruster to yield the required
performance. The thruster operates at 2 MPa combustion pressure and has a combustion
chamber volume of 662.7 mm3. The nozzle throat diameter is 0.75 mm and the expansion
area ratio is 200. With an expansion half angle of 15°, the nozzle length is 18.47 mm. Two
thrusters are used and the total thrust yield is 3.072 N and the Isp yield is 241.2 seconds.
The mass of two thrusters is 0.4 kg. The total propellant mass is 5.725 kg, with a break
down of 4.993 kg for ∆Vesc,mg, 0.459 kg for ∆Vstab,mg and 0.273 kg for reaction control. The
total propellant volume is 4218.6 cm3. Four elliptical dome ended cylindrical tanks are used
to accommodate the propellant and each has a volume of 1160.1 cm3 including a 10% ullage.
The tank dimensions are 9.4 cm diameter and 18.05 cm height. The tanks are designed for
a burst pressure of 3.9 MPa and a nominal feed pressure of 2.2 MPa. A pressuriser tank
with a volume of 492 cm3 containing gaseous nitrogen at 28 MPa is designed to maintain the
propellant tank pressure. The total feed system volume is 8U and the corresponding dry mass
is 0.784 kg (including the pressurant gas mass). The overall mass of the chemical propulsion
system is 6.91 kg, which is 21.59% of the initial spacecraft mass of 32 kg.

The spacecraft is injected into a 295 km × 90,000 km orbit. The high-thrust trajectory is
executed in multiple burns to raise the orbit and then perform a final manoeuvre to achieve
Earth escape. Six burns are executed about the perigee for a burn duration of 598.6 seconds
each. The burn duration is split equally before and after the perigee. The cumulative thruster
burntime is 3591.6 seconds. The overall flight time until reaching eccentricity e = 1 is 792.73
hours (∼33.03 days). An additional ∼ 30 days is assumed as the coasting period until the
Earth’s sphere of influence is reached.

The design of electric propulsion system is based on the requirements placed on maximum
transfer time and maximum power consumption. Constraints are placed on the total sys-
tem mass and consideration is also given to the accommodation of the propellant within the
CubeSat structure. The design strategy is illustrated in Figure 6-1 (green part). The type
of electric propulsion system chosen for design is a miniaturised inductively-coupled radiofre-
quency gridded ion thruster using iodine propellant. Iodine propellant is chosen for its high
density (4940 kg/m3) and compact storability due to its existence in solid state in standard
conditions. Additionally, in comparison with xenon, iodine is low-cost, abundant and yields
a similar performance. The thruster has a diameter of 2.5 cm and a length of 2.2 cm. The
plasma chamber volume is 10.79 cm3. The initial mass flow rate is maintained at 48 µg/s and
the grids are maintained at 2000 V potential difference for ion acceleration. The maximum
thrust yield is 1.492 mN and the maximum Isp is 3168 seconds, considering the maximum
input power of 67 W. The thrust and Isp increase/decrease with increasing/decreasing input
power, which in turn depends upon the Sun–spacecraft distance. The total propellant mass
amounts to 5.87 kg, with a break down of 4.892 kg for time-optimal heliocentric transfer, 0.178
kg for low-thrust circularization, and ∼16% margin for contingency and station-keeping. A
thermoplastic propellant tank with a volume of 1308 cm3 and dimensions of 20 cm × 10 cm
× 6.54 cm is used to store the propellant. Including the PPCU and the feed system, the
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overall volume amounts to 3U. The overall system mass is 6.57 kg, which is 20.53% of the
initial spacecraft mass of 32 kg.

The thruster performance in terms of T and Isp vs input power is utilised to solve an optimal
control problem to optimise the heliocentric trajectory and ballistic capture. Time-optimal
continuous thrust technique and fuel-optimal bang-bang control techniques were investigated
and the time-optimal solution was chosen since the difference was 100 days of lesser flight
time for a penalty of 0.4 kg propellant mass. The total time of flight is 1250 days with a
continuous thrusting period of 1186.83 days. The cumulative ∆V is 5.837 km/s. The amount
of revolutions around the Sun to reach Mars from Earth is 3. After ballistic capture, low-
thrust circularization emplaces the spacecraft at a 60,000 km circular orbit about Mars, which
takes 159.66 days and consumes 0.178 kg.

Overall, the combined chemical–electric propulsion systems weigh 13.48 kg, which is ∼42.12%
of the initial spacecraft wet mass of 32 kg. They occupy a total volume of 11 U in a 16U space-
craft. The end-to-end transfer time of orbit raising and Earth escape, low-thrust deep-space
cruise and ballistic capture, high-thrust Mars stabilisation and finally low-thrust circulariza-
tion is 1472.69 days, which is ∼4.035 years. The requirements for the total propulsion system
mass and the total transfer time are satisfied.

6-2-2 On the concurrent systems–trajectory design framework

This section aims to answer the research question,

1. How can the low-thrust propulsion system and trajectory be concurrently optimised?

Short answer: Low-thrust propulsion system and the trajectory can be concurrently op-
timised by designing a framework in which the control parameters that dictate the thruster
performance and the control parameters that dictate the orbital propagation are optimised
together to satisfy the boundary conditions and constraints. This shall lead to a more com-
prehensive mission design.

Explanation: The concurrent optimisation strategy involves the use of control paramet-
ers that directly affect the thruster and the trajectory. Nominally, in low-thrust trajectory
optimisation problems, the thrust T is used as a control parameter. However, the key para-
meters that determine the thrust and subsequently the entire thruster physics are not taken
into account. The concurrent optimisation strategy incorporates these control parameters
which have a direct influence on the thruster performance, which consequently affects the
trajectory. In total, there are 5 control parameters, 3 for the thruster and 2 for the trajectory.
The thruster control parameters are the grid voltage Vgrid, mass flow rate ṁ0, and the input
radiofrequency power PRF . The trajectory control parameters are the two thrusting angles
which determine the direction of thrust: azimuth angle α and elevation angle β.

First, the thruster performance envelope must be defined. In the current application case, the
performance parameters thrust T , specific impulse Isp, and total power Ptot are calculated
for ranges of Vgrid, ṁ0 and PRF . The state vector and the control vector are defined and the
equations of motion are written. The specific force due to thrust, as a function of the control
parameters, is incorporated into the dynamics. The initial and final boundary conditions are
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defined along with the constraints and the objective. The initial state comprises the initial
position that is the Earth sphere of influence and the initial velocities and spacecraft mass.
The final state comprises the final position and velocity at a target point, which shall lead to
a ballistic capture at Mars. The critical constraint here is the power constraint. The total
power calculated using the thruster control parameters shall be less than or equal to the
maximum allowable thruster power input. The objective is the minimisation of time.

Simple shooting technique is used to transcribe the optimal control problem into a non-linear
programming problem. The total flight time is discretized into a series of nodes and the
initial guesses for the control parameters at each node are supplied. The spacecraft equations
of motion are integrated over the flight time, i.e. ‘shooting’ is performed. The error in the
boundary conditions are evaluated. Using an NLP solver, the control parameters are then
adjusted until the constraints are satisfied and the boundary conditions are met. The steps
are repeated until an optimal solution is found.

The techniques used in this analysis are crucial for the future implementation of a more robust
framework that concurrently optimises the thruster operation and the low-thrust trajectory.
This introduces a direct and a flexible control capability to the spacecraft. The thrusting
performance of the thruster is determined by these control parameters. The knowledge of the
control parameters that directly control the thrusting performance is crucial as this informa-
tion can be fed into the control algorithms in the on-board computer such that the spacecraft
can be operated autonomously and with flexibility.

6-2-3 Recommendations to spacecraft designers

One of the primary objectives of this work is to provide a design framework and solution
of propulsion systems such that spacecraft designers can focus their development efforts on
enabling the technologies that are required to achieve stand-alone CubeSat missions like
MARIO.

The main ‘take aways’ from this research work are:

I The design of propulsion systems for stand-alone deep-space CubeSats is heavily mis-
sion dependent. The primary factors that influence the design are the initial injection
orbit, the final target, and the design constraints. For a 16U CubeSat that is launched
into a high-energy Earth orbit, the most suitable solution is the combined chemical–
electric propulsion system that enables a hybrid high-thrust–low-thrust transfer traject-
ory thereby balancing flight time and system mass.

I The design solution achieved in this work for the combined chemical–electric propul-
sion satisfies the requirements and yields a feasible solution for a stand-alone CubeSat
mission to Mars.

I The choice of propulsion system type is crucial. CubeSats are secondary payloads
and the usage of green propulsion becomes imperative in order to protect the primary
payload and to avoid self-damage. Additionally, CubeSat design philosophy involves
simplified systems design and operation. This reduces cost and complexity, thereby en-
suring affordability and reliability. Monopropellant systems are well suited for missions

Doctor of Philosphy Thesis Karthik Venkatesh Mani



116 Closure

involving Earth escape. They provide a high performance while having relatively low
complexity. Usage of chemical propulsion ensures swift escape, thereby significantly
reducing radiation damage.

I Electric propulsion and low-thrust trajectory design is the most crucial aspect of stand-
alone CubeSat mission design. A high specific impulse system ensures significant
mass savings and a compact propellant ensures significant volume savings. Gridded
ion thrusters utilising iodine propellant are highly suitable for this class of missions.
Precision control of the trajectory is enabled through low-thrust propulsion and the
achievement of the target is guaranteed.

I Ballistic capture at the target planet must be exploited in stand-alone CubeSat missions
since the natural dynamics ensure that there is no propellant mass required to achieve
a successful capture.

I The design framework for concurrent low-thrust propulsion and trajectory optimisa-
tion is crucial for enabling direct control over spacecraft motion. This paves the way
for a comprehensive design of the thruster and the mission, and enables flexible and
autonomous operations in future.

I Enabling combined chemical–electric propulsion system shall lead to a major paradigm
shift in solar system exploration efforts using CubeSats at a very high science-to-
investment ratio. Although the risk is higher than that of traditional interplanetary
missions, the gain is significantly high.

Multiple points of improvement can be addressed in the further stages of research. Firstly,
chemical propulsion system design could be further refined by performing in-depth CFD ana-
lyses and experiments to determine the full-scale system performances. A combined analysis
of chemical propulsion and attitude control system is required for optimising operations. Al-
though there are reaction wheels and reaction control systems that can handle a ∼3 N thrust
on small spacecraft, a detailed analysis would be useful for fine-tuning the throttle control.

Electric propulsion systems utilising iodine propellant are at their nascent stage of develop-
ment. A higher level of system maturation and space qualification is yet to be achieved. Full
particle-in-cell (PIC) or Hybrid fluid–PIC simulations that give in-depth information about
the plasma processes in the ion thruster will be immensely helpful. This increases the fi-
delity of the thruster model and subsequent concurrent optimisation of the thruster and the
trajectory.

6-3 Reflections of the author

During this work, the first issue encountered was the setting up of specific goals that had a
good scientific value and achievable within an acceptable time frame. Design, development,
testing and integration of chemical propulsion and electric propulsion for a CubeSat that
goes all the way from Earth to Mars while being stand-alone is a near herculean task as the
scope of investigation is extensively broad and deep. Indeed, the development of each of these
individual systems itself requires a dedicated doctoral research.
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Thus, it was decided to pursue a key scientific objective of providing a design solution for
combined chemical–electric propulsion along with hybrid high-thrust–low-thrust trajectories
such that a feasible solution in terms of system mass and flight time could be achieved for a
CubeSat that shall travel from Earth orbit to Mars. This work was deemed feasible within
the time frame and would provide a very good starting point for any future research on stand-
alone interplanetary CubeSats. Transposing the knowledge of the propulsion system design
for spacecraft designers and propulsion system developers was seen as an important step that
shall drive the industry to enable the required technologies.

Context to the research is crucial since the scope of interplanetary CubeSats is broad. The
research was pursued with an ambitious mission in mind, albeit sensible and potentially
feasible. The mission definition involved multiple feats that have never before been achieved
by CubeSats. First, no CubeSat has achieved Earth escape by itself. Second, no CubeSat has
pursued an autonomous heliocentric transfer, especially after achieving that Earth escape.
Third, no CubeSat has achieved a ballistic capture at a planet and finally, no CubeSat has
ever been placed on an operational orbit about Mars. The goal of this research was set to
enable a CubeSat mission to achieve these feats.

As the design process proceeded, different options were considered for the type of propulsion
systems and the depth of analysis required. It became clear that for chemical propulsion
system, a thermochemical calculations and performance analysis would lead to a design solu-
tion of sufficient depth and accuracy that shall fit the scope of the overall analysis. The
high thrust trajectory simulations, with the assumptions of a two-body problem, would then
be sufficient to provide system sizing solution required. The design and sizing parameters
were calculated using the standard design principles. Although CFD simulations would have
helped shed more light on the thruster physics, the objectives of the work and the timeframe
in which these objectives need to be achieved as well as the usefullness in the current scope
of analyses gave an impression that this should be reserved for the future.

For the electric propulsion system, basic performance equations were not sufficient to properly
model the thruster. Initially, a linear model was assumed for the thrust and the specific
impulse with fixed efficiencies and the trajectory was simulated. However, the author was not
satisfied with depth of the analysis with linear models. Thus, it was decided to implement a
global performance model using iodine which represented the thruster physics much better.
Very good insight was obtained while modelling the plasma processes and subsequently the
thruster performance w.r.t. input power. The trajectory optimisation tool used is DIRETTO
and the thruster performance was incorporated through a curve-fit. Although it was not
guaranteed to yield the desired results, it was a pleasant feeling when the final trajectory
computations yielded the results that the author had hoped for.

Regarding the concurrent optimisation, the author aimed to implement a simplified but ef-
fective algorithm to demonstrate that the thruster and the trajectory can indeed be op-
timised concurrently. Although the best outcome would have been a direct implementation
into DIRETTO, the structure in which DIRETTO was coded made the incorporation way
too complicated. Since the primary focus from the initial point was on propulsion systems
design, a complete redesign of DIRETTO for this particular was seen as cumbersome and
eventually not yielding extraordinarily improved results. Although some more robustness
could be applied, such as the inclusion of ephemeris model, the approach to the analysis was
seen as sufficient for the purpose of demonstration.
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The author definitely had the idea to do a complete and end-to-end systems and trajectory
optimisation. That is, from the start point to the end point every single aspect of chemical and
electric propulsion systems as well as the high-thrust and low-thrust trajectories incorporated
into a monolithic optimisation scheme. However, it was found that some parts of analyses
required different software and different techniques. No single programming platform could
handle the enormity of all-inclusive framework. The scales of dynamics and optimisation are
vastly different and a complete incorporation would result in an inefficient scheme that yields
inaccurate results and would consume exceptionally large computational resources as well
as time. Of course, an all-encompassing optimisation scheme sounds immense and ground
breaking, but considering practicality, the creation of such a framework that yields accur-
ate and globally optimised results while consuming limited computational resources seems
phantasmagorical, at least at the time of this work.
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List of Acronyms

ADN Ammonium dinitramide

CG Cold Gas

CP Chemical Propulsion

COTS Commercial off-the-shelf

DIRETTO DIRect colocation Tool for Trajectory Optimization

EP Electric Propulsion

ESA European Space Agency

FEEP Field Emission Electric Propulsion

GIT Gridded Ion Thruster

HAN Hydroxylammonium nitrate

HET Hall Effect Thruster

HPGP High performance green propulsion

HRE Hybrid Rocket Engine

HTPB Hydroxyl-terminated polybutadiene

JPL Jet Propulsion Laboratory

LEO Low-Earth Orbit

LRE Liquid Rocket Engine

MarCO Mars Cube One

M-ARGO Miniaturised - Asteroid Remote Geophysical Observer
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MARIO Mars Atmospheric Radiation Imaging Orbiter

NASA National Aeronautics and Space Administration

NLP Non-Linear Programming

PPCU Power Processing and Control Unit

SRM Solid Rocket Motor

SRP Solar Radiation Pressure

TRL Technology Readiness Level

List of Symbols

α Azimuth angle for thrusting
αd Nozzle divergence angle
β Elevation angle for thrusting
βg Grid transparency for neutral gas
βi Grid transparency for ions
ηc Combustion efficiency
ηm Mass utilization efficiency
ηn Nozzle efficiency
ηp Thruster power efficiency
ηtot Total efficiency
Γ Particle flux [1/m2s]
κ Thermal conductivity [W/mK]
κB Boltmann constant [J/K]
Λ0 Heat diffusion length [m]
µ Gravitational parameter of Earth [km3/s2]
Ωel Rate of electron-neutral elastic collisions [W/m3]
Ωin Rate of ion-neutral elastic collisions [W/m3]
ε Expansion area ratio

∆H0
f Heat of formation [kJ/mol]

ṁ Mass flow rate [kg/s]
R Resistance [Ω]
Tc Combustion temperature [K]
Te Electron temperature [K]
Tg Neutral gas temperature [K]
M Molecular mass [amu]
A Ion thruster cross sectional area [m2]
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Ac Combustion chamber area [m2]
Ae Nozzle exit area [m2]
Aeff1 Effective area for ion wall neutralization [m2]
Aeff Effective area for ion and electron wall losses [m2]
Ag Grid area for neutral gas [m2]
Asr Surface recombination area [m2]
Asurf Total surface area [m2]
At Nozzle throat area [m2]
c∗ Characteristic velocity [m/s]
CF Coefficient of thrust
Dc Chamber diameter [m]
Dt Nozzle throat diameter [m]
e Electron charge [C]
E Plasma process potential [J]
Ee Electron energy [J/m3]
Eg Neutral gas energy [J/m3]
F Force [N]
g0 Gravitational accelemration [m/s2]
hL, hR Edge-to-centre plasma density ratios
I Total impulse [Ns]
Ibeam Beam current [A]
Isp Specific impulse [s]
K Collision rate factor [m3/s]
k Specific heat ratio
L∗ Characteristic length [m]
Lc Chamber length [m]
Lcon Nozzle constriction length [m]
LN Nozzle divergent part length [m]
m Mass [kg]
m0 Initial mass [kg]
mf Final mass [kg]
mp Propellant mass [kg]
n Particle number density [1/m3]
P Power [W]
p Plasma process power [W/m3]
Pa Ambient pressure [Pa]
Pc Combustion chamber pressure [Pa]
Pe Nozzle exhaust pressure [Pa]
Q0 Particle flow rate [Pa]
qth Rate of thermal diffusion [W/m3]
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R Radius [m]
r Spacecraft distance [km]
Ru Throat longitudinal radius [m]
Rgas Gas constant [kJ/kmol−K]
T Thrust [N]
tb Burn time [s]
ts Residence time [s]
u Throttle factor
uBohm,i Ion bohm velocity [m/s]
V Plasma chamber volume [m3]
Vc Combustion chamber volume [m3]
ve Exhaust velocity [m/s]
vg Gas velocity [m/s]
vbeam,i Ion beam velocity [m/s]
ve,eff Effective exhaust velocity [m/s]
vi Ion velocity [m/s]
Vs,c Specific volume at combustion chamber [m3/kg]
Vs,t Specific volume at throat [m3/kg]
w Particle number density rate due to plasma processes [1/m3s]
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