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Abstract

In this study, a groundbreaking tool for preliminary design, focusing on mass and power
budgets, has been developed for general-purpose GEO satellites. This tool holds immense
value for both commercial and research domains, providing a rapid overview of the overall
budgets for various satellite types intended for operation in GEO orbit, including those
outside the conventional applications like Communications, Navigation, and Meteorology.

The tool addresses a critical gap in current data availability, particularly for non com-
munication satellites in GEO, making it an essential asset for the design and analysis
of diverse satellite missions. It extracts relevant subsystem budget data from the liter-
ature, assuming that certain features and dimensions of classical GEO satellites remain
consistent. The Propulsion Subsystem and the Electric Power Subsystem are explicitly
modeled, requiring user input for various parameters, along with payload mass and power,
which play a pivotal role in determining the satellite class.

The thesis comprises a literature review, offering insights into existing tools and studies
related to GEO satellite mass and power budgets. The main body provides a concise
overview of the modeled subsystems, the algorithm’s functioning, and the tool’s validation.
The concluding section features several case studies, including hypothetical applications
of the tool in designing In-Orbit Servicing missions, drawing inspiration from NASA
projects.
Keywords: GEO, In-Orbit servicing, mass budget, power budget, system engineering,
system design





Abstract in lingua italiana

In questo studio è stato sviluppato uno strumento innovativo per la progettazione prelim-
inare di satelliti GEO ad uso generale, con un focus su budget di massa, potenza e costi.
Questo strumento è di grande valore sia per il settore commerciale che per quello della
ricerca, fornendo una panoramica rapida dei budget complessivi per vari tipi di satelliti
destinati all’orbita GEO, inclusi quelli al di fuori delle applicazioni convenzionali come
Comunicazioni, Navigazione e Meteorologia.

Lo strumento affronta una lacuna critica nella disponibilità attuale di dati, in particolare
per i satelliti non di comunicazione in orbita GEO, rendendolo un asset essenziale per
la progettazione e l’analisi di diverse missioni satellitari. Estrae dati rilevanti dal bud-
get dei sottosistemi dalla letteratura, assumendo che alcune caratteristiche e dimensioni
dei satelliti GEO classici rimangano coerenti. I sottosistemi di propulsione e di alimen-
tazione elettrica sono esplicitamente modellati, richiedendo l’input dell’utente per vari
parametri, insieme a massa e potenza del carico utile, che giocano un ruolo cruciale nella
determinazione della classe del satellite.

La tesi comprende una revisione della letteratura, offrendo approfondimenti sugli stru-
menti esistenti e sugli studi correlati ai budget di massa e potenza dei satelliti GEO. Il
corpo principale fornisce una panoramica sintetica dei sottosistemi modellati, del funzion-
amento dell’algoritmo e della validazione dello strumento. La sezione conclusiva presenta
diversi casi studio, che includono applicazioni ipotetiche dello strumento nella proget-
tazione di missioni di servicing in orbita, che prendono ispirazione da progetti della NASA.
Parole chiave: Orbita Geostazionaria, Dimensionamento preliminare, Budget di massa,
Budget di potenza, Ingegneria dei sistemi, progettazione di missione.





v

Contents

Abstract i

Abstract in lingua italiana iii

Contents v

Acronyms 1

Introduction 3

1 A review on statistical Preliminary Design 5
1.1 FADSat: a first try of statistical model for preliminary design . . . . . . . 6
1.2 System Analysis and Design of the Geostationary Earth Orbit All-Electric

Communication Satellites . . . . . . . . . . . . . . . . . . . . . . . . . . . 9
1.3 Dataset summary and models comparison . . . . . . . . . . . . . . . . . . 11

2 Satellite model 15
2.1 Main assumptions . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 17
2.2 System first estimate . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 20
2.3 Model limitations . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 22
2.4 Subsystems sizing . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 23

2.4.1 PS . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 23
2.4.2 EPS . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 28
2.4.3 Statistical sizing . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 30

2.5 Margin philosophy . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 34

3 Validation 37
3.1 Chemical and hybrid satellites . . . . . . . . . . . . . . . . . . . . . . . . . 38

3.1.1 Input . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 39
3.1.2 Communication satellites . . . . . . . . . . . . . . . . . . . . . . . . 41



3.1.3 Non communication satellites . . . . . . . . . . . . . . . . . . . . . 43
3.2 All-electric satellites . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 45

3.2.1 Input . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 46
3.2.2 Communication satellites . . . . . . . . . . . . . . . . . . . . . . . . 47
3.2.3 Out-of-Database Satellites . . . . . . . . . . . . . . . . . . . . . . . 49

4 Case studies 51
4.1 Mission scenario 1 . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 51

4.1.1 Mission Details . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 51
4.1.2 System description . . . . . . . . . . . . . . . . . . . . . . . . . . . 53
4.1.3 Input . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 54
4.1.4 Results comparison . . . . . . . . . . . . . . . . . . . . . . . . . . . 56
4.1.5 Propulsion trade-off . . . . . . . . . . . . . . . . . . . . . . . . . . . 57

4.2 Mission scenario 2 . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 60
4.2.1 Mission Details . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 61
4.2.2 System Description . . . . . . . . . . . . . . . . . . . . . . . . . . . 61
4.2.3 Input . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . 64
4.2.4 Results comparison . . . . . . . . . . . . . . . . . . . . . . . . . . . 65

5 Conclusions and future developments 67

Bibliography 71

List of Figures 77

List of Tables 79

Acknowledgements 81



1

Acronyms

ADCS Attitude Determination and Control Subsystem. 5, 10, 18–20, 31, 33, 62, 63, 68

AR&C Autonomous Rendez-vous and Capture. 51–58, 61, 62, 64

DARPA Defense Advanced Research Projects Agency. 54

DOF Degree of Freedom. 54

ECSS European Cooperation for Space Standardization. 34

EPS Electric Power Subsystem. 3, 10, 16, 59

ESA European Space Agency. 34

FREND Front-end Robotics Enabling Near-term Demonstration. 54

GEO Geostationary orbit. 3–5, 9, 10, 12, 17–19, 26, 28–33, 35, 37, 38, 40, 43, 46, 49, 51,
52, 55, 57–60, 62, 65–67, 69, 79

GOES Geostationary Operational Environmental Satellite. 51, 55

GTO Geosynchronous Transfer Orbit. 10, 26, 28, 29, 40, 47, 57–60, 65, 69, 79

IDL Integrated Design Laboratory Robot Arm. 54

IOS In Orbit Servicing. 3, 4, 9, 12, 18, 19, 22–24, 37, 43, 51, 59, 65, 67, 68

LIDAR Laser Imaging Detection and Ranging. 53

NASA National Astronautics and Space Administration. 4, 51–53, 55, 56, 60, 61, 63,
65, 67, 77

NIST National Institute of Standards and Technology. 27

OBDH On Board Data Handling. 18–20, 31, 33



2 | Contents

P/L Payload. 32, 33

PPU Power Processing Unit. 27

PS Propulsion Subsystem. 3, 22, 26, 49, 59

SDM Statistical Design Model. 8, 11, 37, 38, 77

SDO Solar Dynamics Observatory. 51, 55

SMAD Space Mission Analysis and Design. 3, 10, 17, 31, 32, 37, 44, 45, 79

SMOC Servicing Mission Operations Center. 52, 55

SPENVIS SPace ENVironment Information System. 69

TCS Thermal Control Subsystem. 5, 17–19, 30

TTMTC Tracking, Telemetry and Telecommmand Subsystem. 17, 18, 30, 31, 68

TWTA Travelling Wave Tube Amplifier. 39



3

Introduction

The aim of this thesis is to provide Systems Engineers with a practical tool for deter-
mining preliminary mass and power budgets when designing satellites in Geostationary
orbit (GEO). The New Space Economy’s expansion has led to the need for satellites,
including those for In Orbit Servicing (IOS), in GEO orbit. These satellites differ in di-
mensions and power consumption from traditional Telecommunication satellites in GEO.
Currently, there is a lack of literature that enables accurate estimation of subsystems’
mass and power for this new class of spacecraft. This knowledge gap hampers the de-
velopment of innovative missions in the private sector, acting as a barrier to growth for
private companies in the Space industry. Additionally, even when a significant number
of new concept satellites are launched, data may not be available due to the competitive
advantage they provide to the owning company.

Commonly used methods for preliminary parametric design of GEO satellites rely on sta-
tistical approaches, as detailed in the next section. In this work, an analytical approach
is applied to the most crucial subsystems (EPS, PS) due to their sensitivity to the fi-
nal architecture budgets. The statistical approach is used for subsystems that do not
significantly differ from Telecommunication Satellites from a conceptual standpoint.

Typical statistical regressions from GEO satellites datasets, as found in references such
as the Space Mission Analysis and Design (SMAD) book[64], are insufficiently accurate
for preliminary sizing if the mission’s purpose differs significantly from the known mission
concepts. For instance, in a IOS refueling mission, the payload is the fuel to be delivered to
the client satellite, having no power consumption. Existing statistical regressions linking
payload mass and total power do not account for powerless payloads, leading to inaccurate
relations.

This thesis introduces an iterative method that utilizes payload mass, power, and a com-
bination of statistical regressions from previous works in the initial iteration. Subsequent
steps refine the budget with Electric Power Subsystem (EPS) and Propulsion Subsystem
(PS) sizing, employing designated inputs and assumptions derived from commonly used
GEO platforms, aiming for convergence between consecutive iterations. This iterative
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approach grants system engineers the freedom to adjust tool settings and assumptions,
allowing customization to specific needs and easy tracing of parameter effects. Unlike
multidisciplinary optimization or AI-generated solutions, this approach provides flexibil-
ity and maintains validity even with limited information about payloads. Variance analysis
on inputs can be performed to identify potential errors due to reverse engineering of the
payload without compromising validity.

This tool aims for higher accuracy than existing statistical relations, demanding more
inputs for common mission concepts. However, its primary advantage lies in its flexibility,
allowing evaluation of new concept satellites and resulting in lower average relative errors
in preliminary sizing compared to conventional methods.

The thesis is structured as follows:
In the first chapter, a review of existing statistical preliminary design tools for GEO
communication satellites and a brief mention of other analytical preliminary design tools.
Additionally, a comparison of chosen statistical relations based on a 30-satellites dataset
is provided.

The second chapter offers an overall presentation of the algorithm and introduces modeling
equations for EPS and PS subsystems, along with related assumptions. Statistical data
for other subsystems and associated assumptions are also discussed.

In the third chapter, the tool is tested, and results are presented, including a comparison
with existing statistical relations relevant to the study’s scope.

The fourth chapter explores two different case studies on possible In Orbit Servicing
(IOS) missions, including a deorbiting mission and a refueling mission. A comparison
with budgets obtained by a National Astronautics and Space Administration (NASA)
expert team for the two cases is provided. The chapter concludes with the development
of a different mission concept and a final trade-off analysis on propulsion type and launcher
insertion orbit. The cases report different levels of payload masses.

Finally, the fifth chapter presents conclusions and outlines potential future developments.
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1| A review on statistical

Preliminary Design

Traditionally, the preliminary design of satellites relies on existing literature and data
pertaining to satellites within the same category. Attempts to create codes for estimating
subsystem budgets have predominantly followed a statistical design approach. However,
these methods lose their validity when applied to satellites like In-Orbit servicing ones,
which serve a radically different purpose and feature payloads distinct from those in the
GEO database used for the model.

In the conventional design approach for complex systems, companies organize engineering
groups aligned with specific disciplines, parts, or processes contributing to the system’s
development. These groups typically have authority over design issues within their do-
mains and employ their own methods and software tools. Interfaces are often determined
by experts and provided manually, especially in companies lacking concurrent design fa-
cilities. Consequently, true concurrency in the design process is not fully achieved, as the
design of different elements proceeds sequentially. Even when concurrent design facilities
are available, interactions between factors (i.e., design variables), customer requirements,
and optimization goals are challenging to detect if factors are tested using an unstructured
trial-and-error approach, one factor at a time[48].

Some works have proposed mathematical models to analyze complex subsystems and
examine their mutual interactions. For instance, in one such work, authors introduced a
structured parametric approach employing fractional factorial design, response surfaces,
and statistical analysis of variance to provide the design team with graphical information
on factor main effects, interactions, sensitivity to factor variations, and robustness of
different architectures during early development stages[48]. However, for the purposes
of this thesis, a detailed mathematical model of interactions among all subsystems may
be redundant due to common features shared by subsystems like Attitude Determination
and Control Subsystem (ADCS) and Thermal Control Subsystem (TCS) in satellites of
the same class, once the orbit (in this case, GEO orbit) is selected.
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In this context, a more in-depth analysis was conducted on publications enabling a sta-
tistical preliminary design of GEO satellite budgets. The aim was to extract statistical
relations essential for determining the algorithm’s exit condition and for subsystems not
analytically modeled. Notable works in this area include "FADSat: A system engineering
tool for the conceptual design of geostationary Earth orbit satellites platform" and "Sys-
tem Analysis and Design of the Geostationary Earth Orbit All-Electric Communication
Satellites"[34, 41]. These publications provided valuable insights into statistical relations
crucial for the algorithm’s functioning and handling non-analytically modeled subsystems.

1.1. FADSat: a first try of statistical model for pre-

liminary design

Regarding the increasing utilization of satellite platforms in geostationary orbit, a system
engineering tool named FADSat[34] has been developed to streamline the conceptual
design phase, thereby reducing the prohibitive costs and time associated with it. FADSat
is capable of designing geostationary Earth orbit satellite platforms within the mass range
of 1000–7000 kg. The key feature of FADSat lies in its ability to determine the conceptual
design of the satellite platform with high efficiency and acceptable accuracy.

FADSat facilitates the extraction of structural characteristics, attitude determination and
control parameters, command and data handling specifications, electrical power require-
ments, and other subsystem details of a satellite. Initially, the tool employs a statistical
design model to provide a rough estimation of the satellite design, swiftly extracting bud-
gets for subsystem mass, power, dimensions, and satellite cost. Subsequently, it utilizes
a parametric design model approach for a more precise subsystem design, establishing
component specifications from a catalog of products and corresponding manufacturers.

In this tool, the design for a GEO mission architecture starts with a statistical design
approach to obtain initial budgets. Subsequently, a parametric approach is applied specif-
ically to the EPS and PS subsystems. Unlike the FADSat model, where the statistical
model was used for the first draft of every subsystem, this approach combines statistical
estimation of mass and power for various subsystems with parametric design for EPS and
PS subsystems.

The linear regressions employed in this work are based on a database comprising 462
geostationary Earth orbit communication satellites (representing 30 different geostation-
ary Earth orbit satellite platforms) launched between 2000 and 2017, ranging from 1000
to 7000 kg in total mass[34]. The statistical design model developed in this framework
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is also used as a reference for validating the tool, with some of its relations integrated
into the algorithm. This integration enhances the precision of the output and flexibility in
modeling various satellite types beyond communication satellites. The statistical relations
developed are presented in Figures 1.1 and 1.2.

Figure 1.1: System level statistical relations (left) and the relative notation (right). [34]
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Figure 1.2: Subsystem level statistical relations. [34]

The Figures 1.1 and 1.2 also reveal that deviations from the trend within the population
are modeled as feedback relations if the trend remains consistent. Specifically, system
relations linking payload mass to total mass and power, as well as relations between the
number of transponders and payload mass, are utilized to extract information that is
challenging to obtain directly from literature. However, the thesis does not analyze the
cost and volume of the satellite.

The correlation coefficients, as shown in Figure 1.3, validate the presented relations and
justify their usage in this work.

In the current paper, the Statistical Design Model (SDM) serves as the initial phase of
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the design process. The obtained results are then optimized in the parametric design
model, constituting the second part of the algorithm. Through a Graphic User Interface,
the engineer refines the design by adjusting parameters selected as degrees of freedom
for each subsystem model. Finally, the engineer selects hardware components from the
dataset of the tool. This approach allows for a swift and detailed Phase A design of
a Geosynchronous orbit communication satellite, with relative errors evaluated through
case studies not exceeding 20%[34]. However, this level of detail is beyond the scope of
this work, which primarily focuses on conducting rapid and robust design assessments to
investigate the main effects of high-level trade-off studies. These trade-offs are intended
for mission analysis, mission operations, and propulsion system type considerations for a
generic IOS Mission, once the payload specifications are known.

Figure 1.3: Correlation coefficients of FADSAT Statistical Design Method.[34]

1.2. System Analysis and Design of the Geostation-

ary Earth Orbit All-Electric Communication Satel-

lites

In this paper, a dataset comprising 70 Geostationary communication satellites launched
between 2015 and 2018 has been analyzed [2]. Statistical relations to estimate mass,
power, and cost of all-electric GEO satellites were derived from this dataset. While
the dataset included chemical and hybrid satellites, the relations found were specifically
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applicable to all-electric satellites.

The author employed a statistical design method to extract overall satellite characteristics.
In a subsequent phase, an optimal Electric Propulsion subsystem, along with ADCS and
Electric Power Subsystem (EPS) subsystems, was sized for the satellites using established
techniques in Space Mission Analysis and Design. The system analysis was validated using
SMAD[64] book percentages of various subsystems’ masses and powers, demonstrating a
maximum error of 30% compared to real cases. Several test case satellites present in the
dataset were considered in the analysis.

Following the dataset presentation, the paper evaluated the ∆V budget for orbit raising
from Geosynchronous Transfer Orbit (GTO) to GEO, station-keeping, and attitude con-
trol maneuvers. The results suggested the XIPS electric propulsion system produced by
Boeing, utilizing Xenon, as the optimal choice among the options considered.

The approach presented in this paper bears similarities to the GEOdesign Tool developed
in this thesis, differing in the higher number of required inputs and the non-automatic
design of the entire satellite. It provides insights into the typical trade-offs that can be
made using the developed tool in a fast and reliable manner. The statistical relations
retrieved and employed in this paper are utilized in the GeoDesign tool for system-level
analysis and computing payload characteristics for all-electric satellites. Their usage is
substantiated by the high correlation coefficient values, as depicted in Figure 1.4, in
conjunction with the relations’ effectiveness in the analysis.

Figure 1.4: Statistical relations and correlation coefficients for all-electric GEO commu-
nication satellites.[2]
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1.3. Dataset summary and models comparison

To compare the statistical relations on total mass and power found in the two articles, a
dataset comprising 30 satellites was created. This dataset consisted of 10 satellites from
the first statistical model (the names were not provided in the paper, but the maximum
errors obtained by the model were reported, enabling identification by applying the statis-
tical relations to satellites launched in the same period and verifying that the errors were
below the specified thresholds). Additionally, 10 satellites were selected from the second
statistical model, and another 10 satellites were chosen that did not belong to either of
the two models. These latter satellites were outside the datasets of the papers, due to the
launch date.

Figure 1.5: FADSAT SDM regression comparison with chemical and hybrid satellites.

Figure 1.6: [41] statistical regression comparison with all-electric satellites.
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The analysis of the datasets revealed that the first statistical model is better suited for
chemical and hybrid propulsion satellites, whereas the second model is most suitable
for all-electric satellites. This distinction becomes evident in Figure 1.5, where the red
dots and line represent chemical and hybrid propulsion satellites with the first model’s
statistical regression. In contrast, the blue dots and line in Figure 1.6 depict all-electric
satellites with the second model’s statistical regression. The entire dataset is presented in
Table 1.1. It is noticeable from the graphs that the linear regression of the entire satellite
database aligns more closely with the FADSAT linear regression due to the majority of
the population comprising chemical and hybrid propulsion satellites. This observation
underscores the necessity of separating the applications of the two statistical models.

Consequently, in the developed tool, the statistical relations connecting payload to satellite
budgets from the first model are utilized for the initial determination of total mass, total
power, and dry mass when the user selects chemical or hybrid propulsion. On the other
hand, the relations from the second paper are applied when electric propulsion is chosen.
The statistical relations linking dry mass and total power to the mass and power of
subsystems not modeled analytically in the first paper are used for both cases, assuming
that these relations do not vary significantly between the two scenarios.

It’s important to note that neither of these two system design techniques possesses the
required flexibility to design and appropriately size a spacecraft for GEO orbit for non-
communication purposes. Furthermore, the literature on IOS missions is insufficient to
obtain useful statistical relations for preliminary sizing. Other tools were investigated in
the present work[12, 19, 24, 26, 27, 32, 56, 66, 67], not intended for GEO IOS mission
sizing, but they were not worth to be explored deeper for the scope of the work. Conse-
quently, the demand for the newly created tool is substantial, given the increasing need
for IOS satellites in the coming decades.
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Table 1.1: Dataset used in the comparison. [2, 16, 25, 60, 63]

Satellite name Launch year Mtot(kg) Ptot(kW )
ABBASRAZEE DATASET
EUTELSAT 115 WEST B 2015 2205 8
ABS 3A 2015 1954 8
Ekspress AM8 2015 2100 5.9
ABS 2A 2016 2000 8
EUTELSAT 117 B 2016 1963 8
SES 15 2017 2302 8
Eutelsat 172 B 2017 3551 13
Angosat 1 2017 1647 3
SES 14 2018 4423 16
SES 12 2018 5300 19
SIMIL FADSAT
Bsat 3b 2010 2060 3
Vinasat - 1 2008 2637 4
Nilesat 201 2010 3200 5.7
Athena Fidus 2014 3080 5
Palapa D 2009 4100 6
Astra 1M 2008 5320 10
MbSat1 2004 4143 7.4
Eutelsat 70B 2012 5250 12
Nstar c 2002 1645 2.6
Inmarsat 4 F2 2005 5958 13
OUT OF BOTH DATASETS
Türksat 5A 2021 3500 12
Yahsat 1B 2021 6100 15
GSAT-11 2018 5854 13.6
Hispasat 30W-6 2018 6092 11.5
Inmarsat 5 F1 2013 6070 15
Anik F2 2004 5950 16
Measat 3b 2014 5897 16
Amos 3 2008 1263 1.7
Amos 4 2013 4250 6
Arabsat 5A 2010 4800 12
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To ensure a rapid and dependable design process, where it is feasible to monitor all
potential sources of uncertainties and make adjustments to key assumptions easily, an
iterative approach has been employed for the algorithm, as illustrated in Figure 2.1.

Figure 2.1: Algorithm workflow

The algorithm takes inputs as illustrated in Figure 2.1:

• Payload mass and power: These inputs are utilized to obtain an initial estimation of
satellite mass and power budgets. Statistical relations presented in sections 1.1 and
1.2 are applied for hybrid or chemical propulsion satellites and all-electric satellites,
respectively.
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• Total ∆V, propulsion type, propellant characteristics, number of thrusters, thrust
level (for electric propulsion only), and specific impulse: These inputs are employed
for sizing the Propulsion subsystem.

• Expected lifetime of the satellite: This is the sole external input for the EPS subsys-
tem, as state-of-the-art technologies have been pre-selected for its sizing, as detailed
in subsequent chapters.

Once the initial parameters are estimated, the calculated dry mass is used as input for
the Propulsion Subsystem sizing along with other external parameters. Assuming that
the payload and the propulsion modules are not used simultaneously, the peak power is
determined by comparing payload power with the propulsion subsystem power. The peak
power, along with the satellite’s expected lifetime, serves as input for the EPS sizing.

Additionally, the dry mass of the satellite and the bus power are used to evaluate the power
and mass of the remaining subsystems, utilizing statistical relations from literature. The
sum of power and mass for all subsystems provides updated total budget values. Between
these budgets, a distinction has been made. The total power of the satellites comprises
the payload power, the bus power of the satellites does not comprise the payload and
the electric thrusters power, and the peak power of the satellite can be equal to the total
power or higher, in case electric propulsion is utilized (the difference between total and
peak power is due to one of the assumptions listed in the section 2.1). The new values
of the peak power and of the dry mass are then compared with the previous ones. If the
relative error between the old and new values exceeds 1%, the updated values become the
new inputs for sizing, and the cycle repeats. This iterative process ensures accurate and
reliable design while allowing flexibility for adjustments based on changing assumptions.
The spacecraft subsystem models follow the scheme in the Figure 2.2.

Figure 2.2: Subsystems high level modeling.
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The complete workflow of the model is illustrated in Figure 2.1. The initial estimation
of the total budget will be elucidated in a dedicated section, 2.2. To enhance clarity,
a detailed explanation of the subsystems budgeting is imperative. The subsystems will
be categorized into those modeled using statistical sizing and those modeled employing
analytical sizing, as delineated by distinct colors in Figure 2.2.

2.1. Main assumptions

The main assumptions of the model can be summarized as follows:

• SMAD reference sizings: SMAD book reference sizings[64] are considered accu-
rate estimates for this design phase.

• Different relations for propulsion systems: All-electric satellites and chemi-
cal/hybrid propulsion satellites exhibit different relationships between payload and
total parameters. This aspect has been already analyzed in chapter 1.

• GEO orbit period: The period of the GEO orbit is assumed to be exactly 24
hours.

• Eclipse duration: There are 2 periods of the year in which the GEO spacecrafts
are in shadows, and in these periods the eclipse lasts 72 minutes per day [37]. So,
the duration of the eclipse is fixed at 4320 seconds.

• Total power estimation: Communication Payload power is initially estimated
to be 75% of the total power based on literature database [62]. As a consequence,
the bus power (here bus power is intended as the spacecrafts’ subsystems power
without the payload) is estimated to be 25% of the total power obtained by the
GEO statistical relations, as a first estimate. The correction is possible, because the
statistical relations link the total power to the dry mass and not the payload power.
The substitution of the real payload power in the overall budget enables to retrieve
the correct power also for the servicing satellites. The main assumption linked to
this one is the subsystem features consistency.

• Separation of subsystems: TTMTC subsystem is considered separate from the
payload in communication satellites. TTMTC and TCS units have consistent mass
and power across different mission profiles, primarily dependent on the chosen orbit.

• Payload utilization: Being the input payload a robotic arm, a refueling system,
or a communication payload, it is not utilized during the transfer phases, resulting
in the peak power of the satellite being in the nominal mode for chemical satellites
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or in the transfer mode for all-electric satellites.

• Technological advancements: Weight and power evolution of hardware due to
technological advancements are not considered. The input statistical relations take
partially into account the technological advancements made from 2000 to 2018 for
chemical satellites [34] and from 2015 to 2018 for electric satellites [41]. However,
the addition of proportional relations to make previsions for the increase or decrease
in the subsystem budgets, based on the production year of the satellites, represent
a further source of error for the scope of the tool, which is only intended for a
preliminary sizing. These relations can then be added by the user directly on the
outputs, based on the specific needs.

• 3-axis Stabilization: Satellites are assumed to be 3-axis stabilized, a hypothesis
supported by the prevalence of 3-axis stabilization in GEO satellite platforms [33, 38,
39, 58, 59]. This assumption aligns with GEO IOS mission architectures, where the
servicing phase requires a 3-axis stabilized satellite[22]. Itis further strengthened
by the peculiar mission needs, during the proximity operations, in which 3-axis
stabilization is a strict requirement.

• Subsystem Features Consistency: The features of the ADCS, TTMTC, TCS,
OBDH, and structural subsystems remain relatively consistent across satellites with
different propulsion systems and between communication satellites used for statisti-
cal analysis and IOS satellites equipped with robotic arms. The 3-axis stabilization
hypothesis for all satellites leads to similar ADCS architectures in terms of mass
and power with the use of star trackers and gyroscopes for attitude determination
and reaction wheels and thrusters for attitude control [33, 38, 39, 58, 59], irrespec-
tive of the mission objectives that could lead to different pointing budgets. Despite
some minor changes, due to the requirements on the wheel desaturation that may
be needed in case of orbit raising done with electric thrusters, the influence in the
mass and power budget does not affect the design heavily. In addition, differences
in the overall budgets between the chemical and electric case are already taken into
account for the first iterate of the tool, so this aspect is already taken into account
in the statistical data taken as reference.

For the TTMTC subsystem (which is considered separated from the communication
payload, in communication satellites), independence from mission type is assumed
once the orbit is selected (only GEO orbits are considered). While data rates may
vary between IOS and communication missions due to real-time telecommand re-
quirements for proximity operations, these differences do not heavily impact the
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overall subsystem architecture in terms of budgeting, given the consistent environ-
ment (GEO orbit). Communication satellites use C-band and Ku-band frequencies
for Telecommand and telemetry which ensures a similar level of power, with the use
of omnidirectional antennas for safe mode and directional parabolic antennas for
nominal modes [33, 38, 39, 58, 59]. Similar architectures are used for IOS satellites
already built [3, 22]. The addiction of a steering antenna to the servicer vehicle [22]
for improved communication during proximity operations, could however induce lit-
tle changes in the mass and power budgets, which are acceptable for the scope of
the tool.

Similarly, the OBDH subsystem, requiring autonomous operations in IOS missions,
may use more sophisticated software packages and experience higher data rates.
However, the resulting differences in mass and power have a limited impact on overall
budgets due to the subsystem’s small scale, like shown in the biggest spacecraft
management units which are in the order of 20 kg and 60 W [49].

The TCS subsystem depends solely on heat loads and orbital configuration in the
absence of a three-dimensional satellite configuration, in this case the GEO orbit
with no changes in the inclination. Additionally, the most thermally sensitive ele-
ments, the batteries, do not significantly differ between satellites, ensuring similar
boundary conditions.

The structural subsystem design lacks peculiarities and is independent of satellite
type once payload mass and subsystem masses are defined. Consistent design across
diverse satellite configurations is maintained, with distinctions primarily emerging
in the conceptual operations of the satellite.

• Proportional relations:

– Structure subsystem mass is considered proportional to the dry mass of the
satellite.

– ADCS mass and power are proportional to total mass and power due to the
need for larger reaction wheels as satellite dimensions increase. The right pro-
portional relation, would have had the inertial properties of the spacecraft as
inputs, however, this is impossible without a strong hypothesis on the configu-
ration of the satellite, which is not the scope of the tool at this stage. However,
the ADCS mass is based upon the mass and not on the inertial properties, to
avoid introducing a further source of error by supposing a certain shape and
mass distribution of the satellite. As the mass grows, contextually also the vol-
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ume of the spacecraft grows modifying partially the inertial properties. While,
the solar panels growth, is also partially taken into account by the mass growth,
because it is linked to the installation of more antennas and more transpon-
ders, resulting in more power. Therefore, it is conservative to suppose that
the modification of the inertial properties due to volume growth and due to
the solar arrays dimension growth, is partially taken into account by a direct
relation with the dry mass. An acceptable error is introduced due to the large
amount of satellites present in the dataset (462 [34]) from which the relations
are taken. This could lead to an overestimation of the ADCS subsystem for
non-communication satellites, due to the bus power hypothesis for which the
actual solar panels area can be lower than the solar panels area to which the
subsystem is linked by the statistical relation, if the payload power is much
lower than communication satellites typical power or it is zero. However, this
effect is mitigated by the iterative process and by the uncertainty related to
the relation itself.

– OBDH subsystem is proportional to dry mass and total power, reflecting the
increase in spacecraft dimensions, payload capability and in the housekeeping
data needed, that therefore are linked to an increase in the OBDH hardware
dimensions and power.

– Harness mass is proportional to the dry mass of the spacecraft, as referenced
in [17].

– Charging and Regulation power, separated from the EPS budget, is propor-
tional to total power and its mass is included in the harness mass. The charging
and regulation devices are mainly electronic components (chips, electrical in-
terfaces), so it is right to include them in the harness mass of the spacecraft,
due to the dimension and density to those elements associated.

2.2. System first estimate

As previously said, for the first estimate of the total budget of the system, different
relations are implemented depending on the type of propulsion system chosen by the
user. Given the payload mass and power in input, for a chemical or hybrid propulsion
satellite, the following set of relations, already reported in Figure 1.1, are employed.

Mtot = Mpay · 11.9− 415 (2.1)
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Where Mtot is the total mass of the satellite and Mpay is the payload mass.

Mdry = Mtot · 0.553 + 20 (2.2)

Where Mdry is the dry mass of the satellite.
Differently from [34], in the model here developed, also the payload power must be given
in input, so a correction is mandatory. For the total power estimate is introduced the
hypothesis that the payload power accounts on average for the 75% of the total power,
therefore an intermediate step of the calculation of the bus power is presented.

Pbus = (Mdry · 4.15− 1665) · 0.25 (2.3)

Where Pbus is the power of the satellite bus and the presence of the 0.25 factor has been
already explained. Finally, the total power of the satellite is derived.

Ptot = Pbus + Ppay (2.4)

Where Ptot is the total power of the satellite and Ppay is the payload power. As previously
noted, Ptot (which more correctly represents the power required by the satellite during the
payload activity mode) can be equal, in case of chemical propulsion, but also lower, in
case of electric propulsion, with respect to the peak power, Ppeak that will be used to size
the solar arrays. All the mass quantities are expressed in kg and all the power quantities
are expressed in W .
If the user choices the option of an all-electric satellite, the relations expressed in Figure
1.4 are implemented, following the same workflow of the previous ones and with the same
correction on the bus power applied.

Mtot = 1411 · exp(0.0008 ·Mpay) (2.5)

Due to the absence of a relation that directly links the dry mass to the total mass in the
set of equations shown in Figure1.4, but given the fact that this is only a first estimate and
subsequent iterations will refine this value, the equation 2.2 is used also for the all-electric
satellite dry mass estimation.

Pbus = (0.0034 ·Mtot + 0.9759) · 0.25 · 1000 (2.6)
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Where the factor 1000 derives from the fact that in the original set of equation the total
power is expressed in kW . From this value, the equation 2.4 is used to retrieve the power
of the nominal mode. Differently from the chemical satellites, here the power required by
the electric thrusters during the transfer mode is usually higher than the payload power.
As a consequence, the peak power will be retrieved with the addition of the PS power to
Pbus.

2.3. Model limitations

Even if the use of these relations can seem wrong, due to the different purpose of the
satellites in the dataset, however, the payload mass input lies between 130 and
650 kg for the chemical and hybrid satellites and between 140 and 1500 kg
for the all-electric satellites[2, 34]. The power budgeting of the subsystems may vary

Chemical and hybrid satellites All-electric satellites
INPUT

Payload mass 130-650 kg 140-1500 kg
Lifetime 5-18 years 5-18 years

OUTPUT
Total mass 1000-7000 kg 1600 - 5300 kg
Total power 410 - 19000 W 7000 - 19000 W

Table 2.1: First iteration input and output nominal limitations ([2], [34])

concerning an IOS satellite, but the fundamental assumption is that the final design of
the satellite bus will align with existing satellite platforms.

In the study by [34], upper and lower boundaries in dry mass and total mass for the
Statistical Design Model are provided, which will be incorporated into the present tool.
However, in [41], these limitations are not explicitly outlined; instead, the entire dataset
is presented in a related paper[2], excluding the payload power budget. It’s important to
note that the tool relies on subsequent iterations that adjust the total budgets. Therefore,
the constraints listed in Table 2.1 are nominal and not rigid. Acceptable results can still
be achieved even within values around the boundaries.

The challenge arises in the power budget of the system, which is determined statistically.
Due to the distinct characteristics of communication satellites, a different power budget
might be associated with the same dry mass for IOS satellites, although no data sup-
ports this hypothesis. The scenario for all-electric satellites is distinct, as peak power is
primarily determined by the power consumption of electric thrusters.
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Table 2.1 does not impose any restrictions on the payload power of the satellites, as there
is no explicit relation linking payload power to the total budgets of the satellites. To
address the discrepancy in the ratios of payload power to the total power budget between
IOS satellites (characterized by a lower ratio) and communication satellites (characterized
by a higher ratio), a bus power is extracted from the total power given by the statistical
relations. This extraction is performed using equations 2.6 and 2.3, and the bus power
would be mostly consistent between the two satellite types, thereby avoiding potential
disparities. Evidence has been found in literature[1, 3, 29, 35, 45, 65], to sustain that the
payload mass range is enough for the mass of the robotic arms commonly used. For sure,
the limitations on the payload mass reflect also the type of mission that can be performed,
because only robotic arms of medium or large size can be used due to the lower bound
imposed. Missions deploying a single tether for debris removal cannot be sized due to
the too low mass, and special vehicles like depots for fuel, which do not performs any
maneuvers and are peculiar in the subsystem sizing cannot be designed due to the main
assumptions.

2.4. Subsystems sizing

2.4.1. PS

The sizing of the propulsion subsystem in this study constitutes the foundation of the
entire parametric design, given the multitude of design parameters associated with it.
This subsystem exerts the most significant influence on the total mass and power budget
of spacecrafts once the mission analysis is defined. Therefore, an appropriate sizing of this
subsystem forms the crux of the potential tradeoffs that a system engineer can explore.

For the sake of clarity, before delving into the specifics, a comprehensive overview of the
potential alternatives for the propulsion subsystem is provided, along with the primary
inputs (refer to Figure 2.3).

As depicted in Figure 2.3, four distinct designs are presented as alternatives at a low
level. In reality, they can be consolidated into three, as for electric propulsion sizing, only
the reference data for thruster efficiency and Propulsion Power Unit mass differ between
gridded ion and Hall effect thrusters. In the case of monopropellant and bipropellant
sizing, various pressure regulation techniques are hypothesized. A fully regulated pressure
system is considered for the bipropellant case, while a blowdown system is assumed for
the monopropellant case. These choices result in different equations and reference data.

The diverse low-level architectures proposed for propulsion are then linked to the input
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Figure 2.3: PS subsystems alternatives tree and inputs

∆V values, based on the high-level choices provided as input. The outputs of the electrical
and chemical propulsion system sizings are combined if hybrid propulsion is chosen. The
underlying assumption for hybrid propulsion is that the transfer ∆V is assigned to the
chemical thruster, while the station-keeping and, if applicable, the attitude ∆V budgets
are allocated to the electric thrusters. This is in general true for communication satel-
lites, but the situation changes for IOS satellites, which could perform an electrical orbit
raising, but utilize chemical thrusters for the proximity operation. So a second hybrid
propulsion option is inserted, that takes into account this difference. The equations uti-
lized, referenced from [64], along with the architectural assumptions, will be presented in
the following sections.

Bi-propellant chemical propulsion

The first equation of the system sizing is the well known Tsiolkovsky equation, that will
then be used for every propulsion type for the evaluation of the propellant mass.

Mprop = Mdry · (exp(
∆V

Isp · g0
)− 1) (2.7)
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Here g0 = 9.81m/s2 is the acceleration constant, while the ∆V is given in input by the
user, together with the specific impulse, Isp expressed in seconds, of the thruster chosen.
The densities of the fuel and of the oxidizer, named respectively ρFU and ρOX [7], are given
in input by the user in kg/m3 and are used to define the oxidizer to fuel ratio O/F and
to evaluate the respective masses and volumes of fuel, MFU and VFU and of the oxidizer,
MOX and VOX .

MFU =
Mprop

1 +O/F
(2.8)

MOX = Mprop −MFU (2.9)

VFU =
MFU

ρFU

(2.10)

VOX =
MOX

ρOX

(2.11)

The volume of the tanks is obviously driven by the oxidizer and fuel volume already eval-
uated, and the shape of the tanks is considered to be spherical for an equally distributed
pressure. From these 2 instances, one can retrieve the oxidizer and fuel tank radius,
rtankFU and similarly rtankOX .

rtankFU = (
3 · VFU

4 · π
)1/3 (2.12)

The following step is the tanks’ sizing. For the tank, Titanium is chosen as the reference
material, due to its widespread presence referenced in the past geostationary platforms. Its
higher performances with respect to Aluminum, in terms of density and robustness, make
it the best choice, nevertheless the higher price. The burst pressure of Titanium, is σT i =

950MPa and its density is ρT i = 4429kg/m3. The average pressure tank is considered to
be Ptank = 3MPa. The data reported are referenced in [64]. As a consequence, the fuel
tank thickness and mass are evaluated. The same equations are used for the oxidizer.

ttankFU =
Ptank · rtankFU

2 · σT i

(2.13)

MtankFU = ρT i · 4/3 · π · ((rtankFU + ttankFU)
3 − r3tankFU) (2.14)

The pressurization gas used is Helium, due to its stable nature and its wide histori-
cal use and the gas behaviour is considered ideal. The gas specific constant is Rspec =

2077.35J/(kgK), the average tank pressure is Ttank = 293K. The final pressure value is
the tank fuel and oxidizer tank average value, PpressF = Ptank, while the initial pressure
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value is 10 times the final one, PpressI = 10PpressF [64]. Then the mass of the pressuriza-
tion gas is found, considering the entire fuel and oxidizer volumes together as Vprop, and
the ideal gas law is used.

Mpress =
Ptank · Vprop

RspecTtank

· 1

1− PpressF/PpressI

(2.15)

Then equations 2.12, 2.13 and 2.14 are used to evaluate the pressurizer tank mass. The
masses of the tanks are then summed to report the hardware mass of the PS subsystem,
while the pressurizer mass is added to the oxidizer mass and to the fuel mass to show
the final propellant mass as a whole. In this sizing, the thruster masses and powers are
neglected, because they do not have a relevant weight in the overall budgeting and would
represent 2 more inputs in the overall algorithm. The mass of the pipes is also neglected,
because wrong considerations can be made without knowing the actual configuration and
volume of the satellite.

Mono-propellant chemical propulsion

For the monopropellant propulsion system sizing, as previously said, the only change is
in the pressurization system. The engineering reasons to choose a monopropellant over a
bi-propellant system for a GTO to GEO transfer maneuver, given its lower performances
in terms of thrust and Isp, can be justified by the request for a lower complexity system,
with high reliability. So, a blowdown system is more suited for the scope with respect to
the fully regulated pressurization system.
The only change, with respect to the previous case, lies in the pressurizer mass evalu-
ation and the simplifying assumptions and equation will be now reported. The main
assumptions are on the blowdown ratio, B = 6, on the combustion chamber pressure,
Pchamb = 1MPa, on the feeding line pressure losses, ∆Pfeed = 50kPa and on the injec-
tion losses, ∆Pinj = 0.3Pchamb. The cited assumptions are all referenced in [64], then the
system engineer can be free to adjust those hypotheses, if more accurate information is
available. The tank initial and final pressures are then evaluated.

PtankF = Pchamb +∆Pinj +∆Pfeed (2.16)

PtankI = B · PtankF (2.17)

The set of equations to evaluate the propellant volume, is the same as above, so equations
2.7 and 2.10. Once the propellant volume is known, the initial gas volume must be
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evaluated, with the use of the blowdown ratio.

VgasI =
Vprop

B − 1
(2.18)

The pressurizer mass can now be retrieved with the ideal gas law, using the same assump-
tions for the temperature and for the gas specific constant of the previous section.

Mpress =
PtankI · VgasI

Rspec · Ttank

(2.19)

The tank volume is here evaluated as the sum of the volumes of the fuel and of the
pressurizer and equations 2.12, 2.13 and 2.14 are implemented to find the final mass
budget of the subsystem.

Electric Propulsion

For the Electric propulsion sizing the main assumption is based upon the use of Xenon
as the propellant of the system, because it is the most widely used in literature and to
avoid adding the working conditions of the gas as additional input to the user. These
inputs would require a hypothesis on the typical temperature of the spacecraft tanks and
a simulation of the gas state evolution, based on standardized information from National
Institute of Standards and Technology (NIST) [36]. Instead, the analysis of Xenon isocore
transformation [36], to evaluate its density and its pressure to remain in a supercritical
condition are here previously evaluated, bringing to the following conditions: average
density, ρXe = 1155kg/m3 at Ptank = 18.6MPa, these data are also referenced in [42].
Given this data and the input information from the user on the Isp and on the ∆V , the
propellant mass and the tank mass are evaluated with the equations 2.7, 2.10, 2.12, 2.13
and 2.14.
Differently from before, here the power input to the thrusters cannot be ignored and is
evaluated with the following equation.

Pthrust =
Nthrust · T · g0

2 · η
(2.20)

Where, Nthrust is the number of electric thruster operated simultaneously, T is the thrust
generated by the single selected thruster and related to the Isp. These quantities are all
inserted in input by the user. η is the thruster efficiency and is considered to be 0.5 for
the Hall Effect Ion thruster and 0.7 for the Gridded Ion solution [9, 18, 23, 30, 50–52, 54].
The mass of the Power Processing Unit (PPU) is evaluated with the use of the PPU
specific mass parameter, which is considered to be Mspec = 0.005kg/W for the Hall effect
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and Mspec = 0.01kg/W for the gridded ion [8, 18, 31, 40, 53].

MPPU = Pthrust ·Mspec (2.21)

The data are then summed to obtain the hardware mass and propulsion mass of the
subsystem.

Hybrid propulsion

In case hybrid propulsion is selected by the user, the underlying need is probably because
one of the 2 propulsion systems must be used for the GTO to GEO transfer. As a
consequence, the dry mass in input to the Tsiolkovsky equation 2.7, is not anymore the
dry mass of the spacecraft, but it must be the dry mass plus the propellant utilized for on
orbit operations. As a consequence, there is the need to specify which type of propulsion
is utilized for the GTO to GEO transfer, to add the propellant of the other subsystem
to the dry mass. It must be also specified the type of chemical and electric propulsion,
and 2 different ∆V s will be given in input, one for the chemical propulsion and one for
the electrical propulsion. The resulting subsystem will have 2 separated set of tanks. The
equations used have already been shown.

2.4.2. EPS

For the EPS subsystem, due to the Earth orbiting nature of the satellites selected, the
solution upon which the subsystem is sized, is composed by solar panels for daylight
operations and batteries for the eclipse phases. GaAs solar cells and Li-Ion batteries are
chosen due to their higher performances with respect to the other options and to their
large use in the industry nowadays. These are the state-of-the-art solution for the vast
majority of the spacecraft platform in use nowadays, based on the variety of platforms
selected for this study[33, 38, 39, 58, 59].
The restriction of the analysis due to the type of orbit selected, brings also to fixed values
for other degrees of freedom, which can become parameters in case the orbit selected is
changed for a further development of the tool. The constant values derived from orbital
considerations are the following:

• Eclipse duration, Te = 4320s.

• Daylight duration, Td = 82223s.

• Sun ray incidence with respect to the panel, Θ = 23.44deg.
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• Sun irradiance, I0 = 1366.1W/m2.

The main input required by the sizing is the peak power of the satellite, but it could be
used only for the sizing of the solar panels or a special battery pack could be sized in
order to fulfill only the peak power application, if the duration is not too much. Here,
instead, for a robust and oversized design, the choice has been made to use the peak power
as both daylight power and eclipse power, in order to size both panels and batteries. As
explained above, the peak power mode in this model can be or the nominal mode in which
the payload is in use, or the transfer mode for GTO to GEO orbit raising, if the power
requested by the electric propulsion in this phase is higher than the payload power.
The set of relations used for the sizing of this subsystem are taken from [64] and the
workflow is hereafter reported.

PSA = Ppeak · (
Te

Xe · Td

+
1

Xd

) (2.22)

Where, PSA is the power requested to the solar panels, Ppeak is the peak power and Xe and
Xd are respectively the line efficiency of the power production in eclipse and in daylight.
Direct Energy Transfer type of power management technique, with respect to Peak Power
Transfer technique, has been chosen due to literature considerations on GEO satellites[28].
This led to fixed values for the 2 efficiencies, Xe = 0.65 and Xd = 0.85[28].

P0 = ϵBOL · I0 (2.23)

P0 represents the reference power per unit surface produced by the panel, and ϵBOL = 0.3

[28] is the efficiency of the GaAs solar panel in this model used.

PBOL = P0 · Id (2.24)

PBOL is the power per unit surface produced by the panel at the beginning of its life. In
the formula, Id = 0.77[28] is the inherent degradation factor of the cells and takes into
account production impurities and uncertainties.

Ld = (1− dpy)lifetime (2.25)

Here Ld is the lifetime degradation of the panel due to the aging, dpy = 0.0375 [64] is
the degradation per year of GaAs solar cells and lifetime is the lifetime of the satellite
expressed in years and is one of the main inputs of the mission.
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Hereafter, the power density of the panel at the end of life is retrieved.

PEOL = PBOL · Ld (2.26)

Finally, the solar array total area is retrieved, without taking into account the needed
voltage, which would have added another degree of freedom and of complexity to the
model.

ASA =
PSA

PEOL

(2.27)

The solar array area is expressed in m2. To retrieve the solar array total mass, a surface
density of ρSA = 6kg/m2 is retrieved [46], with the hypothesis of an Al 3003 honeycomb
panel of 2 cm thickness.

MSA = ASA · ρSA (2.28)

For the batteries sizing, 2 important parameters must be introduced, the depth of dis-
charge, DoD = 0.8, where the value selected is valid for GEO satellites [28], and the
Li-Ion battery density, Em = 175Wh/kg [64]. Another assumption that has been made is
about the recharging time, Tr which is assumed equal to the eclipse time, Te. Hereafter,
the battery sizing is reported.

C =
Tr · Ppeak

DoD ·Xe

(2.29)

Where C is the required capacity of the battery in Wh and Tr is expressed in hours.

Mbatt =
C

Em

(2.30)

The mass of the batteries is expressed in kg and the total mass of the subsystem can
therefore be obtained.

MEPS = MSA +Mbatt (2.31)

2.4.3. Statistical sizing

The remaining subsystems are modeled using constant statistical values or linear regres-
sions, depending on the specific subsystem. The TTMTC (separated from the commu-
nication payload in communication satellites in the present model) and TCS subsystems
are modeled using constant statistical values. The assumption here is that the primary
drivers behind the masses and powers of these subsystems are linked to orbital consider-
ations. Once the orbit is defined, in this case, the Geostationary orbit, the external heat
loads and eclipse cycles are also defined. Additionally, the main type and dimensions of
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the antenna dishes, along with the power requested by the Telecom subsystem at a given
streaming data rate, are determined. Therefore, the thermal control strategy remains
common among different satellites, with changes in mass and power made for specific ap-
plications due to specific thermal constraints of the battery and other unknown payloads
that are not significant for the scope of this work. Moreover, assuming that the dimen-
sions of all housekeeping and telemetry data do not differ significantly between different
satellites, the power of the TTMTC subsystem can also be considered unchanged.

On the other hand, the other subsystems, along with the harness mass and power charging
and distribution, can be modeled as a statistical percentage of the dry mass and power of
the spacecraft. The structure grows with the dry mass of the spacecraft, as the definition
of the structural function itself is influenced by higher masses of internal components,
leading to higher static and dynamic loads that must be sustained, resulting in a higher
mass of the spacecraft structure. Similarly, the ADCS grows in both power and mass
due to the change in the spacecraft’s inertial properties that must be controlled with the
higher mass, even if the mass and power of the attitude determination devices remain
unchanged as the dimensions grow. The underlying assumption is that most spacecraft in
GEO orbit utilize a 3-axis stabilization technique with the use of reaction wheels, which
must be larger. The OBDH subsystem, on the other hand, grows with the dry mass and
power of the spacecraft because higher masses and power are linked to a greater number of
electrical components and the need for more channels and higher data dimensions due to
monitoring more parameters. This is also associated with the need for more memory and
computing power with higher mass and power needed by the processing unit. The power
charging and regulation grow with the total power, due to the higher energy dispersion
linked to higher power and a greater number of devices powered by the system. Lastly,
the harness mass grows with the mass, for the same considerations made for the OBDH
system, leading to more cables for both power and information channels.

TTMTC and TCS

To find the constant statistical values, a lot of difficulties have been encountered to find
complete budgets of the spacecrafts. Two of the most complete databases on GEO satel-
lites have been created by MediaGlobe[62] and in the SMAD book [64] and are here used,
without taking into account the possible changes due to technology advancement. The
datasets are reported in the Tables 2.2, 2.3 and 2.4.

The main issue with the dataset in Table 2.2 stays in the range of dry masses covered by
the dataset, that does not take in consideration all the cases covered by this work. This
can be a source of error for the validation part, but due to the underlying hypotheses so
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Table 2.2: GEO satellite subsystems mass distribution [62]. All the values in the table
are percentages, except for the dry mass.

Name P/L Struct TCS Power TTMTC ADCS PS Mdry(kg)
ANIK E 27.6 22.8 4.7 28.7 2.9 3.9 9.4 1270
Arabsat 21.4 15.8 5.3 30.9 5.1 11.6 10.0 573
Astra 1B 30.0 16.2 4.5 30.7 2.3 6.2 10.2 1179
Kopernikus 24.1 18.4 4.1 30.8 4.4 7.2 11.0 656
Fordsat 28.9 19.5 5.0 33.2 0.9 7.4 5.1 1094
HS 601 49.8 12.2 3.1 19.3 4.7 4.4 6.5 1459
Intelsat VII 30.8 17.3 6.7 25.8 1.0 10.1 7.6 1450
Intelsat VIIA 28.8 15.4 6.9 27.4 0.9 9.1 7.5 1823
OLYMPUS 28.5 21.6 5.2 27.4 3.0 5.2 9.2 1158
SATCOM K3 19.0 17.6 4.4 35.6 3.5 6.7 13.2 1018
TELSTAR 4 24.1 10.9 5.6 35.0 4.8 4.4 6.2 1621
Average 28.4 17.1 5.0 29.5 3.1 6.9 8.7
STD Dev 8.0 3.6 1.1 4.6 1.6 2.5 2.4

Table 2.3: GEO satellite subsystems mass distribution from SMAD [64]. All the values
in the table are percentages, except for the dry mass.

Name P/L Struct TCS Power TTMTC ADCS PS Mdry(kg)
FLTSATCOM 1-5 26.54 19.26 1.75 38.53 2.98 7.01 3.94 849.6
FLTSATCOM 6 26.38 18.66 1.99 39.39 2.99 6.77 3.83 870.9
FLTSATCOM 7-8 32.80 20.80 2.14 32.75 2.50 5.68 3.34 1041.9
DSCS II 23.02 23.50 2.77 29.32 6.97 11.46 2.96 475.9
DSCS III 32.34 18.18 5.56 27.41 7.23 4.35 4.09 867.3
NATO III 22.12 19.29 6.51 34.74 7.51 6.33 2.43 320.4
INTELSAT IV 31.24 22.31 5.14 26.49 4.30 7.41 3.14 532.8
INTELSAT V 28.85 21.21 3.21 22.44 3.45 9.00 11.84 835.0
INTELSAT VI 37.60 17.94 3.08 25.40 4.74 4.14 7.10 1779.0
TDRSS 24.56 28.03 2.78 26.36 4.07 6.17 6.92 1565.7
GPS Blk 1 20.49 19.85 8.70 35.77 5.84 6.16 3.61 479.1
GPS Blk 2, 1 20.15 25.13 9.86 30.97 5.20 5.41 3.29 699.1
GPS Blk 2, 2 23.02 25.37 11.03 29.44 3.10 5.25 2.68 858.0
P80-1 41.06 19.00 2.35 19.92 5.21 6.33 6.13 1704.4
DSP 15 36.91 22.53 0.48 26.94 3.84 5.51 2.23 2114.9
DMSP 5D-2 29.85 15.63 2.79 21.48 2.46 3.07 7.42 814.6
DMSP 5D-3 30.45 18.41 2.87 28.97 2.02 2.92 8.66 1012.3
Average 28.7 20.9 4.3 29.2 4.4 6.1 4.9
STD Dev 6.2 3.2 3.1 5.6 1.7 2.1 2.7
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Table 2.4: GEO satellite subsystems power distribution [62]. All the values in the table
are percentages, except for the total power.

Name P/L TTMTC ADCS TCS PS PG&D PCHARG Ptot(W )
ANIK E 86.2 1.2 0.8 2.9 NA 0.7 8.2 3482
Arabsat 72.7 2.8 9.2 6.7 NA 1.3 7.3 1362
Astra 1B 76.6 1.5 1.0 3.8 NA 2.4 14.7 2790
Kopernikus 63.5 2.0 2.8 16.6 NA 3.3 11.9 1412
Fordsat 79.1 1.7 4.2 3.0 NA 1.3 10.8 3110
HS 601 79.4 2.4 2.1 8.4 NA 0.9 6.9 3350
Intelsat VII 72.3 1.1 6.3 7.4 0.2 2.3 10.5 3569
Intelsat VIIA 79.1 0.6 5.0 4.9 0.1 1.2 9.2 4567
OLYMPUS 75.9 1.6 4.1 10.1 NA 1.2 7.1 2832
SATCOM K3 81.6 1.4 0.9 3.0 0.0 1.6 11.5 3150
TELSTAR 4 84.9 1.7 1.3 2.4 NA 0.7 8.9 5673
Average 77.4 1.6 3.4 6.3 0.2 1.5 9.7
STD Dev 6.37 0.61 2.66 4.29 0.09 0.81 2.42

far cited, the dataset is valid for the scope of the work. With the use of the information
in the tables, the constant mass and power of the selected subsystems is retrieved and
reported as the sum of the average value and the standard deviation, to cover the entire
cases with an error which is oversized. However, both Tables 2.2 and 2.3 were used to
retrieve the mass information of the subsystems and only the Table 2.4 was used for the
power of the subsystems, leading to a more uncertain value for the subsystems power with
respect to the mass.

MTCS = 100kg (2.32)

PTCS = 75.6W (2.33)

MTT&C = 75kg (2.34)

PTT&C = 99.6W (2.35)

ADCS, OBDH and Structure

As shown in the chart 1.1, the Structure, ADCS and OBDH subsystems and the harness
mass and the charging and regulation power are linked to the dry mass and total power
of the spacecraft with the use of statistical relations. These relations are taken from [34],
with the use of a dataset of more than 400 satellites, so they are more reliable than the
statistic constant values already shown. In particular, the equations employed for the
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mass sizing are:

MADCS = Mdry · 0.053 (2.36)

MOBDH = Mdry · 0.0307 (2.37)

MSTRUCT = Mdry · 0.2441 (2.38)

Mharness = Mdry · 0.07 (2.39)

In particular, the relation on the harness mass was not retrieved from [34], but from [64],
due to the lack of harness information in the first reference. For the power sizing, the
total power referred to in [34], was interpreted as the total power of the satellite bus, due
to lack of further specification. The equation for the power sizing are:

PADCS = Pbus · 0.126 (2.40)

POBDH = Pbus · 0.071 (2.41)

The non-auxiliary relation were chosen due to the willingness to have covered the majority
of the possible cases.

PCharging = Pbus · 0.5 (2.42)

The charging and regulation power was instead retrieved from the Mediaglobe dataset,
due to lack of data in [34].

2.5. Margin philosophy

The adopted margin philosophy generally follows a reference document [17], from Euro-
pean Space Agency (ESA). The margins used are explicitly reported here and are in ac-
cordance with European Cooperation for Space Standardization (ECSS) documents [15].
These margins are typically employed in the design of space missions, allowing for easy
comparison with traditional non-automated design techniques. The margins adopted pri-
marily pertain to the propulsion subsystem sizing. The first margins are applied directly
after the inputs inserted by the user. Therefore, the ∆V inputs are intended without
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margins.

∆Vtrans = ∆VtransIN · 1.05 (2.43)

∆Vsk = ∆VskIN · 2 (2.44)

Where ∆Vtrans is obtained by then sum of the results of the simulated transfer maneuvers
performed by the satellites and ∆Vsk, refers to the station keeping and attitude maneuvers,
but refers in general to stochastic maneuvers or to maneuvers linked with high uncertain-
ties. However, the margin on the station keeping will be omitted for the validation of the
communication satellites, due to the high level of confidence related to the North-South
station keeping ∆V in GEO. The dry mass used in input to the Tsiolkovsky equation is
also margined, then the margin is also applied to the entire dry mass for the total budget.

MdryMAR = Mdry · 1.2 (2.45)

A margin that takes into account the eventual propellant residuals is inserted for the
propellant mass.

MpropMAR = Mprop · 1.02 (2.46)

Specifically for the electric propulsion, the entire propellant volume is margined.

VEPpropMAR = VEPprop · 1.05 (2.47)

While, for the chemical propulsion, a higher margin is considered.

VCPpropMAR = VCPprop · 1.1 (2.48)

In addition, for the chemical propulsion, a margin on the pressurizer mass is considered.

MpressMAR = Mpress · 1.2 (2.49)

To conclude, for the electric propulsion, a 10% margin is considered for the PPU mass,
due to a finer sizing that will result at the end of the spacecraft design for the choice of
actual existing PPUs.

MppuMAR = Mppu · 1.1 (2.50)

However, no margin has been adopted for the peak power budget because the peak power
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given as output is referred to the total power produced by the solar array, shown in
equation 2.22, so it already presents a growth from its original value. In addition, the
statistical design part does not use as reference the designed data of the spacecraft, but
the real ones. So these data are already margined and a further margin, would lead to an
unreal result. So, the final choice is left to the user whether to utilize a further margin
on the total mass and at which extent.
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The tool underwent validation using two distinct datasets comprising communication
satellites, as accurate information regarding IOS satellites in GEO was unavailable. Two
separate validations were conducted: one for chemical and hybrid design and another for
all-electric satellite design. A comparison was also performed with the statistical relations
presented in [41] for all-electric satellites and with the SDM in [34] for chemical and hybrid
propulsion satellites.

The primary challenge encountered was related to the estimation of payload mass and
power due to the proprietary nature of this information. Payload characteristics signif-
icantly influence the satellite sizing, introducing uncertainties if not accurately known.
In [2], the payload masses are explicitly provided. For other satellites in the test, infor-
mation was obtained using the statistical relation in Figure 1.1, linking the number of
transponders to payload mass, and a model extrapolated from the sizing of communi-
cation payloads in the SMAD book[64] for payload power. The age of the book could
introduce errors, potentially affecting the tool’s validity.

A further proof for the tool, consists in comparing the results of the first statistical relation
with the tool, inside the frame of communication satellite part of the dataset utilized by
the models and the tool can be considered validated because as shown from the Figures
3.1 and 3.4, the error of the tool is similar or lower.

In the second phase of validation, the tool’s flexibility was demonstrated by comparing its
output with a pool of satellites used for meteorology, navigation, or scientific purposes,
which had characteristics external to the database. The output data were marginally
adjusted using a 20% margin for dry mass, as explained in the previous chapter, and the
total power shown represented the power produced by the solar panels, considering line
losses under the hypothesis of Direct Energy Transfer architecture design.

The relative error, expressed as a percentage, was calculated as the absolute value of the
difference between the computed quantity (Qcomp) and the real quantity (Qreal) divided
by Qreal and multiplied by 100.
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Errrel =
|Qcomp − Qreal|

Qreal

· 100 (3.1)

This approach was employed for both power and mass errors. The results demonstrated
the tool’s capabilities, and the validation was separated between chemical and all-electric
satellites to showcase the tool’s effectiveness.

3.1. Chemical and hybrid satellites

For the validation of chemical satellites, statistical relations from [34] have been em-
ployed. This choice is justified by the fact that, between 2000 and 2018, the majority
of GEO-launched spacecraft were chemical satellites, making them a suitable candidate
for comparison. Additionally, the initial iteration of the tool relies on some of the same
relations. Therefore, superior performance in this validation indicates the accuracy of the
assumptions, sizings, and relations for satellite subsystems.

The set of validating relations, denoted as "FADSAT SDM" comprises the equations
previously introduced: 2.1 for total mass, 2.2 for dry mass, and 2.3 for total power. It is
essential to note that this leads to a greater uncertainty in total power compared to total
mass due to error propagation. The only modification is in equation 2.3, where the focus
is on total power rather than bus power. Consequently, the assumption of a 25% power
allocation for the bus power is omitted, and the relation simplifies to:

Ptot = Mdry · 4.15− 1665 (3.2)

In contrast to the "GEOdesign tool," the key distinction lies in the input requirements.
Here, only the satellite payload mass is needed, while the latter tool demands both pay-
load power and additional inputs crucial for system engineer trade-offs, aligning with
the primary objectives of this work. The rationale for this divergence is the uncertainty
associated with satellite payload power, rendering a statistical relation less reliable. Con-
sequently, the payload power is initially associated with the total mass, and then the total
mass is linked to the total power. These quantities are generally well-documented and
widely available, as referenced in [16, 25, 60, 63].
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3.1.1. Input

In this section, the primary inputs chosen for the satellite design, used for validation, will
be presented and justified.

Payload Mass

To align with the statistical relations utilized for validation, a combination of the relations
shown in 1.1 is employed for communication satellites. The input for this relation is the
number of transponders on the satellites, easily obtainable from sources such as [16, 25,
60, 63], and the output is the payload mass.

Mpay =
NoT · 84 + 177

11.9
(3.3)

Here, NoT represents the number of transponders. For non-communication satellites pay-
load mass information was gathered from mission-related websites and, when unavailable,
a similar payload’s information was used. However, this process introduces a potential
source of error for validation, as the primary factor driving satellite selection was the
availability of payload information.

Payload Power

For payload power, two reference tables from [64] displaying power breakdowns for com-
munication payloads were considered. The first table represents the power breakdown for
a communication payload with 48 C-band transponders, and the second table represents
48 Ku-band transponders. Without replicating the entire power budget for each satellite,
the final data on power consumption was considered, and a reference formula was derived.

Ppay =
5690

48
·NoTC−band +

11320

48
·NoTKu−band (3.4)

Two main simplifications introduce potential errors in the payload power estimation.
First, the reference communication payload power breakdown includes the use of Trav-
elling Wave Tube Amplifier (TWTA), which is less efficient than Solid State amplifier.
Second, technological advancements were not considered, potentially leading to a reduc-
tion in power in the overall budget. For non-communication satellites, similar to payload
mass, power characteristics were obtained from various websites, with the substitution of
the power consumption of a similar payload when information was not available.
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aGEO 42164 km
aGTO 24531 km
eGEO 0
eGTO 0.72
iGEO 0◦

iGTO (Ariane 5) 7◦

iGTO (Falcon 9) 28.5◦

Table 3.1: Orbital parameters of initial and final transfer orbits [7].

Delta V

The ∆V for the GTO to GEO transfer is obtained with the hypothesis of an Apogeo Kick
maneuver, which consists in a single firing performed at the apogee of the Geostationary
Transfer Orbit, in which both the circularization of the orbit and the plane change are
executed. The formula for the apogeo kick is the Carnot Theorem, and is here reported
[7]:

∆Vtransfer =
√

v2a + v2GEO − 2 · vGEO · va · cos(∆i) (3.5)

Where the initial and the final orbit have the parameters shown in Table 3.1. As a
consequence, two different ∆Vtransfers are obtained, one for the Falcon 9 GTO [61] with
∆Vtransfer = 1800m/s and one for the Ariane 5 GTO [5] with ∆Vtransfer = 1500m/s, due
to the difference in their inclinations. For the station keeping, instead a reference value
of 55m/s per year is considered [7], and this value is multiplied by the lifetime expressed
in years, which is easy to find in the above cited websites.

Thruster and propellant characteristics

The chemical thrusters used for the apogeo kick, as seen from the most widely used buses
Spacebus, Eurostar, SSL1300 and AS2100 [25, 33, 58, 59] have almost the same charac-
teristics. A thrust around 400N, a specific impulse around 300s and are all bipropellant
thrusters running on Monomethyl Hydrazine (MMH) as fuel and Nitrogen Tetroxide as
oxidizer (N2O4). The reference densities for the propellants are ρMMH = 880kg/m3 and
ρN2O4 = 1470kg/m3 [28]. The thruster taken as references are the EADS Astrium S400,
for the apogeo kick and the EADS Astrium S10 for the station keeping, because they
can share a common tank system, but have different thrust ranges and are the reference
propulsion system for the Spacebus 4000 series [58] for the chemical version. All the
characteristics are described in the Table 3.2. As can be seen from the chamber pressure
information, the hypothesis expressed in the section 2.4.1 and used inside the sizing, holds
for both cases. However, the user is free to change this information if a precise thruster
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Characteristic EADS ST S10 EADS ST S400
Thrust 10 N 400 N
Isp 290 s 318 s

Nominal chamber pressure 9 bar 10 bar

Table 3.2: EADS ST thrusters characteristics [21].

Thrust 0.115 N
Isp 2000 s

Table 3.3: Fakel SPT 100 thruster characteristic, for η = 0.5 [9, 52].

sizing is needed.
For the hybrid satellites, for the primary propulsion design inputs EADS S400 is used

also here, but for the secondary propulsion, the FAKEL SPT 100 D Hall effect thruster
is used, which is a flight proven thruster used in the Eurostar 3000 satellite bus series
[14, 43]. The propellant used is Xenon, which holds the hypothesis on the propellant char-
acteristics utilized in the section 2.4.1. The electric thruster presents a usage curve, that
varies thrust and specific impulse, based on the input power. Here, to hold the hypothesis
on the efficiency done in section 2.4.1, which is 0.5 for the Hall Effect thrusters, the values
of the curve corresponding to that efficiency are selected, which also correspond to the
optimum values. The thruster characteristics in this way retrieved are reported in the
Table 3.3.

3.1.2. Communication satellites

The inputs outlined in the preceding sections are utilized for the preliminary sizing of
a pool of satellites used to validate the code for chemical and hybrid applications. The
selected satellites include those used in [34] as a case study for the validation of the
entire code, and additionally, some other communication satellites with hybrid propulsion
launched from 2000 to 2018 and using satellite platforms included in the statistical dataset
are chosen, as they are likely part of the dataset. In the second figure, the dataset’s actual
total masses and solar array powers are reported, while in the first one, the relative errors
with those values are reported.
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Figure 3.1: Relative error comparison on total mass (left) and on total power (right) for
communication chemical and hybrid satellites.

Figure 3.2: Total mass (left) and total power (right) comparison for communication chem-
ical and hybrid satellites.

In Figure 3.2, it is evident that the tool is validated, as the values are similar to the real
ones. However, slightly lower errors are generally obtained for the total mass budgeting
than for the solar array power budgeting. In fact, the average relative error for the mass
budget is 3% and 3.3% for the power budget. The standard deviations of the relative errors
are, instead, 4.3% for the mass budget and 4.5% for the power budget, demonstrating the
high precision for the sizing of communication mission architectures, due to the choice of
communication satellites datasets for the statistical sizings. Higher reliability for the mass
budgeting with respect to the power budgeting is also an evidence. This discrepancy is
attributed to the uncertainty related to the payload power consumption, a major driver
of the total power. The payload is the main contributor to the power budget due to the
absence (for chemical satellites) or lower contribution (for hybrid satellites) of the electric
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thrusters’ power consumption, assuming that the thrusters and the payload are not used
concurrently, as stated in the section 2.1.

The highest mass relative error of 15%, shown in Figure 3.1, is obtained for Ekspress
AM1 satellite mass, whose value is at the boundary of the 3σ value of 15.9%. The reason
is linked to the input payload mass of 95 kg, outside the dataset input limitations. The
wrong input payload mass leads to an overestimation of the drymass and consequently
to an overestimation of the entire mass of the satellite, despite the correctness of the
solar arrays power. The highest power errors are obtained for the satellites Hispasat 36
W1 and YAMAL 601 whose relative errors are around 10%, due to the difference in the
electric thrusters used as secondary propulsion, than the one used in input, and to the
uncertainty on payload information. However, the errors are contained and acceptable
for the scope of the work. Inmarsat 3 is reported because it is an interesting case, which
makes the validation more robust, even if there is no information on the solar array power
of the satellite, this is why the information is not reported in Figure 3.2. This is the
only satellite in the test dataset, that does not perform an apogee boost maneuver, but
is directly inserted in GEO. So, only the station keeping ∆V is inserted in the sizing,
leading to a correct sizing like for the other cases.

3.1.3. Non communication satellites

The non communication satellites are compared to show the tool flexibility in operating
outside the usual application in Geostationary orbit and to extend the validity of the
hypotheses outside the statistical dataset from which are taken. If the tool gives acceptable
results also in these applications, it means that is better than the actual possible methods
for a preliminary sizing of a non communication satellites and is flexible enough for the
preliminary design of a new concept satellite like the satellites for IOS. Here the tool is
not compared anymore with the statistical relations utilized in the tool and regarding
the communication GEO satellites, but is compared with several statistical relations,
commonly used for the sizing of Earth orbiting satellites to highlight the importance of
such tool. Those relations are:

• Zandbergen relation [47]:based on 34 data of Earth orbiting satellites.

Mtot = 3.66 ·Mpay (3.6)

It has a correlation coefficient of 0.899 and the payload input range is between 20
and 2150 kg.
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• Brown relation for meteorological satellites[10]:based on 8 data points of meteoro-
logical satellites.

Ptot = 1.96 · Ppay (3.7)

The payload input range is between 100 and 450 W.

• Brown relation[10]:based on 40 data points of Earth orbiting satellites.

Ptot = 1.13 · Ppay + 122W (3.8)

It has a correlation coefficient of 0.899 and the payload input range is between 5
and 1000 W, and is used for the non-meteorological satellites.

• SMAD book relation for large satellites[64]:

Ptot = 1.85 · Ppay (3.9)

Which is estimated to obtain relative errors around 35%.

So a further validation, with non communication satellites, is presented in Figure 3.3.
The biggest issues regard the total power budget.

Figure 3.3: Total mass (left) and on total power (right) comparison for out of the database
chemical and hybrid satellites.

As previously noted, the estimations are more accurate for the mass budget than for the
power budget. This is likely due to uncertainties in both the payload and the power
of the payload. The higher average error is a result of the statistical relations used
being ill-suited for satellites with a different purpose, even if they share the same orbit.
However, the results obtained are notably superior for total mass sizing when compared to
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Zandbergen’s statistical relation and marginally better than Brown’s relation and SMAD
relation for power. This reaffirms the tool’s utility in comparison to the use of a common
statistical relation. The average relative error of the tool lies around 15 % for the mass
budget and 43 % for the power budget, with respective standard deviations of 9% and
15%. These data indicate the that sizing is 12% less accurate on average, with respect to
communication satellites mass sizing, however it is still a very good result for the phase of
design for which the tool is intended to be used, especially if compared with Zandbergen’s
relation results. There is also a good alignment with the 20 % design margin inserted
in the dry mass. Significant errors are obtained by every relation in the power sizing, as
depicted in Figure 3.3, the issue may lie in the underestimation of payload powers found
online or in the total reference total powers of the satellites, whose data found are poor.
This sentence is sustained by the fact that the average relative error obtained by the tool,
which is in line with the error obtained by the SMAD relation, is 10% higher than the
error expected by the SMAD book. A further analysis on the power error will be required
for the future works. However, neither one of these satellites is of hybrid type. Therefore,
the error is expected to be lower for hybrid propulsion satellites, because the influence
of the power requested by the electric thrusters can become more important than the
payload needs, leading to more accurate results.

3.2. All-electric satellites

The behaviour of the tool for the all-electric satellites test is separated from the validation
on the chemical and hybrid satellites, because the statistical relations it is based on for the
first iteration of the code are different, as explained in section 2.2. So, like in the previous
chapter, the comparison relations are the ones used in the first iteration, so equation 2.5
for the total mass, and equation 2.6 for the total power, to be evaluated once obtained
the total masses in the first equation. The difference is that the interest is not in the bus
power but in the total power. The second equation becomes:

Ptot = (0.0034 ·Mtot + 0.9759) · 1000 (3.10)

The same considerations on the difficulties of finding the correct payload power hold also
for this case and a possible error can be based on the uncertainty on the payload power
information, that in this set of statistical relations is decoupled from the total power,
while for our assumptions these quantities can be strictly related.
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3.2.1. Input

In this section, the main inputs chosen for the satellited design used for the validation
will be exposed and justified, with a little change on the input ∆V for the orbit raising
with respect to the previous case.

Payload Mass

The payload mass, differently from before, is given in the dataset used as test case, which
is the same of the statistical relations used and shown in [41]. Here, differently from the
previous section, it has been impossible to find an all-electric satellite in GEO with non
communication purposes. This enhances the need of this tool, but at the same time forced
the flexibility of the electric side of the tool to be tested on a series of communication
satellites, with the only peculiarity to be out of the dataset used in [41], so launched from
2018 to today. For these satellites, for coherence with the first validation, the payload
mass is retrieved with the use of a statistical relation present in Figure 1.4, hereafter
reported for completeness.

Mpay = 65.651 · exp(0.0409 ·NoT ) (3.11)

The input needed, as before, is the total number of transponders of the satellites, NoT

and the output is expressed in kg.

Payload Power

The payload power, for both the cases, is retrieved with the use of a statistical relation
shown in Figure 1.4 and here reported for completeness.

Ppay = (3.6147 · exp(0.0007 ·Mpay)) · 1000 (3.12)

Where the result is expressed in W. Differently from before, here the communication
payload breakdown developed in [64] is not used due to the presence of a more precise
relation.

Delta V

The ∆V for the station keeping is defined as above with the little difference that the
average ∆V needed per year is multiplied by the lifetime minus one, because one year
is necessary to reach the GEO orbit in low thrust. For the ∆Vtransfer a correction is
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Characteristic XIPS 25 PPS 5000 SPT 100 D
Thruster type Gridded Ion Hall Effect Hall Effect

Thrust 0.165 N 0.3 N 0.112 N
Isp 3550 s 2000 s 2000 s

Efficiency 70% 50% 50%

Table 3.4: Electric thrusters for orbit raising [9, 23, 50].

performed that takes into account the low thrust nature of the orbital transfer. A margin
of 1.4 [22] is inserted to obtain the new ∆Vtransfer needed for the electric propulsion. As
a result, 2100m/s is the input for satellites launched on a GTO with 7◦ of inclination and
2520m/s is the input for satellites launched on a GTO with 28.5◦ of inclination.

Thruster and propellant characteristics

The spacecraft platforms for the all-electric satellite options ever launched in GEO include:
BSS-702 SP (Boeing), LM2100 (Lockheed Martin), SSL 1300 (Space System Loral), Ex-
press 1000 HTP (ResHeTNev), Eurostar E3000EOR (Airbus), USP (RSC Energia), and
Small GEO (OHB) [2]. It is known that SSL 1300 and E3000 EOR use Hall electric
thrusters, specifically the BPT 4000 and PPS 5000 thrusters, respectively [43, 59]. BSS
702 SP, on the other hand, uses a gridded Ion thruster named XIPS 25 [41]. Therefore, for
the sizing of satellites using Hall Effect thrusters are inserted in input the characteristics
of PPS5000 or SPT 100 D, which is the most widely used in literature, even if mainly for
orbital control [25]. The XIPS 25 characteristics are used for satellites utilizing gridded
ion propulsion. The relevant characteristics are summarized in Table 3.4, corresponding
to the efficiency used in the code. The propellant for all architectures is assumed to be
Xenon, strengthening the assumption made in section 2.4.1. A case-by-case trade-off on
the number of thrusters is made depending on the total mass of the satellite.

3.2.2. Communication satellites

In the previous section, the satellites tested for validation belong to the dataset of statisti-
cal relations utilized for the first iteration of the all-electric satellite sizing [41]. Unlike the
chemical and hybrid propulsion case, the main driver of the peak power of the satellites
in the all-electric case is electric propulsion, which is sized and would therefore lead to a
lower level of uncertainty. This is not evident from the overall relative error on the solar
array power shown in Figures 3.4 and 3.5, and it could be motivated by the presence of
errors on information on the payload power furnished in [2].
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Figure 3.4: Relative error comparison on total mass (left) and on total power (right) for
communication all-electric satellites.

Figure 3.5: Validation on total mass (left) and on total power (right) for communication
all-electric satellites.

In the figures shown, it is clear that the sizing of the electric propulsion system leads to
slightly different results than before, and the average error is higher for both the budgets.
A further reason may lie in the presence of a lower number of spacecrafts in the dataset
used in [41], with respect to the datset used in [34], that links obviously to an error
increase. However, the tool is validated also for this type of architecture, with relative
errors that are lower or comparable to the set of statistical relations developed in [41].
The average relative errors obtained are around 5% for the total mass sizing and 15% for
the total power sizing, with standard deviations around 5% and 6%. The low deviation
standard in the power, is justified by the architecture type, in which the main driver
of the budgeting is the electric thrusters power. So, once the electric thruster type and
number is correctly chosen, the solar array power lies around that value for each designed
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spacecraft, with peculiar differences given by the bus power, which is estimated from the
payload mass. As a consequence, once again, the main driver in the error growth may
be conducted to the uncertainties related to the input payload characteristics. The low
relative errors obtained for the mass estimation are instead linked to the sizing of the
propulsion system. With respect to the power estimation, here the correctness of the
∆V in input mitigates the effect of an inexact estimation of the dry mass of the satellite,
which is linked to both the power error (difference in the weight of the solar panels) and
to the payload mass error. This is also evident in the similar standard deviation with
respect to the power estimation, which can only be linked to the error in the mass input
The mitigation made by the PS sizing lowers the mass average error, while it highers the
power average error, due to the limited set of thrusters and operating conditions used as
inputs. For Angosat 1, as seen from Figure 3.4, the relative error is worse than with the
use of statistical relations in [41] for the total power. The problem can be linked to the
absence of knowledge of the thrusters used in the USP Bus used by Angosat 1 and to
the number of thrusters used, leading to uncertainty on the total power. All the powers
found in literature are multiplied by 1.25 to take into account the power produced by the
solar array, where no explicit indication that the power reported is the power produced
by the solar arrays, as is done for the output of the tool.

3.2.3. Out-of-Database Satellites

As previously mentioned, there are currently no all-electric satellites in GEO orbit de-
signed for a purpose other than communication. This led to the use of all-electric commu-
nication satellites launched after 2018 that are out of the dataset selected for statistical
relations. This allows us to examine the improvements brought by the tool when a satellite
outside the dataset is selected.

In Figure 3.6, it is evident that the tool is more suitable than statistical relations for
preliminary sizing. However, no visible trends can be extrapolated due to the low number
of satellites in this category, but it is clear that the trends in terms of relative errors are
the same of the previous case. However, it is not the same for the statistical relations
found in [41], for which the relative error is visibly grown, when a satellite outside the
dataset is selected. The average relative errors obtained are around 9% for the total mass
sizing and 17% for the total power sizing, with standard deviations around 4% and 11%.
The relative errors are higher than in the previous case, in line with the error growth of
the statistical relations used for the first iterate. However, this first error is then mitigated
by the mission analysis input and the propulsion system input. The standard deviation of
the total mass is in line with the previous case. The standard deviation of the total power
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Figure 3.6: Total mass (left) and on total power (right) for out-of-database all-electric
satellites.

is then due to the relative error of Turksat 5A, which is similar to the others in absolute
value, but presents a lower value of the real budget, resulting in a growth in the standard
deviation. The consistency of the error on the power budget, not the relative one, is due
to the input characteristics of the thruster, as before, which can be tuned better if exact
the operative information are known. It is a further proof of the flexibility of the tool for
the preliminary sizing of new satellites.
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After the validation of the tool, different practical cases of the preliminary sizing of IOS
satellites are performed. The tool will be used to perform a trade-off on the type of
propulsion selected, once the mission scenario is defined, and to look at the variation of
the satellite’s budgets due to the changes in the mission architecture. The two selected
mission profiles and scenarios have been studied by National Astronautics and Space
Administration (NASA) in [3], and the main features useful for the inputs’ selection will
be now described. At the end, the results obtained by the study will be compared to the
tool output.

4.1. Mission scenario 1

The Notional Mission 1 (NM1) study [3] focuses on designing a Servicer spacecraft capable
of capturing and controlling multiple legacy non-cooperative satellites in nearly co-planar
geosynchronous orbits. The objective is to relocate these satellites, such as Solar Dynamics
Observatory (SDO) and Geostationary Operational Environmental Satellite (GOES), to a
disposal orbit 350 km above the GEO belt and acts as shown in Figure 4.1. The Customer
satellites, assumed to tumble at 0.25 degrees per second per axis, are boosted using
supervised autonomous rendezvous and capture, here denoted as Autonomous Rendez-
vous and Capture (AR&C), techniques. The Servicer, equipped with necessary hardware
and fuel, executes sorties to approximately 10 Customer satellites, with about one degree
of orbit plane change between each. The mission life spans 5 years, servicing 10 Customers.

4.1.1. Mission Details

• Launch and Approach: The Servicer is launched into geosynchronous orbit and
gradually approaches the Customer satellite over 4.5 days, using co-elliptic drifts
and Hohmann transfers. Once in proximity, it moves onto a safety ellipse around
the Customer and collects situational awareness data.
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Figure 4.1: Servicer in Launch, Deployed and Docked Configuration (Credit: NASA).

• Rendezvous and Capture: After confirming safety, the Servicer executes ma-
neuvers to approach the Customer along a straight-line path. Robotic arms au-
tonomously grasp the Customer at predefined points, completing the capture. The
Customer goes into free drift, and the Servicer controls the combined stack.

• Disposal: The Servicer boosts the stack into a super-synchronous disposal orbit
(GEO + 350 km) following NASA guidelines for limiting orbital debris. After re-
leasing the Customer satellite, the Servicer lowers itself to a parking orbit 300 km
above GEO until the next Customer mission.

• Mission Operations: Operations are conducted from NASA’s Goddard Space
Flight Center’s Servicing Mission Operations Center (SMOC). The AR&C phase is
supervised from the ground, with scheduled hold points for assessments. Robotic
activities are teleoperated post AR&C phase.

The summary of the phases and the ∆V budget needed to dispose the first satellite
are shown in the Figure 4.2 and comprehend 11m/s, to firstly reach the parking orbit
and 48m/s, for the remaining maneuvers to approach the target, capture, complete the
disposal and come back to the parking orbit. These last operations can then be repeated
for every customer, so 48m/s at least are needed per each customer satellite.
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Figure 4.2: Orbital Maneuvers Performed during Customer Capture and Boost (Credit:
NASA)

4.1.2. System description

The Servicer spacecraft design incorporates sensors, algorithms, and four robot arms
for autonomous capture of non-cooperative Customer satellites in geosynchronous orbit,
followed by boosting them to a disposal orbit. The AR&C package includes sensors and
avionics, featuring a pan/tilt unit. The AR&Cpackage’s total mass is 141.1 kg, with peak
power draw at 128.9 W and peak data rate at 996 Mbps (786 Mbps with compression).
The dimensions of the AR&C sensors and avionics package are 1400 × 750 × 723 mm.

The Servicer is equipped with four 2-meter robot arms, affixed to the front corners, capable
of grasping the Customer spacecraft autonomously. During the AR&C phase, the arms
hold the Customer as the Servicer boosts the stack. Each arm is attached via a mounting
surface housing control avionics and is hard-mounted to the spacecraft structure. A
gripper with Laser Imaging Detection and Ranging (LIDAR) senses the Customer, and
arms are teleoperated from the ground except during AR&C phase, ensuring a signal
latency of less than 3 seconds.

The Servicer features a 3-axis stabilized, sun-pointing, fully redundant bus system with
deployable, gimbaled solar arrays mounted 180 degrees apart. The power system provides
approximately 1,500 W of total average power and includes two 100 Ahr Li-Ion batteries.
The system design utilizes chemical propulsion, with a dry mass of 2,352 kg (including
30% contingency) and a wet mass of 3,694 kg. It can be launched on an Atlas V with 7%

margin or a Delta IV Heavy with 70% margin.
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Integrated Design Laboratory Robot Arm

The Integrated Design Laboratory Robot Arm (IDL) Robot 1 is a dexterous robot sys-
tem developed during the first Instrument Design Laboratory run, based on existing space
robot systems—Ranger (developed by the University of Maryland’s Space System Labo-
ratory) and Front-end Robotics Enabling Near-term Demonstration (FREND) (developed
by Alliance Spacesystems, now MDA, and the Naval Research Laboratory for DARPA).
It is the robotic arm taken as reference for the devolpement of the explained mission.
The 7-Degree of Freedom (DOF) notional arm has a 3-DOF shoulder, 2-DOF elbow, and
a 2-DOF wrist, totaling approximately 2 meters in length and fitting within a 0.35 m³
volume. The arm’s weight, including electronics, is 157 kg, with 34 kg attributed to elec-
tronics. It operates at 380 W power and can transmit data at 1 Mbps. The specifications
are summarized in 4.1.

Table 4.1: IDL Robot 1 Specifications [3]

DOF 7 (3-DOF shoulder, 2-DOF elbow, 2-DOF wrist)
Total Length Approximately 2 meters (divided equally between up-

per and lower arm)
Volume 0.35 m³
Total Weight 157 kg (electronics: 34 kg)
Power Consumption 380 W
Data Transmission 1 Mbps

The entire mission shown is summarized in the table 4.2.

4.1.3. Input

From 4.2, the main inputs are extrapolated. The assumption is that the payload here
is considered to be composed by the devices that enable the servicing: the 4 Robotic
arms and the AR&C sensor package. The ∆V is comprehensive of the budget needed
for each customer and the station keeping maneuvers. The only characteristic known
about the propulsion system is that it is fully chemical, so both monopropellant and
bipropellant solutions will be analyzed, and then a trade-off with the electric propulsion
will be made. However, in the next section, only the chemical propulsion solution will be
analyzed, to have a further proof of the suitability of the algorithm for innovative concept
missions. The thrusters selected for the chemical sizing are the bipropellant thruster
ASTRIUM S400, as for the previous satellites, for primary propulsion, and ASTRIUM
S10 for secondary propulsion, with specific impulse of 290 s, which use both hydrazine
and Nitrogen Tetraoxide, and the monopropellant thruster ASTRIUM CHT400 and Moog
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Table 4.2: Notional Mission 1 (NM1) Summary [3].

Objective Design and execute Servicer missions to capture
and relocate non-cooperative geosynchronous
satellites.

Target Satellites SDO, GOES, and others.
Capture Technique Supervised AR&C with 2-meter robot arms.
AR&C Package Mass: 141.1 kg, Power: 128.9 W, Data Rate: 996

Mbps (786 Mbps with compression).
Robot Arms Four 2-meter arms for autonomous capture,

Mass: 157kg each arm, Power: 380W each arm,
teleoperated from ground (latency < 3 seconds).

Spacecraft Design 3-axis stabilized, sun-pointing, fully redundant
bus system with 1,500 W power, 100 Ahr Li-Ion
batteries, and 250 Gbits data storage.

Propulsion Chemical propulsion, dry mass: 2,352 kg, wet
mass: 3,694 kg.

∆V budget Direct insertion in GEO, 11m/s to reach the
parking orbit, 48m/s for nominal operations for
each customer and 55m/s per year for station
keeping.

Mission Life 5 years
Number of Customers 10
Mission Control NASA’s Goddard Space Flight Center’s SMOC

20N with 230 s of specific impulse for secondary propulsion, which use only hydrazine.
The number of thrusters is 4 for the secondary propulsion and one for the primary. The
main inputs are here summarized:

• Payload mass: 770 kg.

• Payload power: 1650 W. Where the peak operation was considered, in which all
the 4 robotic arms operate contemporary at the maximum power.

• Total ∆V budget: 770 m/s, where also the station keeping is comprehended. Here
the main hypothesis, is that the satellite is directly inserted in GEO with a dedicated
launch with Atlas V.

• Lifetime: 5 years.

• Prop system:

– Bipropellant:
PRIMARY T = 400N , Isp = 318s,
SECONDARY T = 10N , Isp = 290s,
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PROPELLANTS ρMMH = 880kg/m3, ρN2O4 = 1470kg/m3.

– Monopropellant:
PRIMARY T = 400N , Isp = 220s,
SECONDARY T = 22N , Isp = 230s,
PROPELLANT ρMMH = 880kg/m3.

4.1.4. Results comparison

Here, the results of the tool are compared with the ones obtained by the NASA study. The
output is reported in the Table 4.3, but in order to properly compare the 2 results a change
in the code has been made, by putting a 30% margin instead of the 20% defined in equation
2.45, which again shows the flexibility of the tool to be applied for a preliminary phase.
It appears that the payload power alone is much higher than the total power obtained

Dry mass(30% marg) Total mass Total power
NASA value 2350 kg 3700 kg 1500 W

Monopropellant 2576 kg 4318 kg 2860 W
Bipropellant 2361 kg 3550 kg 2860 W

Table 4.3: GEOdesign tool results for different thrusters

by the study. This discrepancy may be attributed to the interpretation of average power,
as indicated in Table 4.2, or potential overestimation of the payload power. Without
additional means of payload power estimation, it is suggested that the average power in
the study may refer to the mean power used by the spacecraft between the lowest and
highest consumption modes, resulting in a lower error than reported.

Table 4.3 reveals a high convergence achieved for the bipropellant case with the real dry
mass of the satellite. Thus, it is likely that bipropellant propulsion is the selected option
for the mission. However, an error of 150 kg is observed with the total mass, indicating a
potential discrepancy in the input ∆V or in the thrusters selected. The resulting error is
acceptable for the mission phase in which the tool is going to be used. However, to find
a more accurate value, one should iterate by looking at different types of thrusters with
slightly lower specific impulse than the ones selected or by adding specific margins to the
maneuvers. After multiple attempts, it was found that the application of a 20% margin
to the ∆V of the servicing maneuvers (client approach and Autonomous Rendez-vous and
Capture (AR&C)), results in a more accurate sizing. The values with the addition of the
margin are Mtot = 3718kg and Mdry = 2374kg. This underscores the tool’s utility for
reverse engineering purposes in the context of innovative missions.
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4.1.5. Propulsion trade-off

With the use of the tool it is also possible to perform a trade-off between the electrical and
chemical propulsion, so in the next session a trade-off considering the new updated ∆V and
the electric thrusters in 3.2 will be performed. In particular, the chance to perform also
the GTO-GEO transfer. The enhancement of the number of possible customer serviced
with respect to the chemical thrusters is instead difficult to be investigated, due to the lack
of a AR&C study with low thrust for non-cooperative objects. Of course the maneuvers
will not be instantaneous anymore and the orbit closing for the rendez-vous is more
difficult with a low thrust solution, so a hybrid solution is presented, where the chemical
propulsion is still present for the AR&C and disposal maneuvers. The criticality of the
analysis consists in the absence of a dedicated low thrust mission analysis that could
invalidate the ∆V values presented in the next section. However, here the fundamental
hypothesis is that, given the low ∆V s considered in the single maneuvers of this phase,
the differences between the retrieved values and the ones that could be computed with
an optimization are negligible for the scope of the work.

GTO-GEO transfer upgrade

Even if the mass of the entire subsystem is already high, in order to lower the costs,
one can better think to enhance the system by enabling the GTO to GEO transfer with
the use of electric propulsion. The AR&C phase maneuvers and the disposal maneuver,
once the spacecraft is docked, will be performed with the use of the secondary propulsion
chemical thruster chosen for the previous phase, while the electric propulsion will be
also used for the orbit change maneuvers between the different servicing periods and the
station keeping. This choice, despite the mass penalty, will enable a GTO launch, that
could result in an overall lowering of the sustained costs, due to the lowering of the launch
costs, despite the insertion of electric thrusters, of additional solar panels and of additional
propellant mass. As it is visible from the table 4.4, a GTO launch is more widely available,
giving more freedom for the mission scheduling, but can also lower consistently the launch
cost. The lowest cost can be around 11000e/kg if a ride-share configuration on a Falcon
9 or Falcon Heavy launch is chosen, against 48000e/kg if a GEO launch of a satellite,
heavier than 5000 kg, is performed and the only available launcher compatible with the
schedule is Delta IV Heavy.

The low thrust ∆V s for the maneuvers are evaluated, with an analytical formula derived
with the use of several approximations. It is specific for continuous thrust maneuvers with
a thrust vector perpendicular to the radial direction. The other hypothesis are: there is
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GTO P/L mass GEO P/L mass Launch cost
Ariane 62 4500 kg None 70 Me
Ariane 64 11500 kg 5000 kg 115 Me
Falcon 9
Reusable 5500 kg None 62 Me

Expendable 8300 kg None Unknown
Falcon Heavy

Reusable 8000 kg 3750 kg 89 Me
Expendable 26700 kg 6722 kg 138 Me

Delta IV Heavy 10100 - 14120 kg 6750 kg 320 Me

Table 4.4: Launchers characteristics. [4, 6, 11, 13, 55, 57, 61]

no inclination change between the maneuvers, the initial and final orbits are circular,
the thrust is only in the transversal direction and, the strongest hypothesis, the thrust is
constant during the transfer, which however is well suited to the brief maneuvers intended
for this mission architecture. The derived formulas are the following [44]:

∆V = (1− r0
rf
) · v0 (4.1)

Used if r0 < rf . And in the opposite case:

∆V = (
r0
rf

− 1) · v0 (4.2)

Where r0 and v0 are the position and the velocity of the spacecraft in the first circular
orbit and rf is the radius of the final circular orbit. The resulting low thrust ∆V for the
manuevers, from the parking orbit to the GEO and from the disposal orbit back to the
parking one for 10 clients is of 300 m/s. The remaining chemical ∆V for the AR&C and
the disposal of 10 clients is of 350 m/s. To the electrical ∆V must be added also the
station keeping already presented and the GTO-GEO transfer, with the margin of 1.4[22]
already presented. This can change between 1500 m/s if the GTO inclination is around
6◦ degrees (Ariane 6, Delta IV Heavy highest payload mass) and 1800 m/s if the incli-
nation is around 28◦, prior to the margin application. The number of thruster selected
is 3 for SPT 100 D and 2 for XIPS 25 and PPS 5000, whose characteristics are enlisted
in the Table 3.4. It is evident from Table ?? that opting for a hybrid solution
with orbit raising conducted by electric thrusters consistently results in lower
launch costs for this specific mission. The potential savings can reach around
40 million euros, especially when launching from Geosynchronous Transfer
Orbit (GTO) using Falcon 9 compared to Ariane 64 in Geostationary orbit
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(GEO). This calculation takes into account the cost difference in satellite pro-
duction as well. The value ∆costsat is a cost difference between the chemical satellite
launched in GEO and the hybrid satellite launched in GTO. The exact coefficients used
for the evaluation of these costs cannot be shown, because are property of D-Orbit. The
evaluation of the costs was based on three main function, structured as follows.

∆EPScost = f(∆Ptot) (4.3)

∆PScost = f(∆Mox,∆Mfu,MXe, NELthrusters,∆NCHEMthrusters) (4.4)

Where, MXe, NELthrusters, NCHEMthrusters are, respectively, the Xenon mass, the number
of electric thrusters and the number of chemical thrusters, differenced by thrust. So, it
was not taken into account the growth of the cost based on the variation of the other
subsystems’ variations, but one can state that, as the main point of the entire thesis has
demonstrated, the most important differences in terms of masses and powers are linked
to EPS and PS subsystems.
This type of thruster requires a higher time for the orbit raising, with respect to the others,
but always below a transfer duration of one year. This was the driver in the selection
of the number of thrusters (simply estimated by dividing the ∆V by the acceleration at
Beginning of Life and considering a 90% of duty cycle[20]). The biggest drawback in this
solution is the increase of the panels area, resulting from the power increase that can
lead to 43m2 for the XIPS 25 and PPS5000 solutions. This increase can be a too strict
limitation for the proximity operations. As a consequence, one can think to install a
retraction mechanism for the proximity operations (with the drawback to be less reliable)
or simply to mount less thrusters or less powerful thrusters by increasing the transfer time
and the shielding needed. However, these deeper analyses on the technical criticalities of
the proposed solutions are outside the scope of this work and are to be done by the
system engineer outside the tool. This trade off can be exploited much faster than the
usual methods and by also trading off at the same time with the mission operations. In
this case, for example, it is clear that no ride-sharing is permitted, because it is unlikely
to find a 1500 kg satellites that reaches GTO. So, one can trade off to service more
satellites, by adding the corresponding ∆V needed for each excess satellite and by adding
the corresponding lifetime increase in input to the tool, and see how many more clients
can be served and full the payload fairing. This is a further proof of the role of this tool
as the enabler for the financial sustainability of the next generation IOS satellites. The
results for PPS5000 are not reported under the section of Ariane 62 in the Table 4.5,
because the output total mass is higher than the launcher maximum payload mass. For
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Mdry Mtot Ptot Launch cost ∆costsat
Ariane 64

GEO chemical value 2350 kg 3700 kg 1500 W 115 Me 0 e
Ariane 62
XIPS 25 3264 kg 4404 kg 11 kW 70 Me +5.3 Me

SPT 100 D 2952 kg 4155 kg 7.5 kW 70 Me +6.2 Me
Falcon Heavy

GEO chemical value 2350 kg 3700 kg 1500 W 89 Me 0 e
Falcon 9
XIPS 25 3280 kg 4485 kg 11 kW 62 Me +5.7 Me
PPS 5000 3402 kg 4955 kg 11.5 kW 62 Me +6.8 Me
SPT 100 D 2977 kg 4278 kg 7.5 kW 62 Me +7.8 Me

Table 4.5: GEOdesign tool results comparison for GEO chemical and GTO hybrid solu-
tions.

a further comparison, the same tradeoff has been performed with all chemical satellites
launched in GTO, but the resulting spacecraft were too heavy to be launched with Ariane
62 and Falcon 9, resulting in a lower competitive advantage with respect to the ones
already shown.

4.2. Mission scenario 2

As a reference for the second mission scenario, the Notional Mission 2 (NM2) developed by
NASA[3], was taken into account. It focuses on developing a mission concept for in-orbit
refueling of multiple Customer spacecraft at GEO. The mission involves two satellites:
the Refueler and the Fuel Depot. The Refueler, a small and agile spacecraft, refuels five
Customer satellites during each sortie and rendezvous with the Fuel Depot for refueling
between sorties. The Fuel Depot, a minimalist design, carries enough fuel for the Refueler
to service up to 25 Customer satellites. The mission assumes launch in 2015, with a
10-year mission life.
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Figure 4.3: Refueler docked to the depot (left), Refueler docked to a customer (right)
(Credit: NASA).

4.2.1. Mission Details

Table 4.6: Notional Mission 2 (NM2) Components

Refueler Small and agile spacecraft designed to refuel five
Customer satellites during each sortie

Fuel Depot Passive spacecraft with minimal subsystems, car-
ries fuel for up to 25 Customer satellite refuelings

Launch Configuration Launched together on a Delta IV Heavy to 100
km above GEO

Mission Life 10 years

Key Assumptions

• Customer satellites have attitude rates less than 0.25 deg/sec/axis.

• Refueler solar array has at least 30% illumination.

• Two toolboxes on the Refueler are adequate to refuel five Customer satellites at a
time.

• Six additional toolboxes on the Depot are sufficient for refueling follow-on Customer
satellites.

4.2.2. System Description

The mission comprises the Refueler and the Fuel Depot. The Refueler, weighing 1,894
kg (including 30% contingency), carries a modified AR&C system (without a pan/tilt
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unit but with four extra cameras), two robot arms, two toolboxes, and the refueling
system/package. After initial separation from the Depot, the Refueler raises its orbit
from GEO + 100 km to GEO + 127 km, drifting between Customer spacecraft. When
within 300 km of a Customer, it lowers its orbit to GEO – 30 km to initiate the AR&C
sequence, expending 20 m/s of ∆V . After capturing and refueling the Customer, the
Refueler drifts to the next Customer. This cycle repeats until six Customers receive 20 kg
of propellant each. After refueling, the Refueler performs AR&C with the Depot, corrects
its orbit plane, tops off its fuel, and continues sorties. The Refueler and Depot stack
boosts to GEO + 300 km for disposal.

Table 4.7: Refueler Specifications [3]

Dry Mass 1,894 kg (includes 30% contingency)
Components Modified AR&C system, two robot arms, two

toolboxes, refueling system/package
Refueling system charac-
teristics

Maximum propellant payload of 120 kg (20 kg for
6 clients) and 7 kg of Titanium spherical tank

Robotic system character-
istic

From table 4.2. AR&C system mass: 141.1 kg,
AR&C system power: 128.9 W. Two 2-meter
arms for autonomous capture, Mass: 157kg each
arm, Power: 380W each arm, teleoperated from
ground (latency < 3 seconds).

∆V budget 20 m/s for each AR&C sequence, 5.6m/s for each
client approach, 2.1 m/s for each depot approach
6.3 m/s for disposal. For a total of 945 m/s for
operations for 25 satellites and for 5 trips to the
refueler spacecraft. A further budget for 54 m/s
of station keeping per year is assumed, with the
refueler that performs the station keeping on the
depot, once docked. The results are obtained
with the sizing of Hohmann transfers between
the orbits shown in figure 4.4, except for the ren-
dezvous and capture, which is given [3].

Power Source 7.2 m² solar array, 2 x 100 Ah Li-Ion JSB batter-
ies

Communication S-band Omni, X-band HGA (10 Mbps downlink)

In this mission, the Refueler autonomously captures and refuels Customer satellites using
its robot arms and toolboxes, demonstrating a comprehensive solution for in-orbit refuel-
ing in GEO. It is assumed that the same robotic arm of the previous mission scenario is
utilized. However, the case study will be only done for the Refueler, because as can be
seen from Table 4.8, the components of the depot are too different from the communica-
tion satellites architecture utilized in the statistics. The ADCS of the depot is passive,
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Table 4.8: Fuel Depot Specifications[3]

Dry Mass 1,326 kg (includes 30% contingency)
Components Composite truss design, MLI, heaters, thermis-

tors, no RF communication, passive ADCS with
solar sail. Hidrazine propellant and N2 pressur-
ant as payload.

Toolboxes Six toolboxes for servicing Customer satellites

Figure 4.4: Refueling mission scenario (Credit: NASA)

differently from the tool. There is no RF communication and no heat pipes are there in
the depot. There are also no avionics and batteries, leading to a unique design of the
depot satellites. It is basically a tank, with interfaces for the docking and with solar
panels, that give energy to the thermal control devices. This leads to the invalidation of
the hypothesis of the tool expressed in section 2.1. Another problem would be that the
mass of the six toolboxes services for the Refueler is unknown, and the range of payload
mass, due to the high quantity of fuel can be out of the limitations imposed.
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4.2.3. Input

As before, the main inputs are extrapolated from the Tables 4.2 and 4.7, and the same
set of thrusters of the previous section is utilized. The input for the Refueler sizing can
be summarized as follows:

• Payload mass: 582 kg, which takes into account, the robotic arms, the AR&C

system, and the 120 kg of fuel that will be delivered to the 6 clients satellites,
between two consecutive refuelings at the depot, and 7 kg of Titanium tank to
contain the fuel.

• Payload power: 890 W. Where the peak operation was considered, in which the 2
robotic arms operate contemporary at the maximum power, together with AR&C
sensor system.

• Total ∆V budget: 245 m/s for transfer and 108 m/s for station keeping, where
is considered that the station keeping is performed at the docking with the depot
at the end of the operations. The ∆V is different from the table 4.7, because it is
considered that the satellite goes to the depot to refuel itself, once every 5 customers,
so only the maneuevers needed for the refueling of 5 customers and the back and
forth to the depot station are considered.

• Lifetime: 10 years.

• Prop system:

– Bipropellant:
PRIMARY T = 400N , Isp = 318s,
SECONDARY T = 10N , Isp = 290s,
PROPELLANTS ρMMH = 880kg/m3, ρN2O4 = 1470kg/m3.

– Monopropellant:
PRIMARY T = 400N , Isp = 220s,
SECONDARY T = 22N , Isp = 230s,
PROPELLANT ρMMH = 880kg/m3.

The bipropellant is shown in the comparison just to look at the differences between the
2 systems, because it is a priori known that the spacecraft system is a monopropellant.
This is due to the operations needed, when the spacecraft docks to the depot, the fuel
taken is for both the maneuvers that will be executed in the following 2 years and fot the
customer satellites. In addition, the N2 pressurizer is loaded together with the propellant
for the spacecraft operations. So, knowing that the depot carries only Hydrazine and
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Nitrogen, it is obvious that a monopropellant system is used.

4.2.4. Results comparison

Differently from the NM1 case, here no information is given on the total power of the
satellite, but the total area of the solar panels is known, so the comparison will be con-
ducted on that value. As before, a margin of 30% is applied to the dry mass for a fair
comparison with the paper values. The results in Table 4.9 demonstrate the effectiveness

Dry mass(30% marg) Propellant mass SA power SA area
NASA value 1894 kg unknown unknown 7.2 m2

Monopropellant 1898 kg 543 kg 1890 W 8.8 m2

Bipropellant 1837 kg 401 kg 1890 W 8.8 m2

Table 4.9: GEOdesgin tool results for different thrusters, for refueling mission

of the tool in providing precise estimates for the dry mass of the satellite. Furthermore,
the tool allows for trade-offs between different operational concepts, as seen in the case of
choosing between monopropellant and bipropellant systems. The tool suggests a potential
overall mass saving of 570 kg by opting for a bipropellant system, but it also highlights
the increased complexity and operational risks associated with this choice.

Despite a slight mismatch in the solar panels area, it is acknowledged that this discrepancy
could be attributed to uncertainties in the payload power. Specifically, the paper [3]
currently provides the peak power of a single arm, while the total power during the
operations of both arms is not known. This contributes to the overall uncertainty in the
results.

In summary, the tool offers a means to obtain mass and power budgets for IOS spacecraft
with acceptable precision, given the knowledge of operations and payload. It facilitates
rapid and precise trade-offs between different operational concepts compared to standard
methods. By using the tool, the focus can be directed toward operations and payload
definition, streamlining the preliminary design process.

The tool also proves useful in extracting information from missions, even when specific
details are not available. For example, the tool retrieved the propellant mass of the
spacecraft for each sortie after evaluating the ∆V with simple Hohmann transfers. This
led to a total propellant mass of 2715 kg, enabling the sizing of the depot spacecraft.
However, it is reiterated that the depot cannot be fully sized using this tool due to its
unique characteristics, and the payload mass remains out of range for the tool. For this
case a GTO - GEO transfer enhancement, with the use of electric propulsion is less suited
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than before, due to the peculiar servicing characteristics, which suggests the only use of
monopropellant thrusters. However, the total mass of the depot and the servicer together
is around 6480 kg, by adding the total propellant mass evaluated per each sortie and the
depot dry mass, from [3]. As a consequence, the launch can only be made with Delta IV
Heavy or Atlas V or Falcon Heavy. In line with what has been suggested in the previous
case study, in order to avoid to launch with Delta IV Heavy (which has a cost of 350
Me, as reported in 4.4), one can trade off with the number of customers serviced. By
serving less clients, one can save as much as 200 Me, just for the launch. With the use
of the tool for this trade off, one can quickly retrieve the number of clients to be served
to be launched with Ariane 64, and trade-off by knowing the servicing income. If one can
launch with Falcon Heavy, then the cost is around 138 Me, for the expendable launch
configuration, leading to the least consumption for this type of architecture, without any
changes. The mass is in line with Falcon Heavy payload limitation, because it has been
retrieved from previous launches, that Falcon Heavy is capable of transporting a payload
of at least 6722 kg[13] in GEO.

In conclusion, the tool offers significant time savings in the preliminary design of space
architectures. It allows designers to focus on operational concepts and explore different
options efficiently.
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developments

The present work has demonstrated the feasibility in the creation of a fast preliminary
sizing tool for architectures in geostationary orbit. Despite the use of statistical relations
of datasets composed only by communication satellites, the tool has been demonstrated
to be effective and to be superior to the already existing preliminary sizing statistical
relations in the budgeting of non-communication satellites, with acceptable performances.
Due to the limitations imposed in the payload type and in the payload mass, it has been
demonstrated the possibility to design preliminary architectures for GEO IOS missions,
which was the main scope of the work. Hereafter the tool’s benefits, limits and possible
future developments will be exposed.

Benefits of the tool

• The GEOdesign tool has proven to be faster than traditional methods for prelimi-
nary design.

• It offers an acceptable level of accuracy, with respect to the early phase of the design
in which it can be used, even superior to statistical relations found in the literature
and comparable to mission designs conducted by NASA researchers.

• It is of great help for the maneuvering strategy definition performed by the mission
analyst by giving the change also in the dry mass of the spacecraft, once the payload
of the mission is defined.

• With the use of this tool, the attention can be shifted towards the operations of the
mission, by instantaneously analyzing the effects on the entire architecture caused
by the insertion of a different maneuvering strategy or of a different servicing time
or by the increase of serviced satellites.

• High level trade offs, regarding the choice of the insertion orbit and of the type of
propulsion, can be performed faster than before, resulting in a conspicuous cost-
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effective advantage, has as been shown in the case study chapter.

• The GEOdesign tool does not require the entire designing team to be reunited and
to reiterate the work, to perform the trade-offs already cited.

Limits of the tool

• The input payload mass is constrained between 130 and 650 kg for chemical and
hybrid satellites and between 140 and 1500 kg for all-electric satellites, due to the
input limitations in the databases used. In addition, a limitation in the satellite
output mass, is associated to the input one, without the possibility to design small-
sized spacecrafts.

• Restrictions on the types of spacecraft that can be sized. For instance, it cannot
accommodate peculiar spacecraft types like the depot spacecraft presented in the
second mission scenario, which lacks a TTMTC system, propulsion system, and has
a passive ADCS. The first limitation is intrinsically linked to a restricted selection
of the type of payload that can be used. A single tether for the debris removal is for
example not feasible to be used in the design, due to the low mass associated. As
a result, the tool is well suited for the sizing of IOS spacecraft with robotic arms of
certain dimensions, and for the sizing of refueler spacecrafts with a limited amount
of fuel, that probably rely on a Depot satellite or on a mother station to pick up
the fuel.

• The subsystems’ budgets have not been validated due to lack of exact information
in literature.

• The technical limitations of the solutions proposed, like for example the maneuvering
constraints imposed by larger solar arrays, must be determined by the engineering
team outside the tool.

Future Developments

In terms of future developments, the tool can be enhanced in the industrial perimeter
under the following aspects:

• It could be expanded to cover a broader range of orbits and accommodate various
spacecraft types.

• A more in-depth statistical analysis of subsystems not currently modeled could be
undertaken.
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• Integration with a mission analysis tool to form an optimizer for in-orbit servicing
missions is another avenue for improvement. This would provide the entire mission
profile as output, including the number of satellites that can be serviced based on
propellant payload, and enable trade-offs on thruster selection.

• The addition of a cost model that can enable a cost trade off as a direct output
of the tool, that brings to an exact evaluation of the minimum price to apply to
the single servicing. Consequently, the tool can be inserted into an optimizer to
evaluate the optimal mission architecture to obtain a certain revenue.

• The development of a graphic user interface, to make the tool user-friendly.

Under the academical point of view, further enhancements may involve expanding payload
limitations by incorporating specific sets of relations for more and less massive payloads.
The tool could offer a choice between different payload characteristics, leading to entirely
different relations and sizings. For example, when sizing a depot, knowing the propellant
mass would simplify the process to structural and thermal considerations only, with a
set of equations distinct from those presented in this work. This would lead to the
possibility of designing more innovative mission concepts and scenarios, which can be too
advanced for the current technology readiness level, which is instead a priority in the risk
mitigation on the industrial side. A further option is to add specific relations with the
use of SPace ENVironment Information System (SPENVIS), that relate a mass increase
for the shielding proportional to the time spent for the GTO - GEO transfer, which is
partially taken into account for the electric satellites but not for the hybrid ones.

In conclusion, the use of this tool provides a significant advantage for companies explor-
ing concepts for in-orbit servicing satellites. It grants system engineers the flexibility
to evaluate mission operations freely, delivering precise and rapid responses on system
architectures once the payload is selected.
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